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Abstract

An experimental study of transonic flow unsteadiness is presented to characterize three-
dimensional shock-boundary layer interaction in the context of aeroelastic instabilities oc-
curring at modern transport type wings. The local interaction between three-dimensional
flow and wing structure is analyzed at a high aspect ratio swept wing configuration with
supercritical airfoil BAC 3-11/RES/30/21 based on a simplified aeroelastic setup with pre-
defined harmonic wing motion. The structural unsteadiness, which is typically a coupled
bending-torsion mode, is separated into the bending and torsional degree of freedom.
Wind tunnel experiments have been performed with a variation of the free stream Mach
number and angle of attack for low frequency and small amplitude structural oscillations.
The focus of the analysis is on two flow cases, one with weak shock-boundary layer inter-
action with incipient separation and one with strong interaction inducing rear separation.

1. INTRODUCTION research is aimed at contributing to the efforts on under-
standing the role of three-dimensional unsteady aerody-
The highly non-linear character of the transonic flow field is  namics in transonic flutter. The unsteady aerodynamic
a major reason for the occurrence of an unsteady aeroe-  field is analyzed on the basis of shock waves of different
lastic response of the aircraft wing in cruise flight condi-  strengths involving boundary layer separation. To enhance
tions. The unsteady nature of the viscous shock - bound-  the understanding of the role unsteady three-dimensional
ary layer interaction (SBI) induces a time-dependent load  flow plays in the transonic fluid-structure interaction, the
distribution on the wing structure. A boundary layer sepa-  highly complex system of aero-structural action and reac-
ration induced by the strong pressure gradient generates  tion is simplified to a predefined harmonic motion of the
an unsteady forcing of the wing structure independently  wing. The focus is on low frequency and small amplitude
from any structural motion, while it affects motion-  oscillations of the wing structure, since small surface mo-
dependent forces, thereby leading to a negative damping  tion can induce large changes in aerodynamic loading as
of the aerodynamic field surrounding the wing. The occur-  well as increments in shock excursion relevant at the on-
rence of dynamic aeroelastic effects is reflected by a sharp  set of aeroelastic instabilities.
decrease of the flutter boundary to a minimum in the high
sub-transonic range followed by a rapid recovery close to 2. EXPERIMENTAL SETUP
flight Mach number M., = 1. For a given wing structure the
aerodynamic forces increase strongly with the flight speed, 2.1. BAC 3-11 Swept Wing Model

while the elastic and inertial forces of the wing structure The wi | | . ion in th .
remain unchanged, resulting in the well-known ‘transonic e wind tunnel model under consideration in the experi-

L ments is a right side backswept semi-span wing with the
dip’ of the flutter boundary [1], [2]. supercritical airfoil BAC 3-11/RES/30/21. This airfoil was
Modern transport aircraft wings with sweep, taper and high ~ used in an experimental wind tunnel test campaign in [12].
aspect ratio typically exhibit a structural response in the  The thickness to chord ratio is 11%. FIGURE 1 shows the
first coupled bending — torsion mode. Although the high  wing model plan form consisting of two segments with a
aspect ratio swept wing is generally receptive to destruc-  constant leading edge sweep angle of 34° and different
tive bending — torsion flutter [3], the energy transfer rate  trailing edge sweeps of 22° up to a relative half span of
from the flow to the wing structure is limited by the aerody- 7 = 0.514 and 26° between 0.514 and the wing tip. With an
namic non-linearity arising from the shock dynamics to  aspect ratio of 7.54 and taper ratio of 0.38 the wing plan
reduce the flutter response to a limit cycle oscillation form resembles that of a modern transport aircraft wing.
(LCO) with moderate amplitude. Thus, the non-linearity of ~ The wind tunnel model is very small with a semi span
the transonic flow not only gives rise to the development of s =280mm, and mean aerodynamic chord of ¢ = 74.3mm,
the instability, but also provides a stabilizing attribute that ~ while the largest chord is 104.35mm at the wing root.
averts the divergent system behavior of classical flutter.

Experimental and numerical research activities on the limit
cycle phenomenon in the two-dimensional flow regime [4]-
[11] come to the conclusion that in general the oscillations
are initiated by the unsteady motion of shock waves. This
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FIGURE 1. Plan view of the supercritical BAC 3-
11/RES/30/21 swept wing model, dimensions given in mm.

The wing structure is made of an orthotropic ultra-high
modulus carbon fiber laminate sandwich shell. To incorpo-
rate measurement equipment into the extremely slender
wing structure the sandwich shell is designed as the major
structural component without any supporting ribs or spars.

The wing model aeroelastic deformation is measured by
videogrammetric tracking of 24 markers distributed in 8
semispan positions on the wing upper surface. The mark-
ers have an approximate diameter of 5mm. The wing
model is equipped with several subminiature pressure
transducers Entran EP-l and Kulite XCQ-080 incorporated
in the wing section n=0.286. The dynamic transducer
signals are recorded and digitized with the data acquisition
system of the Trisonic wind tunnel at a sample rate of
fs = 20kHz with anti-aliasing filter at 10kHz. Each trans-
ducer is installed in closest proximity to the corresponding
pressure orifice to minimize the damping and phase shift
of the measured pressure signal against the actual signal
on the wing surface. As described by Tijdeman in [1], such
a connection tube can lead to considerable differences
between the true instantaneous pressure and the one
measured by the transducer. Following the theory estab-
lished in [13], the transfer function of the pressure tube
connection system incorporated in the composite wing
model can be calculated. In the reduced frequency range
relevant for the harmonic wing forcing experiments. the
damping of pressure fluctuations remains small.

The laminar-turbulent transition of the boundary layer is a
significant parameter to determine the shock — boundary
layer interaction. To simulate a flow that in most respects
resembles a realistic high Reynolds number flow, the
boundary layer transition is fixed at a line of 5% chord with
a 117um zic-zac shaped transition strip on the lower side
and trip dots of 1mm in diameter and heights between
101.6pym at the wing root and 52.0um at the tip with a
constant spacing of 2mm on the wing upper side. The
variable trip dot height is just sufficient to trigger transition
to avoid an over fixation of the boundary layer on the up-
per surface.
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2.2. Trisonic Wind Tunnel Facility

The experimental investigation has been conducted in the
Trisonic Wind Tunnel of the RWTH Aachen University.
This facility is an intermittently working vacuum storage
tunnel capable of producing flows with Mach numbers
between 0.4 and 3. For transonic flows with freestream
Mach numbers below 1, the tunnel is equipped with a
0.4m x 0.4m two-dimensional adaptive test section con-
sisting of parallel side walls and flexible upper and bottom
walls to simulate unconfined flow conditions ([14], [15],
FIGURE 2). The wall contours are calculated by the one-
step method solving the Cauchy integral based on the
time-averaged pressure distribution measured along the
center line of the flexible walls [16]. The tunnel total pres-
sure and temperature are equal to the ambient conditions.
Therefore, the Reynolds number depends on the Mach
number and ambient temperature of each test ranging
from 1.3 to 1.6 x 10'm™ in the present experiments. The
relative humidity of the airflow is always kept well below
4% at total temperatures around 293K to exclude any
influence on the shock wave position [17].

The acoustic environment in the wind tunnel is of major
interest in the experimental simulation of dynamic fluid —
structure interaction processes. FIGURE 3 displays a
summary of frequency spectra measured along the center
line of the empty test section for different flow conditions.
Depending on the incident Mach number, the acoustic
disturbances contain three predominant frequencies, most
likely evolving from different acoustic modes in the
freestream chamber. The fluctuation power contained in
the modes also depends on the Mach number.

FIGURE 2. Adaptive test section with removed side
wall and swept wing model installed.
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FIGURE 3. Summary of predominant test section
frequencies with corresponding fluctuation power over the
Mach number for the pressure orifice position closest to
the freestream chamber in [z/c]2 = 8.32.
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2.3. Anodized Aluminum Pressure-Sensitive

Paint Measurements

The unsteady pressure measurement using sensors is
limited to one tap section along the half-span of the swept
wing model due to geometrical limitations in the wing
structure and the small model size in relation to the sen-
sors. Therefore, a coating of pyrene-based pressure sensi-
tive paint (PSP) on porous anodic aluminium binder (AA-
PSP), was used to visualize the instantaneous pressure
distribution on the upper wing surface with a frequency
resolution being high enough to accurately display the
dominant events in the dynamic flow. The PSP technique
is based on quenching of photo-chemically excited organic
molecules by the interaction with oxygen, which allows a
measurement of the local oxygen partial pressure by a
change in luminescence intensity (FIGURE 4). A complete
review can be found e. g. in [18] and [19]. The oxygen
permeability of the binder containing the luminophore
determines the response time of the PSP luminescence to
changes in the local pressure. Very short response times
between 35 and 100us can be realized by using a porous
anodic aluminum binder [20], [21], where the photo-
chemically active molecule is adsorbed to the pores hav-
ing direct correspondence with oxygen (FIGURE 5).

- - -po, = 0.21bar — po, = Obar
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FIGURE 4. (a) Luminescence intensity spectra of
pyrene sulfonic acid on anodized aluminum for different
oxygen partial pressures. (b) Chemical composition of 1-
pyrene-sulfonic acid sodium salt (PSA), CAS no. 59323-
54-5, used as luminophore.
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Anodized aluminum pressure-sensitive
paint. (a) Scanning electron microscope image of alumi-
num foil sample anodized with a voltage of 20V, area-
related current 15mA/cm? at a temperature of 18°C. (b)
Schematic representation of the measurement principle.

FIGURE 5.
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Similar to a method used in [22] a 47um aluminum A1050
foil was attached to the carbon fiber wind tunnel model
using double sided adhesive tape of 70pym thickness. The
model surface was then anodized in 1mol dilute sulphuric
acid and covered with pyrene sulfonic acid (PSA) following
the procedure of [23]. The pressure-sensitive coating is
calibrated using the a-priori method. The temperature
dependent constants A and B of the Stern-Volmer equa-
tion which relates the paint luminescence I to the local
absolute pressure P

Irey P
1 =A B
(1) 2L = A) + B 5

are determined for the entire wing surface by applying
pressure differences to the model in ‘wind-off’ condition.
The optical setup for the PSP experiments is shown in
FIGURE 6. A more detailed description of the calibration
method and the optical setup can be found in [24], [25].

The image analysis procedure generally follows [26]. The
calculation of the luminescence ratio has to account for the
deformation of the wind-tunnel model, which is time-
dependent and of large quantity in comparison to other
PSP experiments in the literature. The calculation of the
intensity ratio used for the local pressure measurement
requires a mapping of each measurement image to the
reference image. This image registration was performed
using the b-spline algorithm described in [27].

I\
FIGURE 6. AA-PSP visualization setup at the wind
tunnel side wall. (1) High-speed CMOS camera, (2) high-
aperture objective lens, (3) optical bandpass filter combi-
nation, (4) flicker-free UV lamp, (5) bi-convex lens and
optical highpass filter, (6) wing model, (7) adjustable
stand, (8) test section side window.

3. STEADY WING FLOW PROPERTIES

3.1. Time-Averaged Flow Topology

The unsteady flow involved in aeroelastic interactions in
the transonic flight regime is closely linked to the steady
flow topology [1]. The steady wing aerodynamics has been
investigated for a wide variety of angles of attack and free
stream Mach numbers at Reynolds numbers Re. related
to the mean aerodynamic chord ¢ around 10°. The main
feature of the transonic swept wing flow is a compression
shock terminating the supersonic bubble in the wing flow
field. FIGURE 7 displays the Mach number effect on the
time-averaged pressure distributions. The supersonic flow
area grows with the incident Mach number leading to a
stronger shock appearing closer to the trailing edge.
Above M, =0.9 a weak oblique shock is followed by a
short supersonic expansion and a strong shock on the
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wing upper side. Since the leading shock is caused by a
local deflection of the streamlines in the vicinity of the
outer boundary layer, the appearance of this shock system
marks the change from mild to severe interaction with the
boundary layer, which is consistent with the Mach number
effect described in [28]-[32]. FIGURE 8 shows the angle of
attack effect on the time-averaged pressure distributions
for a fixed M. =0.86. In general, angle of attack and
Mach number effect are comparable. The shock wave
keeps its time-averaged position at around 62% chord
which is a typical behavior attributed to the existence of a
separated boundary layer flow.

Anodized aluminum pressure-sensitive paint has been
used to measure the time-resolved pressure distribution
on the entire upper surface of the swept wing exemplary at
[, Moc] =[0°,0.86] and [0°,0.92]. At M., =0.86 the su-
personic flow field is still weak, thus extending only to a
half-span fraction of about 7 = 0.5 (FIGURE 9). The shock
wave consequently reduces its strength to an isentropic
recompression along the half-span. The surface pressure
distribution also shows that the overall minimum is located
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FIGURE 7. Mach number effect on time averaged
pressure distributions at n = 0.286 for a.x = 0°+0.03°.
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FIGURE 8. Angle of attack effect on time averaged

pressure distributions at 7 =0.286 for M. =0.86,
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in the region of n = 0.286, where the pressure sensors are
located, hence confirming the strategically well positioning
of the pressure sensor measurement section. At
[ao, Moo] = [0°,0.92] the supersonic field is significantly
stronger and extends in the mid-chord region all the way
up to the wing tip.

3.2. Definition of Test Cases for the Simulation
of Aeroelastic Instabilities

As indicated by the shock stall behavior the wing flow field
features a separation of the turbulent boundary layer in the
trailing edge region. At low shock strengths, a weak shock
— boundary layer interaction with attached flow occurs on
the wing upper surface resembling the condition 1 flow
described in the Fulker-Ashill model [33]. The flow exhibits
a pronounced cross flow component and separates close
to the trailing edge (FIGURE 10a). Nevertheless, a shock-
induced separation developing out of a marginally sepa-
rated flow in the shock foot region due to intense skewing
of the velocity profile and the trailing edge separation is
incipient at [ao, Moo] =[0°,0.86]. A further increase in the
shock strength results in a separation at the shock foot
merging with the trailing edge separation, which is also
associated with the first lift divergence. The appearance of
the lambda shock system at higher Mach numbers 0.9 and
0.92 corresponds with a full scale separation from the

(b)

FIGURE 9. Time-averaged pressure distribution on
the upper wing surface measured with AA-PSP and iso-
thermal a-priori calibration, oy =0°, M. =0.86, image
acquisition rate fs = 1500Hz, 3000 samples used for av-
eraging. (a) Color-coded representation of the three-
dimensional pressure distribution. (b) Section-wise ex-
traction along the half-span in n =0.188, 0.286, 0.438,
0.563, 0.688, 0.813, and 0.938.
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shock foot to the trailing edge involving a secondary
boundary layer flow in the direction of the cross-wise pres-
sure gradient (FIGURE 10b). The change from condition 2
in the Fulker-Ashill flow model with a slight separation
bubble to condition 3 with fully separated trailing edge flow
is hard to detect with the oil flow technique, since it is a
very rapid process of arbitrary character.

Force measurements at the fixed BAC 3-11 wing show a
lift and drag divergence Mach number around M, = 0.86
for ao = 0°. The divergence of aerodynamic derivatives is
known to coincide with the first occurrence of aeroelastic
instabilities in the vicinity of the flutter stability minimum
observed in the sub-transonic speed regime. Schewe et al.
[34] conclude their analysis of flutter tests conducted with
a supercritical airfoil that flow separation and its interaction
with the shock wave most likely cause the aeroelastic
instability limit to increase towards higher Mach numbers
and that, therefore, the transonic dip minimum is observed
to occur close to the lift-divergence Mach number. Al-
though flutter characteristics cannot be determined in the

(b)

FIGURE 10.  Surface flow pattern on the wing upper
surface. The significant deflection of the skin friction lines
is caused by a strong chordwise pressure gradient which
induces separation near the trailing edge. (a) oo =-0.02°,
M =0.859, shock strength not sufficient to separate the
boundary layer. (b) ao =0.02°, M. =0.921, shock in-
duced separation.
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Trisonic Wind Tunnel facility, the single shock wave flow at
[0, M~] = [0°,0.86] is suspected to be close to the mini-
mum of the stability boundary curve, commonly referred to
as “transonic dip” [1], while the lambda shock flow with full
scale trailing edge separation at [, M) = [0°,0.92] is on
the increasing branch of the stability limit. In the following
analysis of transonic flow unsteadiness, these two flows
are used as test cases for the unsteady wing experiments.

3.3. Transonic Flow Field Unsteadiness

In FIGURE 11 the pressure distribution in 7 =0.286 is
plotted against the stream-wise co-ordinate including the
minima and maxima of the respective pressure coefficients
denoted by error bars. It is quite obvious that this flow is a
very unsteady one, even in the absence of forced struc-
tural motions with the shock wave being the major source
of this behavior. In the region of the time-averaged shock
position and interaction with the boundary layer down-
stream the largest pressure fluctuations occur. The spec-
tral analysis of the wing flow unsteadiness reveals several
reduced frequencies w* = 27 f¢/uo incorporated in the
flow dynamics of the weak shock test case. The fluctuation
of the shock properties on the upper surface (FIGURE 11c
- f) essentially contains the reduced frequencies w* = 0.43
including its first harmonic, and 0.73. In this analysis the
shock deflection angle 8 and shock angle 6 are calculated
from the time-dependent pressure distribution using the
oblique shock relationships and the Rankine-Hugoniot
equations taking into account the local oblique shock
sweep angle determined by a close-up analysis of the oil
flow visualization following [35] and [36].
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FIGURE 11. Overview of the weak shock test case,
a0 =0.02°, Mo =0.861, Re. =1.08x10°, wing upper sur-
face, 7) = 0.286. (a) Time-averaged pressure distribution.
(b) Skin friction lines in the area of n = 0.286 visualized
with the oil flow technique. (c) Power spectrum of fluctua-
tions in the shock position zs/ci. (d) Power spectrum of
fluctuations in the shock strength p2/p1. (e) Power spec-
trum of fluctuations in the shock angle 5. (f) Power spec-
trum of fluctuations in the deflection angle 6.
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This type of periodic flow unsteadiness is strongly present
in the range of oo = 0°, M = 0.84 to 0.88 and changes to
a different kind of unsteadiness at M, = 0.90 and 0.92.
Since the time-averaged shock foot position shifts down-
stream at rising Mach number, it coincides with the trailing
edge separation line thereby replacing the dynamic inter-
action between shock foot and the cross-flow with a rather
steady separation line resulting in a rather steady position
of the leading oblique shock branch (FIGURE 12). This
characteristic is a result of the cross-flow in the separated
region which is not subject to major disturbances from the
inviscid flow above. The downstream shock on the other
hand exhibits strong fluctuations with the fluctuation power
solely contained in w"=0.72. The local deflection angle
shows a more pronounced fluctuation (FIGURE 12f) due
to the pulsation of the separated boundary layer, in com-
parison to the weak shock flow.

The onset of periodic shock oscillations was investigated
in several experimental and numerical flow analyses. Bru-
net et al. describe a “pulsation” of the separated area to be
the origin of buffet oscillations on the OAT15A supercritical
airfoil with a thickness to chord ratio of 12.5% [37]. Lee’s
widely accepted acoustic feed-back model [38] describes
the inviscid shock interaction with upstream propagating
sound waves generated by the impingement of large scale
turbulent eddies on the sharp trailing edge [39] forming a
feedback loop with disturbances convected downstream to
be the main buffet mechanism. Shock buffet has mainly
been investigated in two-dimensional flows [7], [38], [40].
The observed reduced buffet frequency of w* =0.73 on
the BAC 3-11 wing is in the range of that of other super-
critical airfoils with this thickness ratio and comparable
shock position.
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FIGURE 12.  Overview of the strong shock test case,
a0 =0.02°, Moo =0.919, Rec=1.11x10° wing upper sur-
face, 7 =0.286. (a) Time-averaged pressure distribution.
(b) Skin friction lines in the area of 1 =0.286 visualized
with the oil flow technique. (¢) Power spectrum of fluctua-
tions in the shock position ./c1. (d) Power spectrum of
fluctuations in the shock strength p2/pi1. (€) Power spec-
trum of fluctuations in the shock angle 5. (f) Power spec-
trum of fluctuations in the deflection angle 6.
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Nevertheless, the shock buffet phenomenon observed on
the BAC 3-11 swept wing has a different characteristic
than shock buffet flows described in the literature. In the
case of classical buffet the shock is strong enough to
cause a fully separated flow between the shock boundary-
layer interaction area and the trailing edge. The formation
of the acoustic feed back loop can be observed at high
Mach numbers and high angles of attack. In the BAC 3-11
three-dimensional buffet flow considered here, the cross-
flow region with skewed boundary layer profile is unsteady
and leads to an oscillatory shock motion due to the local
interference in the shock foot. The presence of the sepa-
rated flow activates the trailing edge as sound source to
induce acoustic waves to the shock even at low angles of
attack.

4. HARMONIC FORCING EXPERIMENTS

The unsteady motion of a high aspect ratio swept is mod-
eled by a two-degree-of-freedom aeroelastic system with
the bending and torsional degree of freedom (FIGURE
13). Experiments have been conducted to simulate un-
steady fluid-structure interaction by a simplified aeroelastic
setup in either the bending degree of freedom by heave
oscillations (%) = hisin(wyn t) or the torsional degree of
freedom by pitch oscillations a:(t) = ao + o sin(wa ¢). The
harmonic structural oscillation with controllable amplitude
and frequency can be used to investigate the sensitivity of
unsteady aerodynamic processes observed in the swept
wing flow to structural unsteadiness, thereby providing a
further insight into the development of aeroelastic instabili-
ties in this highly complex flow.

A special feature of the forced oscillation experiments is
the harmonic wing motion with several relatively low fun-
damental frequencies w™ <0.125 in the presence of self-
induced shock oscillations, due to an aero-acoustic feed-
back with trailing edge noise. Regarding the interaction
between the shock buffet and the oscillating wing struc-
ture, a general effect of the forced harmonic wing oscilla-
tion can be observed in the frequency spectra of wing
surface pressure fluctuations. The influence of the test
section resonance reduces significantly at w* = 0.425 and
0.865, while the shock buffet at w* = 0.73 starts to domi-
nate the field (FIGURE 14). Obviously, the structural mo-
tion causes a coupling into the buffet frequency due to the
trailing edge oscillation probably causing an amplification
in the noise producing mechanism.

v

FIGURE 13.
tic system.

Idealized two-degree-of-freedom aeroelas-



Deutscher Luft- und Raumfahrtkongress 2010

T
— Heaw ns(l]l ation
- Steady wing

[2/£5) [1/Hz]

!
P

logio(|c

Pltch nscl]l ation
- Steady wing

*/f.) [1/Hz]

/
P

logio(]c

(b)

FIGURE 14.  Frequency coupling in the pressure fluc-
tuation power spectra of the SBI region, 7 = 0.286, weak
SBI flow. (a)Harmonic heave oscillations with
hi/s =0.086%, wj, = 0.026. (b) Harmonic pitch oscillations
with ap = 0.155°, w,, = 0.025.

4.1. First Harmonic Pressure Distributions

The aerodynamic response function to harmonic oscilla-
tions of the wing structure can be assessed using the first
harmonic unsteady pressure distribution calculated with
the Fourier coefficients of the pressure fluctuation Cj(iw)
and the heave motion H (iw) or pitch motion a(iw) at the
fundamental frequency wy, v, ,.

Ch (iwn)
H(iwy,)’

Hence, the harmonic variation of the pressure distribution
can be described by the magnitude |H| and phase ¢ (H)
related to the local wing section motion (FIGURE 15,
FIGURE 16). Despite the limited influence a pure vertical
wing motion can have directly on the transonic flow field
via the induced angle of attack, both flow test cases seem
to very sensitive to pure heave motions, especially in the
SBI region and especially at smallest amplitudes and fre-
quencies due to the pronounced sensitivity of strong shock
waves to low frequency perturbations in general [41]. The
local shock unsteadiness which is induced by Kutta waves
originating from the trailing edge is amplified by the slight
motion of the trailing edge in the separated flow and wake
thickness order of magnitude. It is thereby demonstrated
that the low frequency — low amplitude heave motion has
the potential to destabilize the wing structure, although
with beneficial character, since the flow response always
reduces with higher amplitudes. This observation complies
with the general statement that small disturbances can
have large effects in the unsteady transonic flow field.

Cp(iwa)

o =

(2) Hcp,h - Cps m

The unsteady harmonic pressure distributions furthermore
show the subtle stability of the dynamic shock — boundary
layer interaction against the influence of the harmonic
pitch motion of the wing section. This intrinsic stability
arises from the shock motion, which is induced by the
acoustic feed-back in the rear part of the airfoil. Presuma-
bly, the characteristic of the sound source in the trailing
edge does not change with the pitch motion, since the
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trailing edge motion is of much larger quantity than the
length scales in the shear flow interaction with the trailing
edge. Concerning the dynamic shock — boundary layer
interaction this is probably the most important difference to
the effect of the harmonic heave motion.

The comparison of the unsteady pressure distributions of
the weak and strong SBI flow demonstrates an important
effect buffet has on harmonic wing oscillations. Compared
to the unsteady weak shock flow case the lambda shock
flow is much more sensitive to disturbances from the wing
structure and exhibits a rather strong harmonic oscillation
with the fundamental frequency (FIGURE 16). The effect is
most significant at very small pitch oscillations. Obviously,
the shock buffet mechanism in the weak shock flow case
has a stabilizing influence on the fluid — structure interac-
tion, since the wing oscillation cannot change the acoustic
feedback loop being the origin of the buffet oscillation. On
the other hand, the lambda shock pattern quickly adjusts
to changes in the local boundary layer, especially to the
position of the trailing edge separation line, which depends
on the instantaneous local angle of attack.
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FIGURE 15. 1st harmonic pressure distribution in

n=0.286 on the upper surface for weak SBI flow.
(a) Heave amplitude effect at w;, = 0.075. (b) Pitch ampli-
tude effect at w; =0.075. (c) Heave frequency effect at
0.073% < h1/s <£0.136%. (d) Pitch frequency effect at
0.154°< a1 £0.168°.
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FIGURE 16. 1st harmonic pressure distribution in
71=0.286 on the upper surface for strong SBI flow.
(a) Heave amplitude effect at wy, = 0.075. (b) Pitch ampli-
tude effect at w; =0.075. (c) Heave frequency effect at
0.077%<= h1/s <0.136%. (d) Pitch frequency effect at
0.121°< a1 £ 0.179°.

4.2. Local Fluid-Structure Energy Exchange

The probably most important aspect in the analysis of the
dynamic pressure distribution is the energy exchange
between the transonic flow field and the wing structure,
since it determines the development of aeroelastic insta-
bilities potentially occurring in cruise flight condition. The
averaged local energy exchange on the unsteady wing can
be estimated based on the method proposed by Dietz et
al. [42]. The local energy exchange in the different flow
cases is examined based on the time-resolved pressure
distribution in 7 =0.286 combined with the synchronous
measurement of the wing motion in the heave and pitch
degree of freedom at the same location (FIGURE 17).

FIGURE 17.  Determination of the local work coefficient
at the stream-wise swept wing section.

If the skin-friction contribution to the energy exchange is
neglected, the fluid-structure energy exchange can be
calculated by the time-dependent motion of the exchange
boundary and the pressure fluctuation acting on it. The
local work coefficient ., describes the local work exerted
by the pressure fluctuating quantity ¢, on a surface ele-
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ment dA; with the corresponding normal vector #; and
instantaneous local velocity ¥ of the wing surface in the
chord-wise position z:/c1 in one harmonic wing oscillation
period 1.

12

/ —c;,(m,;/cl, ) dA; U(xi ey, t) dt

T/

(3) cw(zife1) = diflz
This methodology can of course only be applied to loca-
tions on the wing surface, where the instantaneous pres-
sure distribution is a known quantity. Since the result from
the PSP measurements contain a significant amount of
optical noise, only the pressure distribution at 7 = 0.286 is
used in this analysis. However, in principle it is possible to
extrapolate the local analysis to the entire wing surface
based on the observation in the PSP measurements that
pressure fluctuations on the surface develop similarly
along the wing span with a decrease in shock strength.

The occurrence of a weak shock wave, which develops
along with a decrease of the aeroelastic stability boundary
towards the transonic dip minimum, amplifies the excita-
tory effect of the fluid-structure interaction to promote a
dynamic response of the wing. In the weak shock flow the
SBI region is the source of a strong energy production,
although the shock oscillation yields much higher frequen-
cies than the harmonic wing motion due to the shock buf-
fet. FIGURE 18 shows a pronounced amount of work
performed locally on the structure, especially in the time-
averaged shock position around [Z:/¢]1 = 0.62. The cross-
flow region in the rear of the wing section in 7 = 0.286 on
the other hand exhibits negative values of the mean work
coefficient illustrating the damping nature of the boundary
layer flow with skewed velocity profile.
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FIGURE 18. Time-averaged work coefficient in

77 =0.286 on the wing upper surface for the weak SBI
flow, forced heave oscillation. (a) Heave amplitude effect
for w}, =0.075. (b) Pitch amplitude effect at w;, = 0.075.
(c) Heave frequency effect for 0.073% < h1/s < 0.136%.
(d) Pitch frequency effect for 0.154° < a1 < 0.168°.
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The work coefficient grows progressively with the heave
amplitude (FIGURE 18a, c), especially at «j, = 0.075, while
at other fundamental frequencies the damping effect of the
cross-flow region compensates the excitation in the shock
foot. The special sensitivity to this particular reduced fre-
quency is attributed to the interference with the shock
buffet, since the fundamental frequency is close to a multi-
ple of the buffet frequency, thus feeds fluctuation power
into the flow oscillation In case of harmonic heave oscilla-
tions the damping arises solely from the pronounced
cross-flow, although the existence of a dynamically devel-
oping separated flow cannot be excluded. The heave
amplitude effect would have the general potential to drive
a destructive flutter amplitude increase, if pure bending
motion were the main structural unsteadiness. When the
pitch DOF is activated and heave response suppressed,
the energy exchange is reduced (FIGURE 18b, d). The
excitation from the supersonic flow region even turns into
a neutral or damping behavior at higher amplitudes as well
as frequencies.

The amplitude effect in the case of wing pitching motion
demonstrates the self-regulating mechanism in the aeroe-
lastic system for the weak shock flow case, which is near
the minimum of the transonic dip in the aeroelastic stability
curve. In this flow case wing unsteadiness may develop
into a limit cycle oscillation, if the pitching degree of free-
dom is primarily involved. This conclusion is consistent
with the analysis of swept wing transonic limit cycle flutter
given by Bendiksen [43], [44] attributing the positive influ-
ence of the bending-torsion coupling and structural wash-
out on the limitation of flutter amplitudes.

In the strong SBI flow (FIGURE 19) the fluctuations are
generally much weaker yielding a lower level of energy
exchange between flow and structure. The pronounced
excitatory effect of the supersonic flow region, however, is
comparable to the weak SBI flow. This excitation is also
accompanied by a damping in the separated flow in clos-
est proximity to the lambda shock pattern. This flow char-
acteristic supports the proposition of Tichy [45] that the
development of separated flow is responsible for the in-
crease of the aeroelastic stability limit at higher M«.. The
damping effect cannot be attributed merely to the exis-
tence of the separation, but primarily to the local shock
wave interaction with the separated flow.
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FIGURE 19. Time-averaged work coefficient in
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flow. (a) Heave amplitude effect for w;, = 0.075. (b) Pitch
amplitude effect at w, = 0.075.
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In the separated flow region a different behavior can be
observed. Unlike the cross-flow region in the weak SBI
flow, the full-scale trailing edge separation exhibits an
excitation of the wing structure in a certain distance to the
lambda shock pattern. The pulsation of the rear separation
is obviously also able to excite the structure under these
circumstances. This observation is in qualitatively good
agreement with the energy exchange described for the
NLR 7301 profile as test case TL4 by Dietz et al. in [42].
This situation is aggravated by the progressively increas-
ing excitation in the supersonic flow developing in pitch
oscillations with increasing amplitude. Here, also the lower
shock with induced separation and reattachment contrib-
utes to the structural excitation at higher pitch amplitudes.
Hence, from the viewpoint of this analysis the lambda
shock flow has the potential to initiate a strong flutter re-
sponse of the wing. Amplitude limiting effects cannot be
detected in the investigated oscillation parameter range.
The arising structural excitation in the supersonic flow field
at large pitching amplitudes can be attributed to a lack of
intrinsic stability, which is present in the weak shock flow
case due to the pronounced shock buffet at w™=0.72.
Nevertheless, destructive wing flutter might be avoided at
higher amplitudes by another bifurcation in the flow behav-
ior with the shock motion on the wing upper surface itself
absorbing more energy from the structural oscillation.

5. CONCLUSION

While the presence of an aero-acoustic mechanism in-
duces shock buffet, the shock wave is demonstrated to
behave rather differently depending on its strength and the
resulting nature of the boundary layer flow. At the weak
shock wave the boundary layer flow is deflected towards
the tip, thereby probably developing a marginally sepa-
rated flow. The shock foot region exhibits strong fluctua-
tions, constituting an environment of strong dynamic loads,
but also causing an inherent dynamic stability of the SBI
region against other disturbances, as demonstrated by
harmonic forcing of the wing model. At increased shock
strength, the full-scale separation from the shock foot to
the trailing edge induces a noticeable decrease of pres-
sure fluctuations induced to the surface. Next to the pres-
ence of an additional layer in the flow near the boundary,
this locally reduced flow dynamic also arises from the
steady nature of the separation line, due to the transversal
flow and the asymptotical progression of the surface
stream lines into the separation line. Nevertheless, an
excitation of the wing structure can arise from the pulsa-
tion of the separation. At strong SBI, it can be concluded
that it is not the presence of the separated flow leading to
a damping of the surface fluctuations, but the SBI itself.
The localized shock oscillation not only derives its oscilla-
tory power from aero-acoustic disturbances, but also from
pressure fluctuations in the SBI region. While the forced
harmonic pitch motion of the wing structure generates an
unsteady flow response reducing at higher structural am-
plitudes, the pure bending motion shows the possible
development of destructive flutter. This result, however, is
merely of theoretical nature, since the bending — torsion
coupling of swept wings always provides some pitching
response for the wing motion to enter a beneficial limit
cycle. But it is certainly the main contribution of the bend-
ing to aeroelastic instabilities to trigger the first initiation of
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the structural unsteadiness.

The current experiments have demonstrated the poten-
tially harmful effect of structural oscillations in the pure
bending degree of freedom. This particular aspect might
have a further relevance to future composite wing designs
with adjustable stiffness distribution. The directional mate-
rial characteristics could be selected appropriately to spe-
cifically counteract the initiation of transonic flutter, thereby
reducing the necessary flutter margin in future transport
aircraft designs.

This research is funded by the Deutsche Forschungsge-
meinschaft within the Collaborative Research Center SFB
401 “Flow Modulation and Fluid-Structure Interaction at
Airplane Wings”.
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