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Abstract

A dynamically scaled model of a business jet desihe Raven has been built at the
Link6ping University to investigate the possibdsi of flight testing with subscale radio
controlled aircraft models within a low-budget unsigy project. This work comprises a
theoretical approach of flight test planning andtglight data handling to identify the
aircraft’'s aerodynamic performance and dynamic bielna Calibration methods for pressure
sensors are also presented with an emphasis dighihtlest procedures to determine position
error and their corresponding data reduction. Fag doredictions a basic thrust model of
Ravers engines is included, which consists of lineaalisg of available thrust data. Its
accuracy is however questionable and is to be durtrerified. Since determination of
aerodynamic performance has high priority duringfits tests, main part of this work deals
with flight test procedures to determine lift anchgl coefficients as a function of angle of
attack from a steady level flight and series o&dyeglides. The corresponding data reduction
sequences are adjusted in accordance with theablailnstrumentation of thRaven In
addition, techniques to investigate aircraft londihal and lateral-directional static stability
from flight testing are presented with data redutinethods to identify important parameters
like neutral point position, pitching moment coeiint and side-force stability derivatives.
Furthermore, flight test methods to determine ottarstic dynamic stability parameters like
damping ratio and frequency for the individual m®d¥ motion are given. This includes
various piloting techniques and post-flight reseltaluation.
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Background

A research project on subscale flight testing imdpearried out at the Linkdping University.
The project is exploring the possibilities of usimgdio controlled scale models for
aerodynamic evaluation and in particular for stndyidynamic effects that can not be
measured in a wind tunnel. For this purpose Ria@en a dynamically scaled model of a
business jet design, has been built by the Depattrok Mechanical Engineering and is
scheduled for flight testing during 2008.

Objective
The thesis work consists of planning the flightgesith theRavenaircraft and preparing the
data extraction methods. In particular, the obyects to decide how to perform the test
flights in order to identify essential aerodynaraid flight mechanical parameters. For each
parameter a particular flight test technique sballchosen and means to extract the useful
data shall be prepared. This may imply that for equarameters accurate models of the
aircraft or components of the aircraft, for examaléhrust model of the turbine, need to be
derived. Since during flight testing a huge amaafndata is recorded, data reduction may be
necessary. MATLAB has to be used for data reduciiask breakdown:

* Investigation of various calibration methods faglit instruments and suggestions of their
application in the Raven aircraft flight testing by taking into account dable
instrumentation.

» Determination of a suitable thrust model of thecraift's turbines giving the thrust as a
function of velocity for different altitudes andgne speeds.

» Selection of the appropriate flight test technigteesbtain lift, drag and pitching moment
coefficients as a function of angle of attack. Rarimore, the static stability of the test
aircraft shall be investigated.

» Selection of the appropriate flight test techniqtesbtain side force coefficients as a
function of sideslip angle.

» Selection of the appropriate flight test technigteesnvestigate the dynamic stability of
the aircraft. Methods to obtain frequency and damperms for short period, Dutch roll,
spiral and roll mode from flight test data shalldgresented.

* The candidate shall prepare MATLAB code for datadtiag and flight test evaluation.



The results have to be documented in a report.répert has to be written in a form up to
internationally excepted scientific standards. @pelication of the German DIN standards is

one excepted method to achieve the required sticefaiimat.
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1 Introduction

1.1 Motivation

Flight testing is a fundamental process duringdé®il design phase of an aircraft providing

data to validate performance and safety aspectsrdieted in earlier phases. In civil aviation

its primary purpose is to support the development ianprovement of modern air vehicles

and their systems, as well as to certify that theget all necessary regulations set by the
respective aviation authorities. Flight test plawgnis driven by a complex array of factors

including costs, safety and required time to penfaests, which affect the accuracy of the
data produced. Since in all cases available funditighited, ways to reduce costs are subject
to major consideration from test engineers durirgggdlanning phase.

A possible solution, that is gaining increasedriggée throughout the aircraft industry, is the
use of subscale, radio controlled models for fligsts, which offer significant advantages in
terms of cost efficiency and safety. In the firsagd, subscale flight testing allows test
engineers to identify important flight charactedstof an aircraft configuration at lower flight
operational costs prior to building a full-scal@toetype. This could also improve the funding
efficiency of every development process exploringgible flaws or design faults in the early
stages. On the other hand, often tests are pertbtmvestigate the aircraft’'s behaviour in
extreme portions of the flight envelope like stafid spin conditions which expose both the
expensive aircraft prototype and its pilot to ataer amount of risk. The use of subscale,
remote controlled models makes it possible imporigmestions regarding the aircraft’'s
stability and control qualities to be answered withendangering the safety of the flight test
team or the aircraft full-scale model. This is espky true for research projects where
unknown flight characteristics of unconventionafceft configurations with innovative
design are studied and possible hazards cannattisgpated with the necessary precision.

1.2 Objectives

To gain knowledge in the field of subscale fligasting, a dynamically scaled demonstrator
of a university in-house business jet concept, Raven has been manufactured at the
Department of Mechanical Engineering of Linkopingikérsity. In general, the targeted
approach is to investigate what can be achieveliwé low-budget university project driven
mainly by educational programmes. The initial flgktill primarily focus on testing the data
logging system of th&avenand simply gather experience in flying a dynantycaktaled
model. Since the accuracy of certain on-board unsénts is affected by the motion of the
aircraft, the first flight tests will also be deedtto calibrate these and verify their proper
functionality. Furthermore, aspects concerning deaeodynamics and stability of the model
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are to be investigated. It is obvious that dudeodignificantly lower Reynolds numbers to be
flown compared to full-size model flights, the argqd data will not be representative.
However, it is of particular interest to analyse ticcuracy of the results obtained in such
manner and draw conclusions for further investayeti

A main part of the project work requires basic tle¢ioal research on flight test methods and
how to implement these into practical applicatiathwhe current aircraft model. In particular,
this work is devoted to the investigation of vasaechniques to identify important aircraft

characteristics and their adaptation in tRavencase by taking into account available
equipment and instrumentation. The information gihere can be further divided into three
main categories:

» in-flight calibration of instruments

* methods to extract aerodynamic data includingdifag, side force and pitching moment.

» techniques to obtain the stability and control digs of the aircratft.

Methods and conclusions presented in this work targeted to improve the flight test
planning process and give pilot assistance duhegattual test procedures. Most of them are
variations of already existing flight test technigudescribed in detail by different authors of
aviation literature, however, they are adjustedtdasider available data to be recorded, as
well as pilot positioning and remote controllingtbé aircraft from the ground.

1.3 Report structure

Chapter 2  contains technical information on tRavenaircraft regarding its dimensions,
overall design characteristics and data acquisiigstem. It also gives an
overview on the available data that is to be reedmuring flight tests.

Chapter 3 gives a brief overview of flight testing in generahd contains basic
information regarding Pitot-static systems and nratitecal modelling of the
atmosphere, as well as fundamental principles irody@mamics and their
application in performance equations.

Chapter 4  primarily describes the calibration of pressueasers with its main focus on
in-flight techniques for determination of altitudad airspeed position error. In
addition, the calibration of temperature sensorsveames is briefly discussed.

Chapter 5 includes a mathematical model of tRaventurbines giving available thrust as
a function of airspeed at different engine speedsatitudes for standard day
conditions.
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describes techniques to obtain lift and drag coieffits as a function of angle
of attack from flight tests, as well as to deterenthe aircraft stall speed. The
appropriate data reduction sequences are preséntgtiermore, aircraft static
stability is investigated giving flight test metleodtb determine functions of
pitching moment and side force coefficient with lengf attack.

deals with aircraft dynamic stability flight testingBasic concepts of
longitudinal and lateral-directional dynamic stdpilare presented, as well as
flight test methods to determine characteristicapaters of short period,
phugoid, spiral, Dutch roll and roll mode.

gives a short summary of all topics discussedimwork with final statements
and conclusions on the conducted investigatiotigtitftest methods.

contains a tabulated version of the Internatiortan@ard Atmosphere model
for low altitudes and useful charts regarding terapge measurement and
compressibility correction.

presents a derivation of the approximation relataijtude and airspeed
position error correction used in calibration methand gives a plot of this for
low airspeeds and altitudes.

includes static thrust and engine speed data provwigethe manufacturer of
Ravers turbines.

gives an example calculation sequence to obtaah tiotust for random values
of airspeed, altitude and engine speed.
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2  Aircraft data and properties

Some of the information on tHeavenaircraft provided in this chapter is taken fronvesal
so far unpublished documents and other sourceshvere property of Linkdping University.
These are therefore not referenced in the courskeofext. However, the main information
presented here regarding dynamic scaling andRthaenacquisition system can be found in
Lundstrom 2008, a paper published by the Department of Mechartcajineering for the
26" International Congress of the Aeronautical Scisr2g08.

The Ravenaircraft is the result of a design study withiudsnt projects for advanced
Aeronautical Engineering students carried out atRepartment of Mechanical Engineering.
In general, it is a university in-house design ofbasiness jet/medivac, for which a
dynamically scaled demonstrator has been builtteBaht views of this aircraft model are
presented below iRig. 2.1 The first two are taken from real pictures mattha Linkdping
University outside the building of the DepartmenthMdéchanical Engineering. The bottom
ones are computer generated illustrations oR&eenCAD model.

Fig. 2.1 Raven — a subscale business jet demonstrator

The originalRavenwas designed according to the FAR-23 regulatioamiynto be a business
jet aircraft with a secondary task as an ambulanedivac aircraft. The design was conducted
for rural operation in mind with relative short &akff and landing distances. To fulfil the
requirements of both business jet and ambulanceraftir several innovations were
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incorporated in theRavendesign, the most impressive of all being a reakhmdd door
allowing patients to be carried in and out quickyhe basic dimensions of the original
business jet/ambulance aircraft include a wing sggei¥,4 m, total aircraft length of 13,4 m,
fuselage cross section of 1,6 m, and wing arealg8 &f resulting in an aspect ratio of
approx. 10. A desired cruise Mach number at 40f0@@uise altitude was determined to be
0,55. The main design concepts of Reevenare summarised in the following points:

» Conventional tail aft aircraft configuration

« Forward sweep

* Low wing configuration with positive dihedral angle

e T-shaped tail section

* Engines mounted approximately at the centrelintherrear part of the fuselage

For subscale flight testing the origirRhvendesign was dynamically scaled, meaning that not
only its dimensions were scaled, but also its weigtertia and control system response, so
that the dynamic properties of the model corresgortie ones of the full-scaled design. The
main purpose of this was to gain knowledge in bngdand flying a dynamically scaled
model. To downsize the origin®avendesign, ROUDE scaling methods with a scale factor
SFof 14 % were applied. Accordingly, the model aftweight can be determined from the
full-size aircraft weight and altitude and the sctctor with the following equation

w, =sF P2y 2.1)
P

where the full-size aircraft weight and altitude denoted with the index “1” and the subscale
model ones with “2”. From equation (2.1) can bensdieat the model aircraft weight
represents different combinations of full-size virtignd altitude. To achieve desired low
values of landing speed without applying compleghHift devices, the model was scaled so
that dynamics could be simulated only at sea ldvés. possible to simulate higher altitudes
by adding weight to the model aircraft, howeverreaesea level the resulting wing loading is
already near the limit of the maximum allowed ooeradio controlled models in Sweden.

The main dimensions, design parameters and som@&pance data, which are the result of
downsizing the originalRaven design, are presented ihable 2.1 All performance
parameters included in the end are taken frommnediry design calculations conducted by
Aeronautical Engineering students at Linkoping émsity. In particular, the moments of
inertia given are the ones determined at the Deyeanrt of Mechanical Engineering by means
of inertia measurement tests in which the autha pexsonally involved. The test procedure
consists of fixing the model aircraft (w/o fuel) @ special cradle, then the complete
configuration is put on a beam with a speciallyigiesd cross section shape, and finally a
small oscillation motion is set while its time pmtiis measured with a stopwatch. This is
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performed several times in order to obtain an ayenalue for the time period. The same
procedure is repeated with the cradle alone. Thte be done with the aircraft oscillating in
pitch and roll. Both inertia moments are then cotaguwitilising measured cradle time periods
with and without the aircraft in a MATLAB code, which the equations of pendulum motion
are implemented. The inertia moment in yaw is caled using the other two values. All
measured inertia moments are smaller than thetetgmes, calculated using the scale factor.

Table 2.1 Raven demonstrator — technical data and specifications

Parameter Value Unit

Total length 1,737 m
Fuselage length 1,624 m
Fuselage diameter 0,235 m
Total wetted area 1,773 m
Weight (w/o fuel) 9,75 kg
Wing spanb 2,0 m
Wing reference are8, 0,399 nf
Wing MAC € 0,22 m
Aspect ratioA 10,025 -
Maximum wing loading 25 kg/f
Tailplane reference areg,, 0,078 n
Tail volume coefficienV' 0,4987 -

roll 1,, 0,24 kgnt
Moment of inertia| pitch I, 1,46 kgnt

yaw |, 1,59 kgn
Desired cruise speed 55,6 m/s
Maximum speed 145 m/s
Stall speed 17,7 m/s
Endurance 20 min

In the remaining paragraphs of this chapter Ravendata acquisition system and the
parameters to be recorded during flight tests aiefly presented. The acquisition system
consists of a main board with CPU and data loggigability, a GPS receiver, an Attitude
and Heading Reference system, vanes for angletaxfkatnd sideslip angle measurements,
pressure and temperature sensors, potentiometarsrfool surface deflection measurements,
turbine motor interface and a telemetry system wii#iti warning system for pilot assistance.
This additional telemetry system is the only comgamot connected to the main board. One
can further divide the data acquisition system coments intamain board high levelsensors
andlow levelsensors. High level sensors is a term used tailesdigital sensors with an
own data processor. On the other hand, the lowl mesors are analogue sensors with no
built-in processor. The main board consists of 4®Ccomputer, “Athena”, equipped with a
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400MHz Pentium Il “Coppermine” processor and 128/RBM capacity. A 64MB external
flash memory is used to run the onboard operatystesn and the logging software. To the
high level sensors belong the Attitude and Headteference system, the GPS receiver and
the turbine Electronic Control Unit interface. Tfiest one contains accelerometers, rate of
turn sensors and magnetometers, which provide f&figre 3D orientation, as well as
calibrated axial accelerations, rates of turn aadtzs magnetic field data. Both filtered and
raw data can be collected from this unit, wherdtexéd data can be retrieved for example as
Euler angles or as a rotation matrix.

The low level sensors include all remaining measer® systems — pressure and temperature
sensorsg and S vanes, control surface deflection potentiomet&ge Raven is equipped
with a small nose boom, where a Pitot tube witthliotal and static pressure sensors and the
two vanes for angle of attack and sideslip anglasueements are mounted. This can be seen
on the first two pictures ifig. 2.1 For temperature measurements, the appropriatersisns
placed under the fuselage in the upcoming airflow.

To sum up, from the above described instrumentdtieravailable data to be recorded during
flight tests include:

e Ambient temperaturd

e Static pressurg

» Total pressurep;

* Angle of attacka and sideslip anglgs

» Axial and rotational accelerations in all threesxe

* GPS position, speed and altitude

» Control surface deflection(, J,, J,) and flaps position

» Turbine data (engine speed, exhaust temperature)

In addition, the fuel flow rate will be recordedhmah can be used for calculations of the
Ravers actual weight. Also, a supplementary telemeytstesm is available, which consists of
an Eagletree Systems Pro recorder — a low cost Idgtger suitable for hobby or UAV
applications. Since no other altitude or airspedd daavailable during flight testing, it can
be used as an auxiliary system for transmissiageaiftime indications for these parameters.
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3  Theoretical background

3.1 Overview of flight testing

Aircraft design is a complex process involving timegration of multiple systems and
elements for the purpose of optimum performanailgty and control of the resulting air
vehicle. Therefore, the development of modern aitds a product of several more or less
independent engineering disciplines each coveriiftgrdnt aspects of the design like
propulsion, structure, systems and performanceinVestigate the aircraft's characteristics
and flying qualities in flight tests one should tak® account the technical skills needed for
effective operation of all these aspects and awtofs like man-machine interface, which
contribute to the overall complexity of the processaddition, flight tests require excellent
management and control for their successful antlafisient performance. For all the above
given reasons flight testing can be regarded asparate discipline devoted to support the
development process of an aircraft and to elimipat@iously undetected design flaws.

There are various matters to be considered prionaking the flight tests planning. One of
the first things on the agenda is to clarify theaxpurpose of the test programme and the
regulations that must be met, which determine &rrfflanning of test methods, costs, safety
and required equipment. These and other importapecs are briefly discussed in this
section to give a basic overview of the essencheoflight testing process.

3.1.1 Purpose and types of flight tests

The actual flight qualities of an aircraft are abways the same as the ones determined from
preliminary design calculations in the course sfdevelopment. Therefore, at the end of the
aircraft’'s design process a practical verificatieroften needed to support these previously
computed parameters and help discover and improsgipge weaknesses of which engineers
remained unaware during earlier phases. A commagatipe to perform such verification is
during flight tests, where also characteristicstiod aircraft can be investigated for which
computer simulations cannot always provide valisuhes, for example stability derivatives.
According to their purposeKimberlin 2003 (p. 4) classifies flight tests into several
categories. One of the first reasons to perforrs tesginated from the lust for exploring the
boundaries of physical laws and push engineeringnses to their limits. The idea was
developed already in the early stages of aviatiainé beginning of the last century to expand
human knowledge in aeronautics, which was later med¢thto space programmes with the
advancement of new technology. An important reasooconduct flight tests is for product
development by aircraft companies, where the maal i to test the actual characteristics of
new products and fix possible flaws in their desi@ompared to the research flight tests,
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these are intended for economical purposes raliaer to expand the state of the art. Other
types of flight testing include experiments to detiee if the aircraft can accomplish its
intended mission and if its design complies witk @stablished aviation requirements for
operational safety. In any case, the main goals speatific objectives of the planned test
programme have to be precisely defined at the begmning, so that further test planning is
not affected by undesired changes requiring additioosts in terms of time delay, equipment
and working hours.

3.1.2 Flight test planning

Since one of the purposes of flight testing is aidate and improve design, changes will be
made as a result, thus required tests should leéutigrplanned to avoid as much as possible
constant alteration in time schedule due to nevdgomted tasks. During the flight test
planning process there are various factors to bsidered by the management team in order
tests to be effective. The most important onesushelsafety, costs and time schedule, which
are presented in general in the following paragraphgse aspects are primarily based on
information given byWard 2006a and do not necessarily apply precisely for lowgmrtd
projects with educational purposes, especiallyaseoof subscale flight testing with a UAV.

Safety considerations should be dominant in the procesdliglit test planning, since
neglecting these could lead to significant increa$ecosts or even termination of the
programme, in the worst case due to human cassiatd loss of the aircraft ruining the
company’s marketing image. Besides hazards thdt @ise from unforeseen problems with
the design of the aircraft, the nature of a ceiaght test might also contain some risks that
should be carefully examined from the test teanmmetiuce their likelihood of occurrence.
Therefore, procedures for risk mitigation and mamagnt are adopted, which have fairly
similar basic structures, however, some detailshinigary slightly within the individual
companies. This risk management process can be atseah in the following six steps:

* Hazard Definition

* Cause ldentification

e Risk Assessment.

* Risk Mitigation

* Residual Risk Assessment and

* Emergency Response

As a first step, test specific hazards are defifiégse are risks that are unique for the nature
of a certain test, or expressed in another wat ‘$pecific hazards are those that arise as a
direct consequence of the test activityVdqrd. 2006a p.8). Usually in the beginning brain-
storming sessions are performed, where test teambers are encouraged to propose every
possible idea that occurs to them. These are tateoughly discussed to identify the ones
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that are test specific and determine the danger iygresent. During the second step a risk
matrix is made showing the hazards’ likelihood otwrence and possible consequences.
Examples of these and their appropriate codesiaea ¢n the following table.

Table 3.1 Risk Code Matrix (Ward 2006a)

Likelihood of Occurrence CodeSeverity of Consequence Cade
Nearly certain — if the test s A | Catastrophic — death, serious injury, |
repeated multiple times over |a or destruction of an irreplaceable test
lengthy test campaign, the specified asset

event should occur at least once.

Probable B | Severe — injury involving lost |of Il

work days, damage to test assets
requiring major repair and loss pf
schedule
Possible C | Moderate — injuries not involvipglll
lost work days, non-minor repair
(multiple shifts)
Improbable D | Minor — no personnel injury, easilylV
repairable damage (less than 1 shift),

cessation of testing that day

Remote E

The above given codes are then turned into a matith the rows representing the
consequence class (I-IV) and the columns giving likelihood of occurrence (A-E).

Consequently, major hazards that are to be ded#it igh priority are positioned in the left
upper corner. These are reduced during the riskgatibn process moving them down and
right in the matrix by applying different system nifazhtions or specific procedures. The
hazard analysis is completed in the last two stepsre accepted risks for the flight testing
and procedural response in case of emergencyisituata catastrophic event are defined.

Costof a flight tests is another important factor to dmnsidered in the planning process.
These could be reduced by keeping supporting eqnprand instrumentation as simple as
possible without neglecting the required safetyacturacy of data collected. On the other
hand, flying time should also be used efficientty,example by combining different tests.

Last but not least, meeting the timehedulds vital for the success of a flight test prograenm
Aircraft manufacturers have contractual obligatifmstheir products with severe penalties in
case of production delays, usually expressed imdeof enormous additional costs. For
military aircraft projects time delays might evesuse the basic structure of the project to be
reconsidered requiring new approval from the govemnfor the changes made.
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3.2 International Standard Atmosphere

The atmosphere affects highly aircraft performaaumee handling qualities due to the fact that
aerodynamic and thrust forces are influenced bystireounding air conditions. Changes in
air pressure and temperature occur constantly imtitne@sphere causing aircraft performance
to vary with the time of the day and the seasothefyear. Therefore to evaluate results from
flight tests at different conditions, a common liageis needed upon which performance
comparisons could be made and meaningful conclasamuld be drawn. Over the last
century several standards have been publishedfteratit authorities, most recent of them
being the U.S. Standard Atmosphere, the ICAO Stahdsmosphere and the International
Standard Atmosphere (ISA) published by ISO. Howgeabirthree models are identical up to
an altitude of 32 km, which exceeds far beyondiithé altitude planned for th®avenflight
testing, reducing them to one standard that isieghph this work. The ISA model and the
equations defining it, as described\Ward 20063 are given in the following.

The ISA model approximates the conditions typiaal North America and Europe at 40°
latitude averaged over the year and divides theogpimere into layers with constant
temperature lapse rate. Up to 11 Kimmopospherg air temperature decreases linearly with
altitude. At 11 km the Tropopause occurs andStratospherdegins, where the temperature
remains constant up to 20 km and then increastsinanges between 20-32 km and 32-47
km with different lapse rates. At 47 km the Stratiogpe occurs and thdesospheréoegins,
where the temperature decreases again with diffeaées up to the Mesopause at 79 km.

The ISA model is based on the following assumptions

« Airis dry and behaves as a perfect gas viRth 287,052 m?/(s*> aki)ix = 14.

e The Earth’s gravitational field is uniform with @rstant acceleration due to gravity of
d, = 980665m/s’.

« Temperature varies linearly with increasing altéud
» Standard sea level conditions die= 28815 (X5 °C) andp, =101325 hPa

In the ISA model all atmospheric variables are r&cfion of altitude and therefore to derive
the appropriate equations describing them, first itecessary to introduce the various altitude
definitions used in the aviation literature. Instiwork only three of them are considered:

Geometric altitude, h
Geometric altitude or true altitude is defined Iz tertical distance between a given point in
the atmosphere and a certain datum level, usuadiz.M

Geopotential altitude, H
As stated above, the ISA model assumes a constar@esation due to gravity with
increasing altitude, thus a uniform gravitationald. In reality this is not true, sincg
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decreases with increasing altituéféard 2006a (p. 16) describes the geopotential altitude to
have the following quality:

g,dH =gdh (3.1)

Thus, a change in geopotential altitude would peedine same change of potential energy
per unit mass in a uniform gravitational field, asggeometric altitude change in the real
gravitational field. The function of gravitationatceleration with distance from the Earth’s
surface is given by:

2
6373km
h)=g,| —— 3.2
9 90(6373km+hj (3.2)

The value of 6373 km represents the average Earthsta#l relation between geopotential
and geometric altitude is then obtained by sulistguequation (3.2) in equation (3.1) and
integrating:

H=hQ 6373km (3.3)
6373km+h

Using equation (3.3), a variation between the tWitudes can be calculated. At 1000 m, a
reasonable limit altitude for thRavenflight testing, equalising these introduces amreless
than 0,016 % (approx. 6 cm). On that account, ¢heg “geometric altitude”, “geopotential
altitude” and “altitude” will be considered iderdicfor the purpose of this work and will be
used as synonyms describing the same physicaliguant

Pressure altitude hp

Pressure altitude has the following definition,gakromYoung 2001(Chapter 1, p. 13):

»The pressure height at a point in any atmosph&taiidard or Off-Standard) is the height in the
Standard Atmosphere giving the same pressure.”

An altimeter will show pressure altitude if its eeénce pressure is set to 1013 hPa, however,
since theRavenis not equipped with such device, the altitudeoide calculated from the
sensor indicated barometric pressure. For thisoreaasn equation relating these two
parameters is to be derived by taking into accdhatassumptions in the ISA model. A
relationship between pressure and altitude variai@iven by the hydrostatic equation:

dp=-pg,dH (3.4)



28

As stated above, the gravitational acceleratioassumed to be constant, thus requiring the
use of geopotential altitude in equation (3.4). Taen advantage it offers is a straightforward
approach when solving this differential equatiorrégardingg independent afl. Taking into
account the assumption that air is a perfect gastemperature can be introduced into
equation (3.4) by means of the Equation of State:

p=pRI (3.5)
Hence,
dp dH
Mg 2 3.6
0 90 =7 (3.6)

Furthermore, the air temperature can be expressedfanction of altitude with a constant
lapse rate. Up to 11 km the variationTofwith H is given by equation (3.7):

T=T,+/AH | (3.7)

where A is the temperature lapse rate with a value of KBksn. Substituting equation (3.7)
in (3.6) and integrating, yields the following egpsion for the barometric pressure:

“%

/AR
p= p{hﬁH} (3.8)
TO

Using equation (3.5), the air density can alsoxXmessed as a function of altitude:

“%_,

/IR
,0=,0{1+T£H} (3.9)

0

Equations (3.7) to (3.9) represent the mathematnzadel of the ISA in the Troposphere and
are used to calculate atmospheric variables atengiltitude. In performance calculations it
Is often common to express these parameters asnisiomess numbers giving the ratio to the
standard sea level values. This is shown in tHevimhg equations:



Relative pressure: 0= P (3.10)
Po
. T

Relative temperature: 0= T (3.11)
0

Relative density: o= £ (3.12)
Po

For Mach number calculations, an expression for gdpeed of sound is needed. On that
account the hrpLACE formula is utilised, which for small changes i thtate variables, as is
the case in pressure waves propagation, assumegrdnopic change of state and can be
written as follows:

a2 =xRT (3.13)

Equations (3.7) to (3.13) are tabulated in Sl ufutsevery 50 m up to an altitude of 1600 m
in Table A.1, given inAppendix A. This altitude of 1600 m covers far more thanptaned
flight testing altitude limit for th&kaven

3.3 Pitot-static systems

Aircraft airspeed and altitude are determined ightl by measuring pressure from the
upcoming airflow with a so-called Pitot tube. Asdacal Pitot tube, as the one showeéion

3.1, has two types of ports — a total pressure portaasigtic pressure port placed in different
locations on the tube’s body. In fluid dynamics ttu¢al pressure is defined from the
incompressible BRNOULLI equation as the sum of the dynamic and the gtadissure, or the
pressure of the fluid if brought down to rest. Gameently the orifice for the total pressure is
positioned directly in the upcoming airflow on ttip of the Pitot tube head, where air is
slowed down to zero velocity and its pressure nreashy a built-in pressure sensor. Due to
the geometric shape of the Pitot tube the airflaweerates around its nose causing static
pressure to decrease, but it eventually reachesaurttiment pressure value further down the
tube. For this reason static pressure ports amddcat a certain distance from the tip pre-
determined for every Pitot tube shape. Due to atation perpendicular to the airflow a
pressure sensor measures only the static pressiareas the kinetic part is left out. Usually,
there are several orifices in the tube positiongdmsetrically to minimise flow inclination
effects taking place at larger angles of attack @ase of a sideslip.
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Fig. 3.1 Pressure measurement with a Pitot-static system (NASA 1975)

Classical Pitot systems obtain airspeed and altitletea by means of mechanical devices
converting the measured pressure data and giviatpgue indications in the cockpit. An
airspeed indicator (ASI) uses both static and tptalssure data to determine airspeed by
measuring the differential pressure usually wittigphragm. On the other hand, an altimeter
uses absolute pressure to obtain the aircrafitsiddt, thus applying only measured data from
the static port. Th&avenaircraft is not equipped with such instrumentsyéeer, it has a
Pitot tube mounted on a short boom in front ofnitse where pressure sensors will collect
total and static pressure data. This raw infornmaitothen to be converted into altitude and
airspeed data using the appropriate equationssioesonic speeds the process of slowing
down the air to rest in a Pitot tube can be assusedropic, thus the following relationships
for pressure and temperature, taken fi@&ingel 1999 are valid:

Pr =(1+_";1E|Ma2j"‘l (3.14)

?:1"'7 DMaz (315)

From equations (3.14) and (3.15) it is clear tihat tatio of total to static value for a given
fluid is a function of the dimensionless Mach numlgefined as

Ma = — (3.16)
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Substituting equation (3.16) in (3.14) and solMiogthe airspeed yields:

V=all—2 (pT_p+1jK—1 (3.17)

Equation (3.17) gives the basic relationship betwteee airspeed and measured differential
pressure for an isentropic process, where the saloe pressure and speed of sound are
functions of altitude. This means that calibratargASI in velocity units requires a different
airspeed scale at each pressure altitude, whiamoisconvenient for practical purposes.
Therefore the calibration is based on standard sy level values introducing several
different airspeeds used in aircraft performandeutations. In the following these are briefly
described and for every speed the definition gimedAR-1 1996is quoted.

Indicated airspeed V,

» Indicated airspeed’'means the speed of an aircraft as shown on itd piitic airspeed indicator
calibrated to reflect standard atmosphere adiabaticnpressible flow at sea level uncorrected for
airspeed system errors.”

Since theRavenaircraft has no ASI, indicated airspeeds are oosidered in this work. In
the calibration methods described later the instnmintorrected airspeéd. is taken into
account insteadVc is calculated from the values for total and statiessure corrected for
instrument error.

Calibrated airspeed V.

» Calibrated airspeed’ means indicated airspeed of an aircraft, corrected position and
instrument error. Calibrated airspeed is equal taet airspeed in standard atmosphere at sea
level.”

By definition, substituting the values for staticepsure and speed of sound with their
equivalents for standard conditions at MSL in eguma(3.17) yields the calibrated airspeed.
The paramete(p, - p) is the actual differential pressure measured byttt tube.

V. =a, 0] ~2 (pT_p+1jK—1 (3.18)

Equivalent airspeed V.

» Equivalent airspeed'means the calibrated airspeed of an aircraft coteel for adiabatic
compressible flow for the particular altitude. Egalent airspeed is equal to calibrated airspeed
in standard atmosphere at sea level.”
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The equivalent speed is also defined as the aiispreaircraft would have at standard sea
level conditions, if it produced the same dynanrespure as it does while flying at the actual
altitude with an airspeeW relative to the surrounding ai¥¢ung 2001 Chapter 1, p. 22).
Hence, the factor relating both airspeeds equalhe@osquare root of the relative density.
Taking this into account in equation (3.17) yiettle equivalent speed on the left hand side,
as defined above:

V. =Vo

k-1

| 2P (PP 1}"—1 3.19
(x—l)po( o 549

Equivalent speeds are commonly used in both strietnd performance analyses, since their
application eliminates the need for calculationdiierent altitudes. Operational safety limits
and maximum loads are expressed as a function aVagnt speed in the so-calledn
diagrams, where airspeed is plotted against loefbrfaAt high altitudes and high speeds a
compressibility correction factor is used to givee tdifference between equivalent and
calibrated airspeed. According Yaoung 2001(Chapter 1, p. 24), up to an altitude of 10 000
ft and calibrated speeds below 200 knots this fastaegligibly small and can be ignored. A
chart giving the correction factor as a functiorcalibrated airspeed at different altitudes and
Mach numbers is presentedHrig.A.1 from Appendix A. From there it is obvious that below
5000 ft (1524 m) and speeds of 300 kts (approx.nf) the correction factor is less that 0,5
% of the corresponding calibrated airspeed. Thesefgince no greater values of altitude or
airspeed are planned for tRavenflight testing, the equivalent and the calibraspeed are
considered equal in this work, both being furthefierred to as calibrated airspeed. Should
performance calculations be negatively affectedttby assumption in future flight testing
where these limits are exceedEdy.A.1 can be used to obtain the correction factor.

True airspeed V
» True airspeed'means the airspeed of an aircraft relative to stutbed air. True airspeed is
equal to equivalent airspeed multiplied by, / o) Y2n

True airspeed is an important parameter when cdlogl aerodynamic forces like lift and
drag, since these are generated by the aircraftom relative to the surrounding air.
Furthermore, true airspeed has an influence onhttust forces produced by the engines and
thus on the aircraft's performance, making it orfighe basic variables to be determined
accurately during flight testing. With the caliledtairspeed obtained from the Pitot tube
measurementy/ can be calculated from equation (3.19) using ttea relative density.
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Ground speed Vg

Ground speed is the actual speed of the aircrigtive to the ground, differing from the true
airspeed due to the effects of wind. It can beiobthfrom the true airspeed by adding the
wind component in flight direction (tailwinds regad positive) or from GPS measurements.

For precise altitude and airspeed determination Ritet-static system requires certain
measurement errors to be carefully considered.eraes primarily introduced by the practical
measurement of total and static pressure in flgid by inaccuracies of the individual
instruments. In the following several of the mosinenon errors associated with Pitot-static
measurements are briefly described, while laterCimapter 4 methods to obtain their
corrections are presented in detalil.

Instrument error

Like all measuring devices, altimeters and airspedicators may have a small error, the
sources of which can be scale error, manufactutangations, magnetic fields, temperature
fluctuations, friction, and the inertia of movingrfga(Ward 2006a p. 22). Usually this error
is corrected using charts provided by the instruteemanufacturer. If no such charts are
available, the instrument calibration is performadhe laboratory before the actual flight
testing. In theRavencase the “instruments” for airspeed and altituelieanination are simple
pressure sensors, therefore in this work the tanstrtiment error” is used to describe the
difference between sensor indicated value andvialiee obtained from static measurement in
the laboratory (no influence of the airframe or affects of motion considered).

Pressure lag error

Pressure sensing systems have a time delay imtiting information from the pressure port
to the sensor, which may result in pressure drap thns introduce a measurement error.
Ward 2006a(p. 23) describes two kinds of pressure lag efran acoustic lag and a pressure
drop due to the viscous effects of the airflow. Bsiic lag is caused by the propagation of
pressure changes through the lines with the speedumd, however since most Pitot-static
systems have relative short pressure transmissies, Isuch effects are insignificant and can
be safely ignored. The second type of pressurenay occurs due to a pressure drop caused
by viscous air flowing in the tubes. It is signdit for a flight envelope with high rates of
change of pressure, like rapid climb or desce@viard 2006a p. 23). For typical Pitot-static
instrumentation pressure drop depends primarilyhertube length and internal diameter and
the internal volume of the instruments. Comparethstrument and position errors, pressure
lag errors are relative small for a normal fligmvelope and are therefore disregarded in
further calculations in this work.

Position error
The term “position error” describes a measuremendr éypical for Pitot-static systems
caused by the inability of the total and staticsptege pickups to sense the actual free-stream
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pressure valueK{mberlin 2003, p. 32). There are two main sources for this errdhe
location of the Pitot tube in the pressure fieldh#d aircraft and its positioning relative to the
incident flow direction. In flight the presence thfe airframe causes the surrounding static
pressure to vary from point to point along the fage. This on the other hand varies with
changes in airspeed and angle of attack, thus makingpossible for a single point to be
located on the aircraft which remains at ambiewmispure for all flight conditionsYpung
2001, Chapter 1, p. 25). Total pressure measuremeeatkess affected by the presence of the
airframe, as long as the Pitot tube is not locatealboundary layer area, where kinetic energy
is reduced. Hence, position error effects primatiky static pressure measurement, requiring a
static port location where substantial deviatiomsnf the atmospheric pressure values would
not occur with changing flight conditions and avfl inclinations. Generally, static position
error is influenced by a range of variables andnoae neglected in data evaluation, thus
giving the need for an in-flight calibration penioed during flight tests. This is the main
subject of Chapter 4, where various calibrationhoés are described and their application in
theRavenflight testing is discussed.

3.4 Basic flight theory

Apart from the above presented mathematical modstribing the atmospheric features,
performance analysis also requires an accurate limgdand calculation of the forces acting
on an aircraft in flight. The following paragraplgs/e basic aerodynamic principles for
defining lift, drag and pitching moment and theutéeg equations used for performance
calculations. Propulsive forces are only brieflyntiened as part of the laws of physics
describing the aircraft's motion, however, theirteitmination and particularly the thrust
modelling of theRaventurbines are discussed thoroughly in Chapter 5pdrformance
analysis the aircraft is regarded as a mass pbiertefore all forces act in its centre of gravity
building a state of equilibrium, or in case of ulalb@ed forces, causing an increase or
decrease of airspeed. Thrust exerted on the ditoyahe engines is assumed to act in flight
direction, thus no angular deviation of the thrusttor from the flight path is taken into
account. Furthermore, a simplification is made thate is no interaction between propulsive
and aerodynamic forces, so that each can be coedidelependently.

3.4.1 Aerodynamic forces

In aviation literature several explanations carfduend regarding the generation of lift on an
aerofoil, each interpreting differently the lawspdfysics beyond this phenomenon. However,
taking all these into account, one can draw thersomconclusion that an aerofoil placed in a
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moving stream of air will, depending on its shagajse pressure differences on the upper and
lower surface, thus will create a resultant aeradyic force. Anderson 1984 (p. 13)
describes the generation of aerodynamic forcesvardents to be due to two basic sources:

» Pressure distribution over the body surface
« Shear stress distribution over the body surface

By integrating these over the complete surface,aameobtain a resultant aerodynamic force
F, and a momenW acting on the body. Experiments show thatandM are a function of

several independent variables as well as the sbhapee body. These are shown below in
equation (3.28), where the subscript’, indicates free-stream flow properties:

I:A = f(poo lVoolaoollLIoo,a' Sref) (320)

With six dimensional variables and three fundameamés (length, mass, time), according to
BUCKINGHAM’S m-theorem, three dimensionless parameters can bel foApplying this in
further analysis results in the following relatibns

Fa

— A =f(ReMa,,a) (3.21)
0!510 ooVoo ’ Sref

Equation (3.21) asserts that the ratio of the eedbdynamic force to the dynamic pressure
multiplied by a characteristic reference area fisrection of Reynolds number, Mach number
and angle of attack. A detailed derivation of thigtement can be found Anderson 1984
and Roskam 1997 These three parameters and their effects onatitt drag forces are
explained later in this chapter.

In fluid dynamics, liftL is defined as the component of the resultant g®edic force
perpendicular to the free-stream velocity and ttagy® is the component parallel ¥9,. In a

two-dimensional flow field the angle of attack is defined as the angle between the local
airflow direction and the aerofoil chord line. Ierformance analysis however, this could lead
to confusion, since on modern aircraft wings arerotwisted in span direction to improve
their aerodynamic characteristics, hence the aoigétack for different wing sections might
vary according to their position. Therefore forarcraft configuration AOA is usually given
to a certain fixed datum line or reference plabhés tommon to express aerodynamic forces
and moments in terms of dimensionless coefficiemsause they enable the application of
the laws of mechanical similarity. For example, iaegrs often perform wind tunnel tests
with subscaled models to determine aerodynamidicaafts which can then be carried over
the full model if certain conditions are fulfilledAnderson 1984 (p. 27) describes these
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conditions with the term “flow similarity”, wherefl, drag and moment coefficients can be
considered equal for two flows over geometricaligikar bodies, if the similarity parameters,
ReandMa, are the same.

For an aircraft in a three-dimensional flow fidift,and drag coefficients are defined by

= ;2 (3.22)
050,V. %S,

C, = Lz (3.23)
050,V..S,,

SinceL and D are vector components of the resultant aerodynéonee, they can also be
substituted in equation (3.21). Using the defingiofor the dimensionless coefficients
described above, it can be written as

C, = f(ReMa,a) (3.24)

C, = f(ReMa,a) (3.25)

Hence, for a given geometric shape, lift and dragffccients are functions dke Ma and a
only. The Reynolds numbers an important dimensionless parameter in flujhasics
defined as the ratio of inertia forces to visconixés and is primarily used to describe flow
characteristicsMair 1992 (p. 5) states that the effects of varying Reynaidmber onC,

and C, due to changes in speed and altitude are relatarekll for the flight envelope of

most aircraft and are therefore often neglectegreliminary performance calculations. As
defined before in equation (3.16), tMach numbergives the ratio of flow velocity to the
speed of sound and is often used to describe casipiigy effects of flows at higher speeds.
With increasingMa the influence on lift and drag coefficients becemaore significant. For
C, this is especially the case in the so-called vamsspeed range, whela approaches

1,0. However, for Mach numbers up to 0,3, air cardesidered incompressible agg and
C, are assumed independentMé&. Since values greater than 0,3 are not plannadgltire

Ravenflight testing, these effects will also be negéecin further analysis, thus lift and drag
coefficients will be regarded as functions of angfi@ttack onlyFig. 3.2shows the variation
of C, andC, with a for a typical aircraft in a clean configurationiglhlift devices and

landing gear retracted).



37

Co
10 Cy

|

Cp [

—0.6 // // 1

F

—0.4 h#// i

|

L oo | !

ar !

/ | |
0 2 4 6 8 10 12 14 16 18

a (deg)

Fig. 3.2 Typical aircraft lift and drag functions with angle of attack (Mair 1992)

At low angles of attaclC, increases linearly with increasimg describing the so-calleldt
curve slopeFor a thin aerofoil this is given by

dC,
da

= 2n rad® (3.26)

However, for an aircraft configuration the lift eer slope will have lower values due to
various factors, including three-dimensional eecaused by the finite span of the wings. At
higher AOA the function becomes non-linear everyuaaching a maximum and then falling
rapidly due to flow separation and loss of lift.igmon-linear area is affected by several
parameters like wing shape, slat/flap settings Reginolds number, therefore it is usually
determined experimentally in wind tunnels or frotight tests at higher AOA near the
aircraft’s stall speed. For an aerofoil with moderthickness, the maximum lift coefficient
will increase significantly with increasing Reynsldumber, which is generally less effective
for cambered than for symmetrical sectioRegkam 1997 p. 80). Flows of higherevalues
have an increased amount of energy and tend tocawer high pressure gradients, thus
delaying flow separation and producing a highdrddefficient at the same angle of attack.
This also affects greatly the drag qualities of aarofoil, since flow separations add a
significant amount pressure drag increasing thed tbiag coefficient.

For an aircraft configuration the maximum lift cheient determines the so-called stall speed
Vg, defined byJAR-1 1996 as the minimum steady flight speed at which th@@ane is



38

controllable. It is usually given for different 8lap settings depending on the wing
configuration. In this work/g will be regarded as the minimum level flight spe¢evhich an

aircraft can generate a lift force equal to its gl Rearranging equation (3.22) and
expressingVy in terms of equivalent/calibrated airspeed, yig¢h#sfollowing formula:

v= W (3.27)
PoCL maxS

L, max“~ref

Using this equation the maximum lift coefficienindae calculated for a measured stall speed
during flight tests. The precise flight techniq@esl data reduction sequence are described in
detail in Chapter 6.

Along with aerodynamic forces, pressure and shé&ass distributions over an aerofoil
surface also generate a moment which tends to ghtetaerofoil up or down. Its magnitude
depends on the location of the reference poisttiken to be about and on the lift coefficient
at a given angle of attack. Pitching moments ase akpressed in dimensionless form, as
shown later in equation (3.28), and the moment faoeft, given usually with a subscript
indicating its reference point, is a function Ré, Ma anda as well. A unique location on
an aerofoil is the so-called aerodynamic centre)(Aleéfined as “the point about which the
variation of the pitching moment with angle of aktas zero” Roskam 1997 p. 59), hence
the moment about this point will remain constanthwahanges o€, . This is a very useful

quality, since the centre of pressure, where theltant aerodynamic force acts, changes with
varying AOA, and is not suitable as a referencafpiar further calculations.

In static stability analysis pitching moments egdron an aircraft are referenced to its centre
of gravity (CG) giving a rotation about the lateaais. By definition moments are positive in
a nose up direction. Similar to lift and drag caééints, the pitching moment coefficient is
also defined for a specific reference area, howdévalso related to a characteristic length
called the Mean Aerodynamic Chord (MAC) as givelobe

c. = M (3.28)
Moo 050V, %S, C '

ef

MAC or € is defined as “the chord of an equivalent wingthaut taper, twist or sweep,
which has essentially the same total lift and pitghmoment of the actual wing*Y6ung
2001, Chapter 2, p. 6). For a planform wing ai®at can be calculated by integrating the
local chord length along the half wing span asofef:



J'czdy (3.29)

As described above, the term ,aerodynamic centglies for an aerofoil in a two-
dimensional flow field. However, this concept cdsoabe carried over in static stability
analysis for an aircraft configuration giving the-clled neutral point. It is defined as the
point on an aircraft about which the pitching moitnemains constant with varying angle of
attack, or where the curve slog€ /dC, equals zeroKimberlin 2003 p. 214). Both
the aircraft’'s centre of gravity and neutral pgositions are usually given in percent of MAC

allowing engineers to make a comparison betwedardiit aircraft designs. This is discussed
further as part of the static stability analysi€imapter 6.

M, c.g.

3.4.2 Drag polar

Aeroplane drag predictions are of great importantepreliminary design calculations
determining the thrust required to achieve a smetiperformance or the performance
obtainable for a given thrust. At a certain spekd powerplant’s fuel consumption is
approximately proportional to the produced thrustking drag a crucial parameter for the
economical efficiency of an aeroplane. In cruisgggenance analysis drag predictions affect
important aeroplane characteristics like range endurance and are therefore subject to
thorough investigation. Since there exists no divey to measure drag in flight, engineers
usually rely on approximate mathematical modelstéwt performance calculations, dividing
total drag into different components. The most cammalassification that can be found in
aviation literature estimates total drag as the etiparasite, induced and wave drBgrasite
drag is defined as the drag dependent on lift prodactiothe drag at zero lift. Generally, it
can be further divided into interference drag, eausy the interaction between different parts
of the aircraft in close proximity, and profile dréurther classified in skin friction drag and
pressure dragnduced dragdescribes the lift-dependent part of the totafydia the classical
lifting-line theory it is referred to as the drdgat results from the generation of a trailing
vortex system downstream on a lifting surface witdél spanWave drags associated with the
formation of shock waves due to compressibilityeef§ at high subsonic and supersonic
speeds. For conventional transport aircraft theslly appear at Mach numbers between 0,7
and 0,8, however, since compressibility effectstaygond the scope of this work, wave drag
will be disregarded in further discussions.

A simple mathematical model for drag on moderaeedpaeroplanes provides the so-called
parabolic drag polar which is not a statement of a physical law, mutriore or less an
empirical relationship. It is given below in equeti(3.30) and also presented qualitatively in
graphical form irFig. 3.3
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c’

C,=C, +
b P " A€

(3.30)

Total drag is divided into two principal componerdee dependent on lift (induced drag) and
one independent of lift (parasite drag, denotedCRy). The induced drag is defined as a

square function o, for a given aircraft geometry described by the @dvefficiency factor

e and the aspect ratid. The value ofe is definitive for the lift distribution over the
aircraft’'s wings and is generally between 0,65 @&@D (Young 2001 Chapter 3, p. 4).
According to RANDTL’s classical lifting-line theory wings with a maxiim value ofe equal

to 1,0 have an elliptical lift distribution, henaeuniform downwash velocity along the span.
The aspect ratioA is another important geometric property for winggh finite span.
Increasing the value oA reduces the effects of trailing vortices, thusrdases induced drag
exerted on the aircraft. The aspect ratio is defime

b2
A= E (3.31)
Lift
coefficient,
CL CDG
3
A
A (Cr/Cp)max
&
xAe

Drag coefficient, Co =

Fig. 3.3 Parabolic drag polar (Roskam 1997)

This simple parabolic drag polar model is a goodr@xamation for conventional aircraft in
normal flight conditions. However, it becomes ina@te when the lift coefficient is either
very small or very large (at stall speeds). In fivst case, the parabolic model is
unsatisfactory, because minimum drag usually ocaties small positive lift coefficient(g.
3.4), not at zero lift, as stated by equation (3.3Dh the other hand, at approaching stall
condition boundary layer separation causes thecediudrag to increase rapidly with
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increasingC, , making the above given square dependency ingdecula alternative drag
polar, described bilair 1992 (p. 39) as thenodified parabolic laywuses datum lift and drag
coefficients at minimum drag and provides a moreueste model at low values ¢, .
Equations for this alternative model can also bendoin Roskam 1997and Young 2001

(Chapter 3). However, due to its simplicity and quibte representation of the true drag polar
during normal flight operation, equation (3.30) Maé used in further performance analysis.

A common parameter used in performance calculatioriee so called lift-to-drag ratio or
glide ratio E, that describes, as its hame suggests, the rhtiti to drag force. Using the
dimensionless form given by equations (3.22) ang3)3it can also be expressed as the ratio
of C, to C, . For a gliderE denotes the distance travelled ahead for a umiltitdde lost.

E=—L (3.32)

The maximum value oE can be determined graphically, as showfRig 3.3 by drawing a
tangential line from the start of the coordinatesteyn to the drag polar (point A). From
equation (3.30) it can be shown that at maximutrtdddrag ratio the zero-lift drag will equal
the induced drag, hence the total drag coeffiaielhtbe the doubled value of, .

Fig. 3.4presents a typical drag polar for an aeroplaredtean configuration. The symg8|
not used in this work for this purpose, denotes#legprocal ofE giving a minimum value of
0,06, thus a maximum lift-to-drag ratio of approziely 16,7.
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Fig. 3.4 Variation of C, with C, for a typical aircraft configuration (Mair 1992)
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3.4.3 Performance equations

For performance analysis equations describing yimamics of an aircraft in different phases
of flight are needed. Therefore, as stated in tbgirtming of this section, the aircraft is
reduced to a mass point with all forces actingsrcentre of gravity, thus no inertia moments
about its three axes are taken into account. Fusih@lifications include a straight line flight
path and thrust produced by the powerplant to béight path direction, hence angular
deviations due to AOA and thrust vector angle ®alhicraft datum axis are ignored. The first
approximation can be safely made for normal flighérations like climb and descent, where
the curvature of the flight path is very small attucing a negligible rate of change of the
flight path angle with time.

The governing equations can be obtained using aotenergy method regarding the total
energy of a moving aircraft as the sum of its kimeind potential energy, or a free-body
diagram with all forces acting on the aircraft ddesed. The latter one is adopted in this
work and presented below kig. 3.5

£
K gy

- T S ...‘: —
dv RRR \ /7
— N
dt i
P
: T S "."'f:;-- - ;'fl .
Horizontal 2l \,_‘f‘i:‘:?h
D
W
Fig. 3.5 Forces acting on an aircraft in a straight, symmetric flight
In flight path direction the application ofeM/TON's laws of motion yields
. W dv
F, -D-Wsiny=—— (3.33)
g dt

Normal to the flight path the centripetal accelerais approximately zero due to the infinite
radius resulting from the small curvature, heneesihim of all forces can be estimated as

L-Wcosy =0 (3.34)
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Equations (3.33) and (3.34) are commonly used apations for the motion of an aircraft
in a symmetric flight at low AOA. These are referte later in Chapter 6 when methods to
determine lift and drag coefficients from flighste are described, however, their application
at higher values ofr should be treated with a certain amount of cautloa to the above
made simplifications.
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4  Calibration methods

Calibration of flight instruments is performed both the laboratory to determine the
instrument’s own error and during flight testingarder to take into account the effects of
speed, altitude and the surrounding airframe. B#rpurpose is to establish the relationship
between measured values and true values by corgp#ngse and obtaining a certain
measurement error for different ambient conditiddentrary to laboratory calibration which
is performed for all instruments, in-flight caliltien concerns primarily the Pitot-static
system position error influenced by the aircraftfessure field and by flow inclinations. As
laboratory instrument calibration is beyond the scopthis work, only brief references are
made regarding temperature, pressure and angldgtaafkameasurement, while the main
emphasis in this chapter lies on various in-fliggehniques for obtaining the position error.

4.1 Calibration of temperature sensors

Measurement of free-stream temperature in flighktirig is important to determine the air
density and thus affects the accuracy of the olbenaerodynamic data. Because of their
design and location temperature probes are sulgexdrrection for both instrument error and
temperature recovery factor. The instrument ermr & temperature sensor should be
determined in the laboratory by comparing measteatperature to actual temperature for a
certain range, which is given by the planned fliggst altitude. For a remote controlled
subscaled aircraft a suggested temperature rangkel Wweuetweenl10 and40 °Cwhere non-
standard weather conditions up to 1000 m above M8Icensidered.

Probes are designed to measure total air temperayubringing the air to rest relative to the
aircraft. Due to the occurring compression air edgpees an adiabatic increase in
temperature and therefore to obtain the static (@mtemperature a kinetic term should be
subtracted from the measured total temperature.afRoadiabatic process the relationship
between total and static temperature is given maeon (3.15). Since in practice the air does
not come to a full rest and the temperature riseat perfectly adiabatic, an empirical

recovery factor is to be considered as follows:

TT—T =1+k, d‘z;l Ma? 4.1)

According toWard 2006aandKimberlin 2003, for a good flight test measurement system
the recovery factor usually will take values in tlenge between 0,95 and 1,0 and for
subsonic speeds it will be constant throughoufltbet envelope.
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Using equation (3.13) for the speed of sound ira&qn (4.1) and solving fof; gives:

TT :T+krec|j _1W2 (42)
2xkR

Kimberlin 2003 (p. 38) suggests a method for determining thewegofactor graphically by
plotting T; against the term containing the airspeed and tbpepties of air and then taking

the slope of the resulting straight line. This cblble done before flight testing for data
measured in a wind tunnel where the precise aitsjgelenown. The exact total temperature is
to be calculated from the sensor indicated tempegand the instrument error as follows:

T, =39 + 48, +27315K (4.3)

To summarise, for an indicated temperature witmawan instrument error the ambient air
temperature is to be obtained from the airspeed thedpre-determined recovery factor
combining equations (4.2) and (4.3):

T =(2 +49, +27315K)-k [—T%m/z (4.4)
K

An alternative method to obtain the ambient airgerature from the indicated value of the
probe givesFig. A.2 in Appendix A. The chart, taken fromNavAir 1992 (Appendix 9),
provides a graphical relationship between the ®vopgeratures dependent on the free-stream
Mach number and the recovery factor of the prolteis|suitable for most standard
temperature probes with a recovery factor betwe@s &nd 1,0.

TheRavenis not equipped with a typical temperature probeduon modern aircraft, however
during flight tests a simple sensor will provide thecessary ambient temperature data. It will
be located outside of the airframe in the incomamglow protected from direct sunlight.
Therefore the air is not brought to rest as imapierature probe and this allows for the kinetic
term in equation (3.15) to be neglected when catog the ambient temperature out of the
measured value. This is particularly true for lowadh numbers as it minimises the
calculation error furthermore. The only correct@applicable here is the instrument error of
the sensor, pre-determined in the laboratory. Bamgple, if the instrument corrected
temperature is 40 °C and the aircraft is flying &lach number of 0,3 — the maximum values
of these parameters planned for the flight testinthe ambient temperature, as calculated
from equation (3.15), will be 34,5 °C, thus introohg an error of 5,5 °C. However, equation
(3.15) assumes that the air is brought to restbadi@ally and the total temperature is the



46

measured temperature, thus for a sensor locatetttlgirin the airflow the increase of
temperature due to a slowdown and respectivelyni@surement error will be of less amount.
This statement is to be verified quantitatively imwv speeds up to 150 km/h before the actual
flight testing. The simple experiment will consadt holding the temperature sensor outside
through the window of a moving car and reading itidications for different speeds. By
comparing these with the known ambient air tempeead function of the measurement error
could be derived.

4.2 Instrument calibration of pressure sensors

Due to their instrument error static pressure senaad Pitot tubes need to be calibrated
before flight testing by obtaining a characteristiove for a certain pressure range which
represents the relation between sensor indicatesspre and actual pressure. It should be
noted that since this calibration is to be donefmethe actual flight testing, no influence of

the aircraft's pressure field and thus no posiioor is regarded in the following.

In the atmosphere pressure decreases with incgealtitude and therefore a static pressure
sensor calibration is to be done for a pressurgedower than the normal barometric
conditions on the ground. On this matter a U-shapkd with water can be used to achieve
the low pressures for the planned test altitude eaag shown irFig. 4.1 For a known
reference pressure at one end of the tube, theownkmpressure at the other end can be
obtained by measuring the water level differencedight.

pic = pref _pgAh (45)
Reference
Pressure
pl‘ef Indicated
¢ Pressure
N - T
Unknown
Pressure
1 = pfc
Ah

Liguid ,e.g., water

Fig. 4.1 Pressure measurement in a U-shaped tube
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A comparison of the calculated pressure with thasueement from the static pressure sensor
yields the static pressure instrument error coiwact

Apic = pic - pi (46)

Flight tests with thd&kavenaircraft are planned for altitudes between 300 0@ m, however
some manoeuvres would require climbing to a higbafer) altitude, therefore a reasonable
limit is up to 1000 m. With this in mind and consithg non-standard conditions on the
ground, the pressure altitude range for ISA coadgican then be assumed between -150 and
1400 m, approx. equal to a pressure range betd@8d hPaand856 hPa These threshold
values consider conditions on the ground in bothh land low pressure days. The pressure
calibration steps between these values are to fireedeaccording to the accuracy that can be
achieved measuring water level differences in ahépsed tube. Since the dependency
between actual and measured value is normallyrlirsainstrument error could be obtained
for the threshold values of both sensors and bynsi@h some values within the pressure
range the linearity could be verified. If some higgk manoeuvres, for example stall or spin
behaviour testing, require altitudes outside ofaheve described range, the linearity could be
used to obtain an instrument error in these cases.

At high speeds the total pressure measured byoa tibe will have comparatively greater
values than the static pressure and these cowdalsichieved using a water column instead
of a U-shaped tube. The total pressure should loelated dependent on the water depth by
knowing the reference pressure above the wateaseirirhe instrument error correction could
then be computed as the difference between cadclitatd indicated total pressure.

AP; e = Pric ~ Pr.i (4.7)

Threshold values for total pressure can be deteunfirom equation (3.14) using performance
data about the aircraft's maximum and stalling dppeesented imable 2.1 This yields a
total pressure range betwe#si7 and1096hPa.

Normally flight instruments, especially mechanioaks, show a difference in their readings
between increasing and decreasing values refeored instrument hysteresis. This is to be
taken in consideration during the pressure seradsration by making the calibration steps

in both ascending and descending order. After dcafiit obtaining the characteristic curves

for both sensors, mathematical functions with MSdixcould be derived using the tool

“Trendline”. This allows for an approximate expliess which corresponds to a curve

progression in a certain range and could be veryamiant when using calculation software,

as unlike charts mathematical functions can beempghted into programme codes.
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4.3 Position error calibration methods

The static pressure source error leads to errdostim altitude and velocity measurements and
therefore multiple approaches exist for determiningir values. The most common ones
include methods using free-stream static presswgasaorement and true airspeed methods.
When choosing a suitable calibration technique ndigg the position error, there are certain
factors that should be taken into account. Methoetpuiring only basic facilities and
instrumentation may offer a simple way to calibr&#ot-static systems, however the
obtained data could lack in accuracy. In this casasidering the aircraft dimensions and the
location of the pressure sensors in front of threrait's nose, one can predict a small
influence of the pressure field around the airfraznethe measured data, resulting in small
position error. Therefore it is important that tteosen calibration method provides a precise
measurement to identify this error. The main puepssto obtaindh,. and 4V, as function

of the instrument calibrated airspe¥d for a certain range of altitudes planned for tight

testing. To minimise the effects of flow inclinatiqangle of attack and sideslip) static
pressure orifices should be located on oppositessidlative to the centreline. If this is not
possible the influence of these parameters on dséi@n error should also be included in the
calibration charts.

4.3.1 Background

Both altimeters and airspeed indicators use pressuasurements to convert them into
specific flight data like altitude and velocity, atiterefore their readings will be affected by
the position error. As pressure indications arednactly obtainable from these instruments,
it is convenient to express the position errorams of altitude and airspeed corrections,
rather than in terms of pressure. Such approadralsib be adopted in this case, however it
should be noted that although inconsistent with itfetrument calibration in the previous

section where terms of pressure were used, it alfmwv a more straightforward use of the
calibration methods described by various authofbght testing books.

As previously stated, none of the above mentiomeddrumentation is available for the
planned flight testing, thus airspeed and altitadeto be calculated manually using the raw
pressure data from the sensors. Taking the caditbrairspeed definition for an ASI given by
equation (3.18) and considering the propertiesrofialds:

1

“p s
V. =a,0/5 (Mﬂj -1 (4.8)
Po
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According toWard 2006a (p. 24), a carefully designed Pitot tube will reduthe total
pressure position error to a negligible value aivfinclinations of up to approximately 20°.
Therefore, for the purpose of this work no positeoror in the total pressure measurement is
considered, hence the instrument corrected toégspirep; . is used in equation (4.8). If the

static pressure is also substituted with its imarnt corrected value and thus regarded free of
position errorV. becomes the instrument corrected airspéed

Taking into account equation (4.6) and (4.7) givesfollowing formula forV,, :

1

—p +4p.. - Ap. 35
pT,l pl pT,lc pIC +1j _1
Po

w:%DS( (4.9)

To obtain the calibrated airspeed frafp a further correction should be made with respect t
the static pressure position error:

V. =V +4V (4.10)
C ic pc

As the atmosphere's variables change continuotiglit test data needs to be reduced to
standard day conditions. Only on this basis regtdta different flight tests or even different
vehicles can be compared equitably. Therefore cstatessure measurements should be
referenced to ISA conditions to calculate presaititude. Taking the instrument corrected
value for the static pressure and substitutingvidaes for gravity, specific gas constant and
temperature lapse rate in the exponent term wair t8A equivalents, equation (3.8) can be
written as

1

 \5,25588
hy o =10 1—(&j (4.11)
A Po

In the same way as for the airspeed an actual (ffeerror) pressure altitude, can be
obtained:

h,=h,, +2h (4.12)
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Since altimeters and airspeed indicators both wesspre data measured by the static port,
their position errors are functions of the statiegsure position error and therefore an
approximation relating these parameters can berdatdor certain conditiondVard 2006a

(p. 28) derives a formula based on an isentromw fbrocess, thus valid only for subsonic

speeds, which is given for aviation units (feettshoThis is modified and presented below in

equations (4.13) and (4.14) with no special unitssedered. The full derivation and a plot of

equation (4.14) in Sl units can be founddjppendix B.

1

4 4 —1V, 7 |
Pp _ % pOZ/IC 1+ (K 1)\2/10 (4.13)
a a, 2a,

pc

x-1

(4.14)

2
ahy,. _ 1+K—1[Evij
Avpc astd gO 2 a‘O

According toward 20064 this equation is a valid approximation fdh . <1000ft (approx.

300 m) and4V,, <10 kts(approx. 5 m/s), a sufficient range for flight tteg with a

subscaled aircraft model. For position error cdroes of greater value its accuracy is
guestionable and alternate sources should be ¢edsul

4.3.2 Speed course method

There exist various techniques which use a truspaéd approach for in-flight calibration to
determine the position error. Due to their simpyi@and basic instrumentation requirements
they offer an easy way to calibrate Pitot-statistegns, however, they often lack accuracy if
flight tests are not performed with the necessanount of care. Using ground speed
measurements or anemometer readings to obtairalibeated airspeed, one can calculate the
airspeed position error by comparing this valuethe instrument calibrated airspeed, as
shown by equation (4.10).

The speed course method consists of flying theadirat constant indicated airspeed and low
altitude over an accurately measured ground coacsea precise ground speed can be
calculated using the course distamhcand the measured timebetween starting and terminal
point. To eliminate crosswind effects the courseflisvn in both directions (opposite
headings) and the ground speeds are averaged. iDrdtlowed since the aircraft is not
stabilised on a track, but is aligned on a heagiallel to the measured course. The course
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distance is to be selected in accordance with ittspeseds being flown. Usually landmarks,
which remind perpendicular “end lines” like roadspomver lines, are used for this purpose It
should be noted that excessively long times toetrss/ will worsen the test results, but on the
other hand, if using stop watches to measure tiheeplanned timing interval should be large
compared to the error in marking the start and staps.Fig. 4.2 gives an illustration of the
speed course technique:

rack 2

Fig. 4.2 Speed course geometry

The accuracy of this method depends on the albdistabilise the aircraft over the course, as
well as on the stopwatch timing precision. The niogiortant parameter to be held constant
is the indicated airspeed with a variation dueuttilence or poor pilot technique not more
than 1 kt (approx. 0,5 m/s). For reducing wing @8eflight test should be performed when
the wind speed is near zero, often near sunsetrwisge Vard 20063 p. 35).

Appendix 9 ofAC23-8B 2003gives certain test conditions and aspects of pleed course
method that should be taken into considerationreedod during flight testing. Some of them
are summarised in the following with their SI urgtsen:

* On test day the air should be as smooth as possibid speeds should not exceed 10 kts
(approx. 5 m/s).

» Test altitude should be as low as practical, bu¢adt one and one-half wing spans above
the highest ground elevation to exclude groundcesfeAll test pairs should be performed
at the same altitude.

* The airspeed range should be from 1,3 times tHesgt@ed to the maximum level flight
speed. For airspeeds above 250 kts (approx. 129 anfourse distanck of 5 miles
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(approx 8 km) is to be anticipated. Below 100 lagpfox. 51 m/s) the limit distance is 1
mile (approx. 1,6 km).

These test conditions are provided by the FAA AdjsCircular for certification of Part 23
aeroplanes, but they are neither mandatory not toegtitute a regulation. Although the
original business jet design, upon which fRavenhas been dynamically subscaled, was
intended as a Part 23 aeroplane, these conditmrid be used only as a basis of comparison
and background information, but should not be sedi straightforwardly for the planned
flight testing, because of the considerably smaliee of the aircraft.

A data reduction sequence for obtaining the pasigoror from speed course method test
measurements is shownTable 4.1 It is similar to the one suggestediynberlin 2003 (p.

35) with variations in some of the calculation steljpe to different flight test data available in
this case. The instrument corrected values forspres temperature and airspeed are to be
obtained using the appropriate instrument errorecdions.

Table 4.1 Speed course data reduction sequence

Step| Calculate From

1 Vi Equation (4.9)

2 Pic Equation (4.6)

4 T, J, +27315

5 o) Equation (3.10) with #2

6 7] Equation (3.11) with #4

7 o #5+#6

8 |Jo V#7

9 Vg | +t (for opposite headings)

10 | V. #8x#9 (for opposite headings)
11 | Ve ayg averageV,. for opposite headings
12 | 4V, Equation (4.10) with #11 and #1

To obtain4h,, first the position errodp, should be calculated from equation (4.13) using
AV,.. By correctingp,, the ambient pressure and thus the true presstitedalh, can be
calculated. A comparison betweép andh ;. yields the altitude position error correction, as
given by equation (4.12).
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4.3.3 GPS techniques

A variation of the speed course technique offersube of a GPS receiver to obtain the
ground speed, rather than calculating it from thrse distance. Since the GPS ground speed
is the first derivative of the position, a fixeda@rin the location of the aircraft will not affect
the ground speed making conventional GPS recehigtdy accurate in their measurements
and thus applicable in this case. The componerth@fground speed along the aircraft’'s
heading can be obtained using the GPS ground spetdeading and the aircraft’s track over
the Earth. The test procedure follows the speedseonrethod explained above, however
before the actual data recording the aircraft shdel stabilised in airspeed and altitude long
enough for the GPS receiver to update, usually teemaf secondskimberlin 2003, p. 37).
Wind effects should also be minimised by flyingipeocal headings. Airspeed and altitude
position error corrections can be obtained withdh& reduction sequence fromable 4.1
Unlike the original speed course method, using & @GReiver offers the advantage of flying
the aircraft at higher altitudes as long as thesassmooth, thus allowing tests near stall speed.

Another similar technique using GPS ground speed idathe so-called “cloverleaf method”
described byward 2006a (p. 36). It consists of an aircraft flying thredfelient headings
120° to each other, thus forming a flight pathecgyry reminding of a cloverleaf shape. By
measuring the ground speed and the track overdhé,Eone can graphically obtain the wind
speed and direction, and thus the wind componengahe aircraft’'s heading. An illustration
of this method similar to the one givenWard 2006ais shown inFig. 4.3

North A

\4 / \
AWind Ve,
Y, {L{i’f_r_z
V,

Fig. 4.3 Cloverleaf technique geometry / Ground speed relationships

Wind speed and direction can also be obtained filoenlocal weather forecast or with a
weather balloon before flight testing. Another wiayto fly exact circles maintaining a

constant altitude and allowing the aircraft to tdmf wind direction. Using a GPS receiver to
plot the trajectory of the flight afterwards, onancdraw a line between the centres of the
circles, which represents the wind direction. Usihg recorded time and the length of the
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drift, the wind speed can be calculated. With a kmavind speed and direction, the aircraft
can be flown into and with the wind to obtain theet airspeed. These manoeuvres however
depend highly on piloting abilities and require edhan one flight test and a results
evaluation in the mean time, which could incre&secosts and thus reduce the efficiency.

During flight testing with theRavenno real-time data regarding the aircraft's headmg
available, which makes difficult for the pilot toamtain a constant heading throughout the
flight envelope. If the above described techniqueiag GPS are to be utilised for calibration
purposes, a constant heading during these manaeis/required, since not fulfilling this
condition may affect considerably the accuracy @ tesults and make the acquired data
questionable. As described in the speed course ahetAndmarks with a known heading
could be used as a reference, however this ispatdadematic when piloting with a remote
control device from the ground.

4.3.4 Calibration using GPS altitude data

By comparing the GPS altitude data with the presdwight calculated from the sensor
measured static pressure a calibration curve forathiide static position error could be

obtained. Since a GPS device measures the georhetght above the Earth's surface at a
certain point, a transformation into pressure heaglstandard day conditions should be made.

The calculation order is as follows:

« First, the instrument corrected pressure from tahgcspressure sensor should be converted
into ISA pressure altitudl, ;. using equation (4.11) or by interpolation usifaple A.1

from Appendix A.

e Using the GPS altitude and the known elevatiorhefderodrome the altitude above MSL
could be obtained:

Hus. = Hgps + H (4.15)

airfield

« For non-standard conditions (pressure and tempejatarrections need to be made, as
described byscholz 2002(p. 9 and 10). If the local QNH differs from,, a correction of

H,s iS to be made for an altitude referencedpipto be calculated. This correction

applies only for a pressure deviation from the d¢éad day conditions not for a deviation in
temperature.
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1

+ 5,25588
AH :& 1- QNH (4.16)
A Po

« If a temperature deviatiodT,s, from T, exists, a correction is to be made to obtain the
pressure altitude corresponding to the ISA.

.
h, =(Hys +4H ) B—2— 4.17
p = (s + AH) B (417)

e« A comparison to the instrument corrected pressutitude yields the altitude static
position error correction, as described by equaidob?):

4h, =h -h .

 For the pressure altitude, a relative densityr,,, can be calculated or taken from ISA
tables. Then, using equation (4\8) can be obtained with the sensor indicated pressure
values and their corresponding instrument errosbsgtuting these parameters ad

in equation (4.14) yields the airspeed positioorecorrectionFig. B.1 from Appendix B
can also be used to obtain the ratio of altitud&inspeed position error correction.

The above described calibration method relies @tipely measured altitude data therefore
its application would be reasonable only for higatgurate GPS receivers. Unfortunately, the
accuracy commercially available devices can achieapproximatel 0 m thus making the
altitude data unsuitable for calibration usage. mgkinto consideration the position of the
pressure sensors on the aircraft, one can assurha tim@asurement error caused by the
influence of the aircraft’s pressure field would srealler than the one of the GPS device. An
alternative solution would be to use a Differen@®S, which can achieve accuracies from a
couple of meters up to a few centimetres, but aldb increase considerably the costs planned
for the flight testing. The DGPS requires two rgees, one being the so-called base station
with a precise known position on the ground. By panng it to the position obtained from
satellite signals, the base station calculatedfareince and applies it to the second receiver
located on board of the test aircraft.



56

4.3.5 Other commonly used methods

In the following several calibration methods freqthe used in modern aviation are briefly
presented, as described in various flight testimgkb. However their application in tRRaven
flight testing is due to limited resources and latknstrumentation not possible.

Trailing cone method

This technique often applied in both commercial amtitary aviation uses a trailing cone
with tubing to transmit static pressure located abnsiderable distance behind the aircraft to
measure the free-stream static pressure unaffdstetie aircraft's presence. The distance
should be at least 1,5 to 2 times the aircraftgtb. This method is good for high speed flight,
but could generate some problems at low speedse #ire cone’s weight will cause it to fall
down introducing airflow into the static poKi(berlin 2003 p. 33).

Pitot-static boom method

This method is standard for small aircraft, whereitat-static boom is mounted on the nose
or on one of the wing tips, so that the static gues ports are outside of the aircraft’s pressure
field. TheRavenis equipped with a similar device in front of these, but it doesn’'t meet the
necessary size requirements to be considered aboose. According t&imberlin 2003 (p.

32), the minimum distance for nose booms is 1,glage diameter ahead and for wing tip
booms — one chord length. This technique is inateuat low speeds due to flow inclinations
causing total pressure to enter the static poris Tould be improved by using a free
swivelling boom, which on the other hand experisrbgtering at high speeds.

Tower fly-by method

With the tower fly-by method only the static pregssource can be calibrated and if recorded
data is to be used to obtain the airspeed posgtioor, an assumption of a free of error total
pressure measurement is to be madié23-8B 2003 Appendix 9). The technique is used
primary by the military and consists of the airtfafing down a tower fly-by line at constant
speed and constant altitude approximately leveh whte eyepiece in the tower. Using the
known height of the tower and a theodolite to datee the aircraft’'s height with respect to
the tower, the height of the aircraft above grooad be obtained and then compared to the
altimeter readings. A detailed data reduction seqgeies given byVard 2006a (p. 33) The
main problems associated with this technique arespiemd limitations due to the low test
altitude and the requirements for an instrumeneget.

Pacer aircraft method

This technique uses a second, calibrated airceatt atandard to calibrate the test aircratft.
Though such aircraft is costly to maintain and ftyallows for flying wide airspeed and
altitude ranges and collecting rapidly static gositerror dataWard 2006a(p. 33) describes
two variations of this method, the first one beihg pacer and test aircraft flying in formation.
The important parameters to be maintained the $am#oth aircraft are altitude and airspeed,
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whereas they should keep a certain distance sonighher pressure measurements are
affected by the other’s presence. The second @riabnsists of the test aircraft flying at
different speeds past the pacer aircraft, whichntaas a constant speed and altitude. The
main disadvantage of this variation is the accumifcyeading the instrument indications of
both aircraft simultaneously.

4.4 Calibration of vanes

Flow inclinations affect the aircraft's aerodynamijgerformance and their precise

measurement is essential for evaluation of the datarded during flight testing. For most

aircraft AOA and sideslip measurements are donggugines mounted in the front section of
the fuselage. These movable devices orientate #leassin accordance to the movement of
the surrounding air, giving the flow inclinatioriaBve to the aircraft. Since both lift and drag
are functions of angle of attack, its precise measent is of significant importance during

flight testing. On modern civil aircraft flight itrements, for example the Stall-warning

Indicator, require accurate data from the vane @gsnfor critical angle of attack and stall

speed determination.

Conventional aircraft are symmetric to a verticalnad on the fuselage centre line, allowing
for a symmetrical airflow around the wings duringrmal flight procedures. However, certain
manoeuvres can introduce a sideslip, an airflowiognat a certain angle, the angle of
sideslipg, relative to the plane of symmetry. This affetts aircraft's performance and can
be an important parameter for example during cvassl landing.Fig. 4.4 shows a typical
shape and location of vanes used for determining fhclinations. Unlike the Pitot tube on
Fig. 4.4theRavenhas only two vanes — one for AOA and one for dideseasurement.

Fig. 4.4 Pitot tube with vanes for @ and [ measurement (SpaceAge 2008)
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Calibration of vanes can be performed both stdyi¢ala wind tunnel and dynamically during
flight tests. Its purpose is to obtain a curvetmetpactual and measured angle of attack. In a
wind tunnel different AOA measurements at variousspgeeds can be performed and
compared to the indicated values from the vaneta@easpects of wind tunnel measurement
like a correction factor due to a deflection of #iglow upwards in the measuring section
should be taken into account when determining ttkeiah flow inclination. Normally a
measured AOA should be independent of the airspadite however at higher speeds a
fluttering of the vane can cause inaccurate measamts. On the other hand, at very low
speeds the vane may not be able to orientate #galftly in the coming airflow and would
indicate lower AOA values, which should also besd®ined during the wind tunnel tests.

Regarding in-flight calibration of an angle of attasensoWard 2006b (p. 3-22) describes
the following method. Generally, the AOA is can balculated from the geometric
relationship given in equation (4.18):

a=6.-y (4.18)

In case of a steady, level flight the pitch attéudould equal the angle of attack, since no
flight path angle and no acceleration along thghtlipath exist. The pitch angle could be

measured using an attitude gyro, however with @nracy in the order of 0,5° to 1,0° at best.

Therefore a more common measurement is done usicglesometers oriented along the

aircraft’s longitudinal axis giving an accuracy Wween 0,1° and 0,3°. This measurement can
be approximated with the following equation:

a, =sina =sing; (4.19)

Regarding sideslip angle calibration the followmgthod is given byard 2006b (p. 6-24):

»The sideslip angle can be calibrated with analysfsrudder pulses using a Modified Maximum
Likelihood Estimation (MMLE) routine. This estinmati technique uses statistical methods to
estimate sideslip angle by integrating side acaglen, yaw rate signals and other state
variables.”

Since no wind tunnel measurements with Ra&venare planned before the actual flight
testing, data from the accelerometer along theradtis longitudinal axis during a steady,
level flight can be used for an AOA vane calibratidinfortunately the above described
method for the sideslip angle calibration requirese flight data than available and therefore
it is not applicable in this case. Instead the A@#&e can be taken as a reference and its
calibration curve can be adopted for the sidestigl@with a certain amount of cautiousness
when evaluating the recorded data.
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5  Turbine thrust model and performance

The Ravenis equipped with two gas turbine engines FS-70hbgm for remote controlled
aircraft manufactured by the company FunSonic. &laee regarded in the course of the text
simply as “turbines” or “engines”. The company engrally based in Germany, but also have
representation in the United States. Its main #gtis manufacturing gas turbine engines for
remote controlled aircraft and providing service fheir repair and maintenance. Other
company products include different variations afgegines, as well as a TurboProp and a 2-
shaft Heliturbine engine. Some additional inforrmatiabout the manufacturer and its gas
turbine models is available on the official intearhemepage, referencedsnSonic 2008

A sketch of the FS-70 Typhoon is presented in theré below, taken from the operating
manual accompanying the purchased engines. The FBygboon is a modern remote
controlled aircraft gas turbine with a radial coegsor, an axial turbine stage and a ring
combustion chamber. Its operation is carried oua Gyrbine Control Unit (TCU) located in
the fuselage and connected with the aircraft rernotgrol receiver. A thrust/rudder lever at
the pilot’s controls is used for thrust inputs. Téreines are operated with K1 Kerosene fuel
type, however, for starting procedures an electrator mounted in front of the engine and a
propane/butane gas mix are used to start the cdimbuysrocess. When the engine speed
reaches a certain value of RPM, fuel is switcheletmsene supplied from an external tank
located in the aircraft by means of a miniaturd fusmp. Power supply for the electric motor,
the TCU and the fuel pump is provided by a 2400 nisttery also located within the
fuselage. Indicated parameters include engine speddexhaust gas temperature. Since this
chapter is devoted to determine a thrust modeh@®S-70 Typhoon giving thrust forces as a
function of altitude and airspeed for various engpeeds, it will not go into further details
regarding the design and functioning of the engBmmne basic information can be found on
the company’s internet homepage andAppendix C where a three-view drawing of the
engine with its main dimensions and performanceupaters and data on static thrust as a
function of engine speed, also taken from the dperananual, are presented.

Fig.5.1 FS-70 gas turbine for propulsion of remote controlled aircraft
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One way to determine drag from flight tests is bgasuring thrust exerted from the engines,
therefore to obtain valid results a precise thnigtlel combining airspeed, altitude and engine
speed is needed. However, since data providedeosninufacturer concerns only static thrust
and does not include atmospheric and dynamic sffatternative solutions should be sought.
In this work a method of proportional scaling ofu$t curves is applied, which consists of
mixing available static thrust data from FunSonithweurves giving thrust as a function of
airspeed and altitude provided by another manufactdor a similar engine. Such
mathematical manipulation will surely affect theca@cy of the obtained results giving the
need for further verification. However, since nbatthrust model oRavers turbines exists
for the time being, this relative simple approacbvples qualitatively reliable information on
which future investigations can be based.

Several manufacturers of remote controlled airagaft turbines were contacted in order to
find a similar engine to the one purchased forRlagen The only available data combining
airspeed and altitude variations was provided peailgoto the author by the company AMT.
Its official internet homepage is referenced irs thiork asAMT 2008. The engine concerned
is an Olympus HP — a significantly more powerful amdre fuel consuming gas turbine than
the FS-70 Typhoon with larger proportions. It prollgadoes not provide the best solution for
scaling thrust curves, however, due to lack ofrafitves and information on other less
powerful engines, Olympus HP data is used in tliskwBasic specifications of both engines
can be found in the following table:

Table 5.1 Engine specifications for FS-70 Typhoon and Olympus HP
Parameter FS-70 Typhoon Olympus HP

Engine diameter 82 mm 130 mm
Engine length 234 mm 267 mm
Turbine weight (w/o supporting systems) 734 g 2475 ¢
Maximum operational static thrust 69 N 229 N
Engine speed at max. static thrust 170 000 rpm 5008 pm
Fuel consumption at max. static thrust 185 g/min 0 ¢4nin

To start the thrust modelling, first data on meadustatic thrust as a function of engine speed,
provided by FunSonic and presented hergahle C.1from Appendix C, is transformed into

a mathematical approximation by applying “Trendliteethe values given there. The second-
order polynomial expression obtained in this wayegia direct function of static thrust with
engine speed. A simplified form of this, where ardte disregarded and the engine speisd
given in percentage of the maximum speed of 170rP00) is presented below.

F = 0,00850527* - 0,1667h + 0,981

T, stat

(5.1)
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Static thrust values obtained from equation (5at)different engine speeds, givenTiable
C.1, are plotted irFig. 5.2together with the static thrust data provided fritv& manufacturer.
From this it is obvious that the polynomial expressmatches precisely the progression of
the curve given by FunSonic and can be utilisefdritiher calculations.
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Fig. 5.2 Static thrust versus engine speed — polynomial approximation

Using equation (5.1), one can then calculate vadfissatic thrust for 80, 60 and 40 percent of
the maximum engine speed. These and the combimest alues for both engines obtained
with multiplication by a factor of 2 are preseniadhe following table. In further references
to the thrust of both engines in this section grent“total thrust” is used.

Table 5.2 Engine speed and static thrust for one and both engines

Engine speed Static thrust
n [%] Single engineF; . [N] | Both enginesF; . [N]
100 69,36 138,71
80 42,07 84,15
60 21,59 43,19
40 7,92 15,84

To obtain a function of total thrust with airspded different altitudes and engine speeds, the
data provided from the company AMT is utilised. §hilata cannot be found on the
company’s internet homepage and since it is sgribéé property of AMT and is protected by
copyright laws, no complete charts are presentethi;mwork, however, read-out values of
total thrust for true airspeed steps of 25 m/s @ % engine speed and three different
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altitudes are included in the last column of eacthe following tables. Values of total thrust
for the FS-70 Typhoon are obtained for the engpeeds given inTable 5.2 First, curves
are scaled for standard mean sea level condittansng) with the values for total static thrust
(airspeed equals zero). To obtain total thrustaforirspeed of 25 m/s the static thrust value
for each engine speed is multiplied by the ratidotdl thrust at 25 m/s and the one at 0 m/s
for the Olympus HP turbine. An example of this fbe maximum engine speed is shown
below:

13871N 437N _ 13235N
458N

Every next value for total thrust at the approgriairspeed is obtained using this linear
scaling method — the value for the previous airdpsenultiplied by the Olympus HP ratio of

current airspeed total thrust to previous airspetal thrust. Calculated values at MSL for
airspeeds up to 200 m/s are summarised beldvaliie 5.3

Table 5.3 Total thrust variation with V and n for standard conditions at MSL

Airspeed FS-70 Typhoon at MSL Olympus HP at MSL
V [m/s] Fr [N] Fr [N]
- Nn=100% | n=80% | n=60% | n=40% n=100%
0 138,71 84,15 43,19 15,84 458
25 132,35 80,29 41,21 15,11 437
50 129,32 78,45 40,26 14,77 427
75 127,81 77,53 39,79 14,59 422
100 127,81 77,53 39,79 14,59 422
125 129,02 78,27 40,17 14,73 426
150 133,26 80,84 41,49 15,21 440
175 137,80 83,60 42,90 15,73 455
200 143,86 87,27 44,79 16,43 475

Besides MSL conditions the information provided AYIT covers also altitudes of 10 000
and 16 000 ft. Calculations of total thrust valaéshese are presented in the following. Static
thrust data given by FunSonic is valid only fomstard day conditions at mean sea level and
do not apply for other altitudes, therefore scaltatrulations for 10 000 and 16 000 ft cannot
be started as described above. The method applidzbth altitudes is a multiplication of the
value of total thrust for MSL at the appropriatespeed and engine speed with the ratio of
total thrust at MSL to total thrust value at respesty 10 000 or 16 000 ft for the Olympus
HP turbine. This is done for all airspeeds up t0 &0s and all four engine speeds. It can be
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shown that such manipulation is mathematically shme as if the values were calculated
with the scheme applied for MSL between 25 and 2@¢, and yields precisely the same
results due to the linear scaling. Examples ofl tibtaust determination at 10 000 ft and 80 %
engine speed for airspeeds of 0 and 25 m/s arermiszsin the following:

8415N 35N _ 6890 N
458N

80,29 N 304N _ 66,88 N
437N

Results from calculations applied for all otherspgeds up to 200 m/s and all four engine
speeds are presented in the following table:

Table 5.4 Total thrust variation with V and n for standard conditions at 10 000 ft

Airspeed FS-70 Typhoon at 10 000 ft Olympus HPGadQoO ft
V [m/s] Fr [N] Fr [N]
- Nn=100% | n=80% | n=60% | n=40% n=100%
0 113,58 68,90 35,36 12,97 375
25 110,24 66,88 34,32 12,59 364
50 107,22 65,04 33,38 12,24 354
75 106,61 64,67 33,19 12,17 352
100 106,61 64,67 33,19 12,17 352
125 107,52 65,22 33,48 12,28 355
150 110,55 67,06 34,42 12,62 365
175 114,48 69,45 35,64 13,07 378
200 119,63 72,57 37,25 13,66 395

For total thrust calculations at 16 000 ft the subdrom above can be applied, or due to the
given linearity, the obtained thrust values at 00 @& can be taken instead of those at MSL.
This does not affect the results in any case arapdied here only as a confirmation of the
linear characteristics of this method. Again valupgo 200 m/s for all four engine speeds are
calculated and included ifable 5.5 Before that, a calculation example for 0 and 25 at

60 % engine speed is given.

3536 N 329N _ 3102N
375N
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3432N 320N _ 3017 N
364N

Table 5.5 Total thrust variation with V and n for standard conditions at 16 000 ft

Airspeed FS-70 Typhoon at 16 000 ft Olympus HP6adQoO ft
V [m/s] Fr [N] Fr [N]
- Nn=100% | n=80% | n=60% | n=40% n=100%
0 99,64 60,45 31,02 11,38 329
25 96,92 58,79 30,17 11,07 320
50 94,19 57,14 29,33 10,75 311
75 93,59 56,77 29,14 10,68 309
100 93,59 56,77 29,14 10,68 309
125 94,80 57,51 29,51 10,82 313
150 97,22 58,98 30,27 11,10 321
175 100,85 61,18 31,40 11,51 333
200 105,70 64,12 32,91 12,07 349

With all necessary values for total thrust obtajnatke can plot these versus true airspéed
as shown inFig. 5.3 to determine thrust curves for all three différaititudes and four
engine speeds. According to the information givgriAMT, these have the typical shape of a
thrust curve for a remote controlled aircraft gasbine. With increasing airspeed thrust
decreases due to a smaller momentum differencerroogibetween engine inlet and outlet.
However, after reaching an airspeed value of 75 prfsduced thrust remains constant up to
100 m/s regardless of engine speed setting andwuding atmospheric conditions. This is
strictly due to the data provided by AMT, where &tirthree altitudes thrust curves are given
as horizontal lines between 75 and 100 m/s, and ise verified for the FS-70 Typhoon
engine. For speeds above 100 m/s a gradual incieadeust can be noticed, which is
consistent with the Olympus HP curves. Howeves $iiiape is not characteristic for full-size
transport aircraft jet engines, where for a subsospeed range thrust decreases with
increasing true airspeed or for cruise performandacreasingMa. Such thrust variations
with Mach numbers of up to 1,0 can be foundSicholz 2000for generic turbojet engines
with different bypass ratios. These curves havelairshape to the ones given blair 1992

(p. 85) for a Rolls-Royce RB211-535E4 turbofan eegwith no minimum thrust values, as
opposed to the ones plotted in the figure below.tn other hand, thrust variation with
altitude is consistent with data found in thesenefices, wher&, decreases with increasing

altitude mostly due to thinner air resulting in tessed operational mass flow.
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Fig. 5.3 Total thrust as a function of airspeed, altitude and engine speed

The above illustrated curves give total thrust &sation of airspeed for several altitudes and
engine speeds, however, if a targeted value@fH does not correspond to these conditions,
the desired thrust needs to be obtained by meamgaphical interpolation directly in the
chart. Another possibility that requires numeriosnipulation is to determine a total thrust
function with airspeed at three different altitudes a certain value of and then obtain a
curve representing the progression of total thmgh altitude for a given airspeed. An
example calculation for this method is giverAippendix D with the aircraft taken to perform

a flight test at 400 m with an airspeed of 110 amd a value fon of 75 %.

To conclude this chapter, the most important aspaotl possible flaws of this model are
summarised. First, all functions of thrust withspeed and altitude were acquired entirely
using data provided by the company AMT for theiyi®pus HP gas turbine. Although it has
similar design to th®avenFS-70 Typhoon engine, it is significantly more goful and more
fuel consuming, which makes it not the most suéalariant for a linear scaling manipulation.
However, since no other information regarding aespand altitude dependencies is available
at the time being, this modelling method is appliedjuiring further verification and
demonstration of the accuracy of its results. Selgomidta provided by FunSonic about the
change of thrust with increasing engine speed eppnly for standard sea level conditions,
however, due to the linear scaling for every twtuga ofn the ratio of total thrust at other
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altitudes will be precisely the same as for onegl@t. This implies that the change of thrust
with engine speed is assumed to be the same at alnde, for which no data is available
from the manufacturer. Furthermore, data provided®IT applies only for engine speeds of
100 %, however, it is also used for scaling theuesal of lesser engine speeds. Such
approximations due to lack of information will alsdroduce a certain amount of error in
thrust calculations. For all the above listed reastins thrust model is to be applied with
cautiousness and its results should be consideredtignable until further verification is
conducted.
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6  Flight test methods to determine aerodynamic
performance and static stability

Aerodynamic parameters like lift, drag, side formed moment coefficients are usually
determined from wind tunnel tests where airspeadleaof attack and angle of sideslip can
precisely adjusted with no deviations due to gust®ther atmospheric disturbances. For
these tests the aircraft model is mounted on &lsment force balance that measures quasi-
statically forces and moments in all three axes. @ulhe measured values one can calculate
their dimensionless coefficients using the defamgs described in Chapter 3. Before the first
flight tests with theRavena method calleccar top testingis to be conducted by the
Department of Mechanical Engineering at Linkopingivérsity. It consists of the model
mounted via a mechanical rig on the roof of a movahgnoderate speeds (up to 120 km/h)
ground vehicle, where forces and moments are meady differential strain gauges. Main
parameters to be identified include lift and dragaafunction of angle of attack, side forces,
pitching moment and stall behaviour, as well agdland control surfaces deflections. Results
from this experiment are not expected to achieeeaitturacy of wind tunnel tests, however
they can be primarily used to identify the aircgaftharacteristics before the first flight and
make sure no undesired effects take place. On tiex band, more precise aerodynamic data
can be obtained from flight tests, which requidgs§ the aircraft in a specific way, as well
as correcting recorded data for various factortuding non-standard day conditions. Such
methods and their application on fRavenaircraft are the main subject of this chapter.

6.1 Lift and drag determination

6.1.1 Steady level flight

In the last section of Chapter 3 were presented@diverning equations for a symmetric flight
obtained by taking the balance of all forces actimgan aeroplane. Using these one can
calculate lift and drag from values that can beeined during flight like thrust and weight.
By manipulating the aircraft's airspeed and altitud®me can reduce the performance
equations to simple relationships with only basartgmeters. One possibility is to use the
flight condition known from cruise performance gs&s as steady level flight. This is the
state in which civil transport aircraft remain thgbumost of their operational time and it
consists of the pilot maintaining constant airspaed altitude by means of inputs from the
control column. Using this information one can dlifypequations (3.33) and (3.34) based on
the following two statements. First, since the cleanfaltitude with time is zero, the flight
path angle will also be zero, hence the pitchuatétwill equal the angle of attack. Secondly,
since the change of velocity with time is zeroagoeleration takes place along the flight path.
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Fig. 6.1 Forces acting on an aircraft in a steady level flight

FromFig. 6.1the following relationships can be derived
F, =D (6.1)

L=W (6.2)

Equations (6.1) and (6.2) are the two governingaiqos for an aircraft during cruise stating
that in a steady level flight the lift is equaltte aircraft's weight and the required thrust from
the powerplant is equal to the aerodynamic dragymed from the motion in the surrounding
environment. Taking these statements into acc@nand C, can be calculated by replacing

the values for weight and thrust in equations (B&#&l (3.23). During flight tests the flow
rate of fuel pumped to the engines will be measwihigh allows for the actual weight of the
aircraft at any given time to be calculated in ¢valuation process afterwards. Using the pre-
determined weight at test take-off, one can obthm current weight of the aircraft by
integrating the fuel flow rate over the time perid@ determine the aeroplane’s drag from
equation (6.1), thrust produced by the powerplantoi be measured or properly modelled
using information from the engines’ manufacturanc8 the surrounding atmosphere affects
engine performance, measured thrust during fligbtstis to be corrected for non-standard
conditions, usually with only temperature deviati@mmmsidered. However, at this point no
direct thrust measurement on tRavenaircraft is possible, making the curves preseimed
Chapter 5 the only available information on thistera These can be used to determine thrust
at a calculated pressure altitude and measurechergpeed with no further corrections
required as the curves are given for standard dayditons. If eventually thrust
measurements become available during future fhegis,Ward 2006a andKimberlin 2003
should be consulted for corrections regarding nandard temperature variations.
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Instead of calculating the true airspeed usingdagtdensity information, one can apply the
corrected for instrument and position error calibdaairspeed in equations (3.22) and (3.23)
reducing the number of variables to two for eachaéqon and thus simplifying further
programming codes for calculation software. With ttaues for weight and thrust these
equations can be written as

= 6.3
" 015p OVC ’ Sref ( )
Cp=— 1 (6.4)
O!Sp OVC Sref

There are several things one should keep in mirehvgerforming a steady level flight for lift
and drag determination. First, to calculate liftnfr the aircraft’'s weight, it is not necessary to
maintain constant airspeed. The important paramébtert must be kept steady to justify the
statement of equation (6.2) are flight altitude amdjle of attack. In a level flight the AOA
should equal the pitch attitude of the aircraft sitlee altitude is maintained constant. During
flight tests with theRavenboth angles are to be recorded, however no nea-tlata will be
available for the pilot. On the other hand, a safgatelemetry system will indicate the
aircraft's altitude and airspeed and although iha$ going to be that much accurate, it can
give the pilot the necessary information to fly eppmately level. An important parameter to
be kept zero is the bank angle of the aircrafthsd no load factor is introduced in equation
(6.3). Since there is no other possibility, thisstrioe achieved through visual contact from the
ground. To obtain a lift curve slope, the leveglfti should be performed for varying angle of
attack with the aircraft trimmed for every new vabfer . With increasing AOA the accuracy
of equation (6.2) will become less as the fixedieagoosition on the fuselage will create
deviations between thrust vector and flight pattection. Since for most of its progression
the function of lift coefficient witha is linear, the values obtained at lower AOA carubed

to determine the lift curve slope.

Secondly, for drag determination, besides the abuoeationed parameters, the aircraft’'s
speed is also to be maintained constant in ordastlland drag forces to be balanced as stated
in equation (6.1). Indications from the telemetygtem should be used for pilot assistance so
that the aircraft remains trimmed at the choserleaofjattack. To determine the function of
drag coefficient witha , this manoeuvre is also to be performed for variangles of attack

up to a certain value near the maximum. As expthateove for the lift coefficient, increasing
the angle of attack causes deviations of the threstor from the flight path direction, thus
the determined drag will also be affected from thisor with its amount being greater at
higher values oftr .
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Although this method offers a relative simple wayobtain lift and drag from known weight
and thrust forces, it also has some disadvantages ohthem associated specifically with the
Ravenaircraft. These are discussed in the following.

The main disadvantage of this technique appliedfag determination, since thrust forces
produced by the engines cannot be precisely mehsurpredicted at this point. The turbine
model presented in Chapter 5 is based on accurassurements only from static tests
however the influence of airspeed was determinechbgins of modifying performance data
from similar engines to thRavenones. This will definitely introduce a certain amowf
error in thrust calculations and will thus falstfye results for the aircraft's drag. However, if
at some point in the future a precise thrust ptaicor measurement is available, one can use
this technique with much more accuracy. Anotheadirantage concerns the simplifications
applied to obtain equations (6.1) and (6.2). Byreasing the angle of attack, lift and drag
forces defined respectively normal and parallelthe flow direction, will retain their
orientation to the flight path, however this withtrbe the case for the thrust vector because of
the engines’ fixed position on the fuselage. Heatdigh angles of attack equations (6.1) and
(6.2) will not accurately represent the force dittion in horizontal and vertical direction. A
possible way to avoid this error is to take inta@amt only the appropriate thrust component
in the considered direction by correcting the tttalist with the angle of attack. And last but
not least, at this point the measuring systemsefaircraft do not allow for any real-time
information regarding angle of attack or pitch tatte, hence these parameters cannot be
monitored during flight tests leaving them to thi®ts judgement. However, since the main
goal is to obtain a function of lift and drag ceefnts witha , no precise knowledge of the
AOA value is needed during the tests, importaniat the aircraft is in an trimmed condition
with the angle of attack held constant at the saime.

To conclude, the steady level flight method is appate only for lift coefficient
determination, since thrust produced by the aitsrahgines cannot be measured or predicted
accurately at this point. Experiments to obtaimushicurves at low speeds are planned during
the car top testing, which could be able to imprthwe thrust model presented in Chapter 5
and reduce possible error in drag coefficient deiteition from this technique. Since no
complete results are available at this time, iteisommended that the steady level flight is
used to determine a function of lift coefficienttivia and by combining this with
information about the aircraft's drag polar obtairfeomm another method one can calculate
the drag coefficient versus angle of attack. Téigresented in detail in the following section.

6.1.2 Drag polar determination from a steady glide

To determine the aircraft’'s best climb and desganformance test engineers use a method
called sawtooth climb named so because of the shape of the aircrditjst fpath the
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alternating climbs and descents produs&ard 2006a (p. 56) describes the sawtooth climb
method as series of timed climbs over a certaitudét band, each performed at different
constant speed. The altitude bafid defines a chosen nominal test altitude for whioh t
rate of climb is plotted against varying speed tteeine its maximum. By putting together
plots for different nominal altitudes one can detiele the speed for best rate of climb for
each altitude. Other parameters usually obtainedh fclimb performance tests include
minimum time and minimum fuel to altitude and mauim climb angle. One can also
perform series of timed descents to determine itfogadt’'s best descent performance, which
is as well an important quality, especially in egercy situations like rapid cabin
decompression at high altitudes where the bestofalescent becomes a key factor. Another
possibility is to perform gliding flights at diffent constant speeds with no thrust exerted on
the aircraft, where several parameters like lift draj coefficients, angle of descent, and lift-
to-drag ratio can be calculated from the rate afcdat (ROD). These offer a practical and
relative easy to perform technique to obtain theraft's drag polar and are therefore a
subject of thorough discussion in this section.

A steady glide method is described in detailNbgins 2001as part of the results evaluation
from flight tests with a Cessna 172 and a PiperhAraaircraft performed during practical
exercises at the Department of Automotive and Aautinal Engineering of Hamburg's
University of Applied Sciences. The test procedunesented in the following is based mainly
on information from this work with some additionddta correction methods suggested in
other references which are fully acknowledged exdburse of the text.

Test procedure

The series of gliding flights are performed foramge of constant speeds at an altitude band
AH bracketing the nominal pressure altitude chosdorbehe start of the test. The altitude
band is to be defined so that timing can be cardet precisely, for example if this is
performed manually with a stopwatch. In fRavencase time is recorded with a GPS device
reducing possible measurement errors, howevertaltige limited endurance of the aircraft
the altitude band should be chosen as small as®$s allow for a greater range of constant
speeds to be flown during one test. A typical adtg band used hyleins 2001(p. 69) in the
Cessna 172 and a Piper Archer flight tests is betvw890 and 1000 ft (approx. from 240 to
300 m). These basic definitions are illustrateéio 6.2 The altitude band is shown between
the lines described with 1 and 2 which give theisalcboundaries of the flight test and are
included later in the results evaluation process.

To perform a gliding flight the aircraft is firstimbed to an altitude mildly above the pre-
determined altitude bandH . When the flight path reaches its highest poirgfire® power is
reduced to idle and the aircraft begins to glidpeesdl is to be maintained constant very
precisely with inputs on the controls whereas dewis should not exceetll knot (approx.
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0,5 m/s). For this purpose speed indications frloentélemetry system can be utilised for pilot
assistance. On the other hand, one can also uaitigle indications to determine the start
and end altitude of the steady glide since data ftbm Pitot-static system cannot be
converted into pressure height until after thehfligest in the results evaluation process.
Normally, timing should start at least 100 ft (appr30 m) before entering the targeted
altitude band and stop 100 ft after reaching itseswboundary. Since this is carried out by a
GPS device throughout the entire flight envelopdhe results evaluation afterwards only the
period between Point 1 and Point 2 should be takEnaccount with timing intervals and
altitude indications for every 100 ft. This proceelus to be performed for a variety of
constant speeds with intervals of around 5 m/stlier same altitude band. If the test area
allows it, each flight should be conducted in apprately the same air masé/éard 20063

p. 57).

Nominal test
altitude

Fig. 6.2 Steady glide illustration (Sawtooth climb segment)

Governing equations and calculation sequence

The mathematical model described in Chapter 3 sgmts an aircraft's motion during basic
flight operations and can also be adopted for adstelide with certain elements taken into
consideration. Since both the thrust produced filmenengines and the acceleration along the
flight path are approximated as zero, equation §3ca8 be further simplified by neglecting
these parameters and substituting the aircraftighwaevith lift corrected with the cosine of
the flight path angle, as stated by equation (3.34)s yields the following relationship
between lift and drag for a steady glide:
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—D—Lsiny:O (6.5)
cosy

A further simplification of this equation can be aeaby introducing the lift-to-drag ratib
and combining the terms containing the flight patigle y

E=—— (66)

Hence, in a steady glide the lift-to-drag ratio denobtained directly from the flight path
angle. The minus sign in equation (6.6) denotesrthematically correct negative valuejof
in a descent, which is adopted in further analyasgarding rate of descent calculations from
the (negative) change of altitude with measurecktifhis approach differs from the one
described byMeins 2001 where the flight path angle is considered posithanging the
algebraic sign of equation (6.6).

To obtain lift and drag coefficients for every ghd flight performed at a different constant
speed first it is necessary to calculate the flighath angle using the rate of descent
determined from measured altitude changes andgarned between Point 1 and Point 2. The
calculation sequence presented in the followinguless the data handling for one gliding
flight, which is then to be carried over for alethest. With no effects of gusts considered the
rate of descent or the vertical component of tmepaied can be expressed as the change of
height with respect to time&/oung 2001 Chapter 5, p. 29):

ROD:—Z—Tz—Vsiny (6.7)

However, this theoretically simple geometric redaship introduces some difficulties when
applied in flight test calculations since these mftuenced by non-standard atmospheric
conditions regarding airspeed and altitude measemérand by changes in gross weight
during tests due to fuel consumption. Consequetitly, measured rate of descent is to be
corrected for temperature deviations, accelerafemtors and non-standard weight. This
procedure is subject to thorough discussion latethis section. Furthermore, each gliding
flight is performed at a different constant spdemlyever, this concerns the indicated airspeed
monitored during the test, not the true airsp€ediven in equation (6.7). With decreasing
altitude and thus increasing relative density, ttlue airspeed will also slightly decrease at
constant indicated airspeed. On that account arageetrue airspeed is to be obtained for
every gliding flight which is then applied in fugthcalculations. Usually an ASI is used for
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airspeed indications, which are monitored by thightl test team during performed
manoeuvres applying control inputs if necessarys T¥ay the indicated airspeed is the one
maintained constant, as is in the case describdddigs 2001 However, during tests with
the Ravenaircraft the only real-time speed indications cdroen a separate telemetry system
which does not use pressure measurements fromitbiesttic system and thus does not
show the indicated airspeed that is later to beected for instrument and position error and
used to calculate/. This may introduce some difficulties when evahmttest results
afterwards. Therefore, an easy way to obtain theageetrue airspeed of the aircraft during a
gliding flight between Points 1 and 2 is simplyctdculate the instrument corrected airspeeds
from equation (4.9) for every recorded step, thdaaio calibrated airspeed values by
applying corrections for position error, and fiyalletermineV using relative density data:

V = (6.8)

e

Both calibrated airspeed and relative density cancalculated for every recorded step,
however, due to the high frequency of data recgrdime could take only values for every 20-
30 m of altitude change. Using equation (6.8) tb&pective true airspeeds can be obtained
and then averaged for the range of recorded slépsrelative density is in this case the
ratio of the actual density to the ISA value at M8hbt the relative density corresponding to
the pressure altitude found in ISA tables. To daleuo , first for the relevant pressure
altitude a relative pressuik is obtained from equation (3.8) or taken fréable A.1 Then,
the relative temperatur@ is calculated from equation (3.11) using the dctuaasured
temperature and finallg is obtained from the ratio @ to 6 (Equation of State). With a
known average true airspeed for one glide, théffligath angle can be obtained from the
following equation. The calculation sequence for tlerected rate of descent is described
later in this section when data correction methargspresented.

y= arcsi{—%} (6.9)

avg

Consequently, with the flight path angle known, are calculate a lift coefficient by
substituting the lift force in equation (3.22) wighterm containing the aircraft’'s weight, as
given in equation (3.34), and by taking the trus@eed to be the average one obtained above.
This manipulation yields the following formula f@, :

_ 2W,, cosy

= (6.10)
pV avg2 Sref

L
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During a single flight test the aircraft’'s weightliwdecrease due to fuel consumption giving
the need for a nominal weight value in equatiod@g.For correction of data collected from a
sawtooth climb techniqu&/ard 2006a uses an average weight calculated for the sefies o
climbs performed during one flight test. This methiiffers from the calculations presented
by Meins 2001where the maximum take-off weight (MTOW) is of peular interest and is
used to obtain the aircraft’'s drag polalavAir 1992 and Kimberlin 2003 offer a similar
approach for this problem where the term “standaeight” is used for data corrections
describing a pre-determined nominal weight for \mhiests results are to be obtained. In this
work the average weight correction is utilised toe steady glide method, however, if a
certain nominal weight is targeted for flight testsr example MTOW, the above given
references should be consulted for alternative isolsit in particulaMeins 2001

Another parameter in equation (6.10) that will rathain constant during a gliding flight is
the air density. With decreasing altitude air gdiisker slightly increasing the value of
throughout the glide. Therefore, density at the imainpressure altitude is used to obtain
aerodynamic forces. For a measured barometricymeessid air temperature at this altituge,
can be calculated from equation (3.5).

With the flight path angle known, one can also glate the lift-to-drag ratio from equation
(6.6) and then use it to obtain the appropriatg dcefficient with the value ot :

C
C, ZEL (6.11)

The above presented calculation sequence is apiplieall constant speed glides performed
during the test giving a pair of lift and drag do®énts for every single glide. Normally, at
low Mach numbers these do not vary with change¥ pthowever, in this case speed is
maintained constant with elevator inputs alterimg &ircraft’'s angle of attack throughout the
flight and thus introducing an apparent airspeededdency. On that account one can
conclude that the values for lift and drag coediintiobtained from a steady glide method do
not give any information regarding their functiorttwchanging AOA and can be used only to
determine the aircraft's drag polar. This is dowyeulilising the mathematical model given
from equation (3.30) in Chapter 3 whelg is assumed to be a square functiorCof By
plotting lift versus drag coefficient one can daetere a parabolic function and then further
improve its smoothness applying the MS Excel toblehdline”. The intersection of this
curve with theC,, -axis yields the parasite (zero-lift) drag coeffiti C,, (seeFig. 3.3.

A different approach can be made to obtain the @bwticiency factore by plotting C,
against the square @, . According to equation (3.30) this should yield awproximately
linear function which can also be adjusted usingefiiline”. By taking the derivative with



76

respect to the square 6f one can determine the curve slope. Due to thadidependency
all differentials are replaced with finite differsas giving the curve slope as:
AC, 1

=— 6.12
ACL2 nAe ( )

Hence, the reciprocal &f can be determined by multiplying the calculatedsewslope with
n and the wing aspect ratid. Using this approach it is also possible to obthe parasite
drag coefficient by taking the value Gf at zero lift. However, it is most likely that this

value differs slightly from the previously calciddtone due to the fact that both curves are
obtained using the tool “Trendline” which extrapgek measured data differently depending
on the type of mathematical function required (iis tase linear or square).

Data corrections

As already discussed several times in the past efsgpecorded data during flight tests need
to be reduced to a common baseline where effectdaluakanges in atmospheric properties
and weight are standardised. First of all, sineedtmospheric conditions on a test day will
probably vary from the ISA model presented in Chaft corrections of collected data are to
be made for deviations from non-standard conditioihvo basic parameters — barometric
pressure and air temperature. Pressure correctamsally apply for powerplant performance
and altitude measurements, however, in a steadg,gho thrust forces are considered and
their corrections are therefore left out in furttlscussions. On the other hand, altitude
corrections can be avoided by setting the altimietestandard mean sea level pressure (1013
hPa) during tests, so that altitude measurememtsaatomatically referenced to standard
conditions. In theRavencase pressure altitude is calculated using theopppte ISA
equations, hence altitude corrections for presdaxgations are also not subject to discussion
in this section. Non-standard temperature variateee effect both powerplant and altitude
data. Deviations from the ISA values may occur ttua non-standard temperature lapse rate
or due to a warmer (or cooler) surface temperatutte a standard lapse rat&/ard 20063, p.
65). In the latter condition, during a descentdansity deviations from the standard values
will reflect in a different change of potential egg than one given for ISA conditions. On the
other hand, a non-standard temperature lapse ratediuces an apparent acceleration
affecting measured true airspeeds. However, thihodes not adopted here instead a similar
correction for occurring acceleration is usedhl§tparticular correction is required in future
work, Ward 2006ashould be consulted.

Secondly, data collected from a sawtooth climb metlemuires a correction for changes in
gross weight. For a set of climbs and descentsiticeaft's weight would decrease with time
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due to fuel consumption making each manoeuvre pedd at different weight. Hence,
recorded data should be standardised to a nomilale vgiving the need for a precise
measurement of the aircraft's actual weight at gaaht during flight operation. This can be
achieved either by assuming that the rate of dés@ates linearly with time due to changes
in weight or by calculating the actual weight oé thircraft using fuel flow rate measurements.
In the first case, by repeating a descent withséme parameters at the end of the test, one
can obtain new data, which is then used to estaltlis linear dependency with time. Since
fuel flow rate measurements are available in Raencase, its exact weight at any time
during tests can be calculated. Apart from coroa&tifor non-standard weight, other typical
data reduction methods include also correctionsofmurring acceleration and effects of
vertical wind gradients. Their application is dissad in the course of the text.

In the results evaluation process first recordeth ds filtered and synchronised and then
parameters like calibrated airspeed and presstitedal are calculated and corrected for
instrument and position error using the appropregfeations. To obtain a rate of descent the
recorded altitude bandH at which the glides were flown and the time fagitlperformance
(between Point 1 and Point 2) have to be extratbedeach constant speed. In further
calculations not corrected values obtained fromsueaments in test day conditions will be
denoted with the indext™ The first correction made to the recorded adtéiband is for non-
standard temperature deviations, where the temperédpse rate is assumed to be the same
as on a standard day. However, due to a warmero@er) surface the change of potential
energy expressed in altitude terms is differenaaon-standard day which causes deviations
in the measured altitude banBig. 6.3 below shows the altitude band for a measured
difference in pressure for both standard and nanekstrd surface temperature.

H Standard day
A
AH std = pw
pstd gO
Fy \ ‘\
AH Hot day with a standard
! / temperature lapse rate
A A ‘\ A
; \\\ AHt - poo
4H std \\‘\ pt go
A p; poo

Fig. 6.3 Changes of altitude for measured ambient pressure difference
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Taking this information into account and making o$¢he Equation of State, the correction
for non-standard temperature can be simplifiechéofollowing relationship where the index
“temp” denotes the altitude increment at standag cbnditions corrected for temperature
deviations and replaces the “std” usedrig. 6.3

AH

temp

T
= AH, TS“’ (6.13)

oo,t

Hence, the altitude band recorded in test day ¢tomdi is to be multiplied by the ratio of
standard temperature, taken from ISA tables, tosorea test day temperature which on a hot
day reduces the recorded value. AccordingViard 2006a (p. 66), both temperatures apply
for the nominal pressure altitude at which the glidee performed. This is contradictory to
the correction method described Mgins 2001(p. 71) where first the reciprocal ratio is used
and second — the temperature values are giverefotesel conditions. In this work the first
method is adopted since it offers a straightforwexglanation of the physics behind the
effects of non-standard temperature deviationshamges of potential energy.

A second correction to the altitude band is to laelenfor an occurring acceleration during the
glide. With decreasing altitude the values for treadensity become greater, thus at constant
indicated speed the true airspeed is reduced thouighe glide. Mathematically this can be
expressed as an acceleration factor in the govgreguationsMeins 2001uses an energy
approach to calculate the altitude difference causethis effect. Since the aircraft’s total
energy remains constant, a decrease in its kieecgy, expressed in a smaller valué/of
produces an increase of its potential energy, espcein a greater value Hf. The indices
“1” and “2” denote the values for airspeed at resipely Point 1 and Point 2.

mg4H :%m(\/z2 —vf) (6.14)

Hence, in this case the altitude differerdid on the left hand side of equation (6.14) is
negative reducing the absolute value of the caetefdr temperature deviations altitude band.
However, since the altitude band was taken to lgathes, to express this mathematically
correct4H has to be subtracted from the previously calcdlatkitude band. As already
mentioned in this section, this differs from thécoéation sequence presentedMgins 2001
since the altitude band there is taken to be p@siolving equation (6.14) for the altitude
difference and introducing it as a correction fagields:

VARV

AH, = AH
29

(6.15)

temp
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The last correction mathematically presented is Haction applies for non-standard weight
deviations. The effects of wind gradients are disedriefly in the last paragraph, however
no direct calculation sequence is given. Theretesageral methods to correct recorded data
for changes in gross weight, the simplest one bewapplying the ratio of a measured
weight at the nominal test altitude during the glid the average weight for the complete
flight test. This correction is shown below:

(6.16)

One of the main disadvantages of such correctidhasit ignores changes of induced drag
due to decrease of weight. However, it is easys® and provides results that differ only
slightly from ones obtained with more sophisticatedthods Ward 20063 p. 57). These
include terms for induced drag correction and neglknowledge of the aircraft's Oswald
efficiency factore which in the Ravencase is available only from preliminary design
calculations at this point. Therefore equation (.16 utilised for non-standard weight
corrections completing the calculation sequencehferaltitude band.

With the corrected altitude band between Point 1 Rapht 2 and the time needed for the
aircraft to glide, one can calculate its rate ofadmt corrected for various non-standard
conditions as follows:

ROD,, = -2 (6.17)
At

Finally, changes in wind speed and direction shalso be taken into account, if necessary,
when calculating rates of descent. Particularlytivar wind speed gradients could cause
variations of airspeed expressed mathematicallgerms of an acceleration factor. This
introduces some difficulties in practical calcubais, since wind gradients are subject to
constant changes. Equations to determine an aatielefactor caused by occurring vertical
wind speed gradients are given\Ward 2006a (p. 58), however these are not adopted in this
work due to their requirement for knowledge of wisppeed changes with altitude. On the
other hand, by performing flight tests in a certaiatter, these effects could be minimised to a
negligible level. One option to do this is by flgithe aircraft almost perpendicular to the pre-
determined wind direction. Alternatively, performinganoeuvres in opposite headings could
eliminate wind effects, unfortunately this would@lincrease the required time and the costs
planned for the flight tests.
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Summary

The above described technique offers a relativelgiway to obtain the aircraft’s drag polar
from flight tests. Combined with the steady lev@ht method given in the previous section
of this chapter, one can determine a function ofdteg coefficient with varying angle of
attack without having to rely on engine thrust mtlg. If a function of lift coefficient with

a is obtained using information regarding the aittsaveight during a steady level flight,
the drag polar determined with this technique candesl to calculate drag for the lift values
at a known AOA, thus one can indirectly obtain action of drag coefficient with angle of
attack. The most important parameter to be heldtaom during a steady glide is the aircraft’s
speed. Since no ASI is available at this pointjcaions from the telemetry system will be
the primary reference for speed control. Howeuag, dctual values of indicated airspeed are
not of particular interest when tests are perforrfezddrag polar determination, therefore
indications from the telemetry systems do not neethe synchronised with the airspeeds
calculated from Pitot-static system data. Measupegssure and temperature are to be
corrected for occurring errors using the calibrattonves obtained from previous tests. True
airspeeds should be calculated for suggesteddstisteps of 100 ft (approx. 30 m) and then
averaged to one value used later to obtain thatfiigith angle and lift coefficient. For this
purpose a relative density is required at evergllehus pressure and temperature values are
also to be calculated for these steps. The furtadculation order for reduction of data
collected from a steady glide method is summarisedable 6.1 This is valid for one
constant speed glide only and is to be repeatedlftine rest. At the end one should have lift
and drag coefficients for every airspeed testedchvlare afterwards plotted against each
other to obtain a drag polar and an Oswald effydactor

Table 6.1 Steady glide data reduction sequence

Step Calculate From

1 Pic Equation (4.6)

2 T, 9_+27315

3 h, Equations (4.11) and (4.12) with #1

4 AH, Values of #3 for the targeted Points 1 and 2
5 o) Equation (3.8) offable A.1for values of #3
6 7] Equation (3.11) with values of #2

7 o #5+#6

8 V. Equations (4.9) and (4.10)

9 |V #8+ \J#T

10 | Vay Average all values of #9




81

Table 6.1 Steady glide data reduction sequence (continued)

Step Calculate From

11 AH Equation (6.13) withT,, and #2 at the nominal pressure altitude
12 AH . Equation (6.15) with #11 and values of #9 for Pdiaind 2

13 W, Average weight values at the start and at the étliedlight test
14 W, Fuel flow rate and the period of time until nomitesdt altitude

15 | AH_, Equation (6.16) with #12, #13 and #14

16 ROD,, Equation (6.17) with #15 and the time peridd between 1 and 2
17 y Equation (6.9) with #16 and #10

18 E Equation (6.6) with #17

19 P Equation (3.12) with #7 at the nominal pressurdualé

20 C, Equation (6.10) with #10, #13, #17 and #19

21 | C, #20+#18

Like the steady level flight technique, this mettadsb has several disadvantages. First, in the
governing equations thrust was assumed to be w»drch is not exactly accurate for gas
turbines like theRavenones. With the thrust lever on idle position a krtraust force is
produced which could falsify obtained results. Arstdisadvantage in tHeavencase is the
short flight operational time available for tes&nce for every glide a climb to the initial
altitude is required, the limited endurance of #weraft might result in limited number of
constant speeds tested. Thus, with only few vahidgt and drag coefficients available the
extrapolation of the drag polar with “Trendline”utd introduce small errors. And finally, in
Chapter 3 aerodynamic forces were assumed to lepemdlent of changes in thrust, however,
this is not precisely true since inlet flows andgjiee jet stream have a small influence on the
surrounding airflow field. The resulting pressurstdbutions affect both lift and drag forces,
so that the drag polar determined from steady gléh engines working on idle might
differ slightly from the one present at high engspeeds.

6.1.3 Stall speed and maximum lift coefficient

At high angles of attack and approaching stall dpgbe steady level flight method described
previously in this chapter becomes inaccurate duant increasing thrust force component
perpendicular to the flight path direction. As ablg discussed, the simple drag polar model
used in the steady glide technique is also inapm@tpat high values of , thus the non-

linear area of the function of lift coefficient Wwitangle of attack cannot be determined



82

precisely from the methods presented so far. Gépeitais section deals with ways to obtain
the aircraft’s stall speed and a resulting maxinifintoefficient from flight tests, as well as
with the required data reduction sequence apptieddn-standard conditions.

In Chapter 3 lift coefficients were assumed to Baretion of angle of attack only, however,
the non-linear area is also affected by the lotmk fcharacteristics resulting in additional
Reynolds number dependency for incompressible flds can be seen in wind tunnel test
results for classical NACA-aerofoils where curveslifferent values oRe are plotted. Their
progression starts to vary at high angles of atiackeasing the lift coefficient at greater
values ofRe. In Reynolds number calculations a characterlstigth is needed, whose value
is not directly expressed by a physical law andissally chosen by convention. For an
aircraft this is taken to be the wing’s MAC, herige can be calculated from
Re= PYC (6.18)
Y7,

The air density is obtained using test data foisguee and temperature at the appropriate
altitude. On the other hand, the dynamic viscosity be calculated fromu$HERLAND'’S law
where it is given as a function of air temperatondy. There exist several variations of this
law differing slightly in their constants and reface values. In this work the version given by
Scholz 2002(p. 8) is adopted, where the value of measuregeeature is in Kelvin and the
resulting dynamic viscosity ikg/(mls):

I
=145810° —— 6.19
#=1 T+1104 ( )

An obtained Reynolds number has no direct influemceurther calculations regarding the
maximum lift coefficient, however, it is an impantgparameter to be taken into account when
comparing results. Since during subscale flightstese values oRe are expected to be
considerably lower than ones supposed to be flowth @ full-sized aircraft, the obtained
results forC will not be representative.

L, max

To obtain the aircraft’s stall speed in fligihavAir 1992 (p. 3.32) gives a so-called power-
off gradual deceleration technique. The chosetudki for the test has to be sufficient for the
pilot to gain control after the aircraft has be&alled without endangering its safety. First the
aircraft is trimmed in a steady level flight at @eed approximately 1,2 times the predicted
stall speed, then the engine power is reducedi¢o The angle of attack is slowly increased
until the stall occurs with the pilot using pitcbndrol inputs to adjust a deceleration rate of
not more than 0,5 kts/s. This is necessary to aehgesteady state stall speed not influenced
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by non-steady flow effects due to rapid decelematidsually, a stall is indicated by a nose
pitch down and the aircraft beginning to plunge dowfterwards thrust power from the
engines is increased and the aircraft is broughatdieady stat&imberlin 2003 (p. 48) gives

a value of 1 kt/s for the deceleration rate, whiels to be achieved by the time the aircraft
reaches a calibrated airspeed of 1,1 times thératdd stalling speed. This information is
based on FAA regulations concerning Part 23 aeneglaA similar test procedure to the one
described above is given also l\eins 2001(p. 87), however, no values for trim speed and
deceleration rate are specified.

Normally, stall speed tests with a forward centrgrmaivity position are not hazardous and do
not endanger the overall safety, however, if theegeperformed for the first time on a new
aircraft design, one should take the necessaryaptiens. In case of subscale flight testing,
like the Ravenone, no additional safety equipment is requirkdrdfore the only aspect to be
considered is the aircraft’s altitude. At firstetmaximum altitude planned for flight tests can
be adopted to ensure the pilot has enough timedione the aircraft's steady state motion.
Another aspect to be considered is the aircraftted measurement. The stall speed cannot be
obtained by observation since no airspeed indidatavailable. However, using data from the
Attitude and Heading Reference system regardinghpéttitude, one can determine the
moment when the aircraft's nose starts to pitch mo@ne the other hand, one can also use
altitude information calculated from static pressdata to establish the moment when the
aircraft itself begins to plunge down losing ittatle. Once this point in time is determined
differential pressure data from the static andltptassure ports should be converted into a
corrected for instrument and position error airspetlising equations (4.9) and (4.10). This
airspeed indicates the calibrated stall speedeobiftraft for test conditiond/g , .

Once the test stall speed is obtained, it needsetaorrected for non-standard conditions.
Both NavAir 1992 and Kimberlin 2003 give data reduction sequences for corrections
regarding weight, deceleration rate and centra@yity position. According to the latter one,
the FAA requires stall speed measurement tests tmha@ucted “at maximum take-off gross
weight at the most forward centre of gravity” () 4In general, this yields the highest value
of stall speed obtainable, which is then publishedlight manuals and pilot's operating
handbooks providing the crew with a certain amooinsafety, since normally for other
conditions the stall speed will have lower valugse to fuel consumed from take-off to the
required altitude where stall speed tests are atiaduthe aircraft's weight will not match the
maximum take-off weight. Using fuel flow rate indtmns and the time period between take-
off and performed test, one can calculate the ntim&craft weight and use it to correct the
obtained stall speed as given below:

m
Vs, MTOW =Vs,t % (6-20)
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Further corrections given bigimberlin 2003 (p. 50) can be made for a deceleration rate
greater than 1 kt/s and for incorrect centre of/igygposition. Such corrections are described
as practical for results evaluation, if these test parameters do not match the desired ones,
however, they are not accepted as valid by the BAA cannot be utilised for regulations
fulfilment. For a light aircraft like thdRavena deceleration rate of 1 kt/s should not be
difficult to obtain prior to reach 110 % of the Istspeed. On the other hand, the primary
purpose of flight tests at this point has pure expental nature with no requirements from
aviation authorities to be met. Therefore the d&eion factor correction is not considered in
this work and only the centre of gravity correctisradopted. The mathematical expression of
this method is presented further below in equaf®B2). If corrections for deceleration rate
are required in future tests, the above given soisrto be consulted.

With a calibrated stall speed obtained, the resgeanaximum lift coefficient can be
calculated by rearranging equation (3.27), giveRlmapter 3, and substituting the maximum
take-off weight values for stall speed and aircvegight. One can also use the test values of
these parameters, since mathematically they repirélse same ratio, as stated by equation
(6.20). Hence, for the maximum lift coefficient tfelowing relation is valid:

Clomax = —2m2g (6.21)
pOVS,t Sef

r

If tests are performed with an incorrect or undabsicentre of gravity position, it is possible to
make a correction afterwards by adjusting the aft'sr speed for changes in tail down load.
After the stall speed is corrected for non-standardght using equation (6.20), a lift

coefficient is calculated with equation (6.21) ahen modified as follows:

Xc.g. - Xc.g.,t
C =C,  |1+2% "ot (6.22)

tail

The parameters indicated wittf ienote the previous values for which the cormecis made
although the lift coefficient is obtained not ditlgdrom test measurements but from the non-
standard weight corrected airspeed Both centrera@fity positions in equation (6.22) are
given as the direct distance along the aircraft'gitudinal axis from a certain reference point,
for example the nose tip. Usually in aviation kterre the CG position is presented in
percentage of the mean aerodynamic chord. If thithé case, equation (6.22) has to be
modified by multiplying the difference of thevalues with MAC and dividing it by 100. The
tail length is assumed to be the distance from Wrcthof the wing to ¥ chord of the
horizontal stabiliser. Obtained like this, the néft coefficient is representative for the
desired centre of gravity position and is to beveoted back to stall speed.
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Finally, to ensure that valid data is used forlstgleed determination, tests should be
conducted multiple times. According kamberlin 2003 (p. 49), at least five stalls should be
performed and for each of them a calibrated spee@ated for non-standard conditions is to
be calculated. Only on this basis enough statistiata is provided to obtain valid results for
a given configuration. Since the stall speed valagies with changes in the wing
configuration due to flap deflection, these setstlls are to be repeated for different flap
settings including these at take-off and landingfiguration.

6.2 Longitudinal static stability

An aircraft regarded as a rigid body has six degdefreedom, three translations and three
rotations about its body axes, and thus requiregguations to fully describe its motion in
the surrounding air. These enable further analgithe aircraft's dynamic behaviour and
response to a disturbance in pitch, roll or yavwgvating engineers with information on its
overall stability. Depending on the degrees of dmma and motions considered, one can
divide the aircraft’'s stability intdongitudinal andlateral-directional stability. These are the
result of two general types of motion each defingdhree of the above mentioned equations.
A longitudinal motion takes place in the aircrafglane of symmetry and is characterised
with a forward and downward translation (respedyivadong the longitudinak and verticalz
axis) and a pitch rotation (about the lateradxis). On the other hand, a lateral-directional
motion involves rolling and yawing rotations abaespectively thex and z axes and a
translation along thg axis. For most conventional designs both stabditycepts can be
studied independently providing accurate solutimnihe aircraft's overall response following
a disturbance. A further classification dividesbdity analysis intostatic stability, where
forces and moments are taken to arise due to th@aded position of the aircraft, and
dynamicstability, which is concerned with forces and maisethat arise due to velocities
and acceleration&’poung 2001 Chapter 11, p. 2).

The remaining sections of this chapter deal witieraft static stability and the possibilities

for its analysis from flight testing. First, thermept of elementary longitudinal static stability
Is presented with simplified equations and condgidefining the state of equilibrium and the
static margin for a conventional aircraft configioa, which are then further developed into a
flight test method to determine the neutral poind ahe change of pitching moment

coefficient with varying lift coefficient. For sucbasic analysis to be conducted several
simplifications have to be made concerning therait@eometry and the aerodynamic and
thrust forces generated. These include disregarchngpressibility effects and deformations

of the airframe structure due to aeroelasticity.t@mof all, control surfaces are taken to have
linear characteristics and the aircraft is assutoeoe operating in a steady level flight well

above its stall speed within the linear area oflitheurve slope, thus all aerodynamic force

and moment derivatives are constants.
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6.2.1 Trim equation and static margin

The concept of occurring pitching moment due tspuee and shear stress distributions on
the aircraft surface was briefly described as pafrtthe theoretical background on
aerodynamic forces given in Chapter 3. It was dedfinbout the centre of gravity of the
aircraft with a mathematical expression given imelsionless form by equation (3.28).
According to NewTON's first law, for an aircraft to be in a steadydévlight the sum of all
forces acting on its body and the moment abou€@&shave to be zero. This differs from the
approach made in section 6.1.1 where the aircrat defined as a mass point with all forces
acting in its centre of gravity. In longitudinalability analysis forces are taken to act at
different locations of the aircraft’'s surface raqug a second condition in order the aircraft to
be in a state of equilibrium, also known as “trim”.

Normally, aerodynamic forces generated by the wingjsnot act precisely at the aircraft’s
centre of gravity and will thus produce a momerat tiisually tends to pitch the nose down
depending on the CG location. Conventional airccaftfigurations use a downward force
created by the tailplane to compensate for this emdmand to establish the state of trim. For
an aircraft to be statically stable, “... followingsanall disturbance in pitch, a moment must
be produced which tends to restore the aircrafthto trimmed condition” Young 2001
Chapter 11, p. 7). Hence, if for example due terical gust the aircraft's AOA is increased,
for positive static stability a negative pitchingpment (nose down) is required to reduce the
angle of attack. The variation of moment coefficienth C, can be expressed by a linear

function, which for a stable aircraft will have agative slope (seEig. 6.4. An increased
angle of attack would result in a greater lift dme€nt, hence the positive static stability will
reflect in a restoring negative pitching momenteéarof the linear function below the
horizontal axis). In order the aircraft to be triednat the new position of higher AOA, an
elevator input is needed to produce a greater dasshforce and balance the moment about
the centre of gravity. This would shift the lindanction to the right with a higher trim value
of lift coefficient, however, the slope will remathe same creating a set of parallel lines for
different trim conditions. By extrapolating the dintowards the vertical axis, one can
determine a moment about the CG at a hypothetawaditon of zero-lift (dashed lines dng
6.4). This would occur due to non-symmetrical pressamd shear stress distributions and
would equal the moment about any reference painhiding the aerodynamic centre, defined
as the point about which the pitching moment resiaonstant with changes in AOA. This is
a very useful quality, since it allows the resuitaarodynamic force to be assumed acting in
the AC with an additional moment about the aerodyinaentre considered.

Variations in the aircraft’'s centre of gravity pmn affect its degree of static stability by

changing the curve slope of the linear functionftiig the CG backwards reduces the slope,
thus makes the aircraft less stable until it reacteutral stability at a value of the slope equal
to zero. Further aft movement of the centre of gyaviakes the aircraft unstable introducing
a positive slope. Examples of these variationshosvn also in the figure below.
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Cu.cold
extreme aft centre of gravity position
/ (unstable aircraft)
_--" iR dCM,c.g. _
EIzc- neutral stability — ——==0
s\:\: dCL
centre of gravity moving aft _ dCy ¢ <0
(stable aircraft) dcC,
C,
Fig. 6.4 CM,c.g. versus C, for different centre of gravity positions

For an aircraft regarded as a two-dimensional bodts plane of symmetry a trim equation
can be derived considering all forces acting air tagpropriate locations and using them to
calculate a resultant pitching moment about thdreeof gravity. In this work a simplified
version, presented later in equation (6.23), isaioled by reducing the aircraft geometry to
two parts that generate aerodynamic forces actiriypeir respective aerodynamic centres —
“wing + body” and “tailplane”. The term “wing body” describes the entire aircraft body less
than the tail, including wings, fuselage, enginegllas, etc. A detailed derivation of equation
(6.23) can be found iMoung 2001(Chapter 11) and is not presented in this workyeer,
some aspects and assumptions are discussed wlltwarig:

» For small angles of attack lift forces can be agpnated perpendicular to the aircraft's
longitudinal axis, thus moment arms are expressedvalues. This differs slightly from
the scheme suggested ¥pung 2001 (Chapter 11, p. 18), where all distances are given
parallel to the zero-lift line of the aircraft wita separate symbol used. However,
simplifications for moment arms along thaxis can be found in most references quoted in
this work, includingKimberlin 2003 andWard 20064 therefore they are adopted here.

e Moments produced by thrust and drag forces aboet céntre of gravity are small
compared to ones due to lift forces and can beegta in further analysis.

» The moment about the aerodynamic centre of thplaaié is also negligibly small, hence
only one moment is given below on the right hamtk ©f equation (6.23) — the one about
the “wing+ body” AC.

With all assumptions taken into account the singdiftrim equation can be written in its
dimensionless form as

CM,c.g. =C +MCL _VCL,taiI (623)
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The index 4.c”’ denotes the aerodynamic centre of “wimgbody”. The symboV is a
summary of all geometric parameters multiplied bg tail lift coefficient. It is calledail
volume coefficiendind is defined as:

\/ — ItailS

l 6.24
Csref ( )

The distance between both aerodynamic centregdctde tail arm, is denoted with the same
symbol in equation (6.24) as the one used in theipus section of this chapter for stall speed
correction regarding incorrect CG position (p. 84)s is a valid approximation since for
most classical aerofoils the AC lies around % chength from the leading edge.

Taking the derivative of equation (6.23) with regp® the total lift coefficient yields the
following relationship, where the moment coefficiattout the AC is dropped since its does
not change with varyin@, :

dCy g _ (Xc,g_ ~ Xac. j Ry} dC i (6.25)

For an aircraft with positive static stability tderivative of moment coefficient with total lift
coefficient must have a negative value to producestoring moment, as discussed earlier in
this section. The slope depends on the centreavitgrposition, whereas the aircraft becomes
less stable with the CG moving aft (sémy. 6.4. However, at one specific location it is
neutrally stable, hence the moment coefficiennh@dependent of changes in lift. This unique
position is called thaeutral pointand is defined in dimensionless form as

X_N — Xic' +\7 dCL,taiI

c C dC,

(6.26)

Furthermore, the resulting dimensionless distanted®sn centre of gravity and neutral point
is defined as thstatic marginand can be given in percentage of the mean aeaougrchord

of the wing. In this work it is an expression oéttlirect ratio of the distance between these
points along the longitudinal axis and the MAC:

K, = _co (6.27)
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By substituting both the neutral point and statergm definitions in equation (6.25), one can
obtain the following relationship betweéf,, and the slopeC,, . /dC,:

dc
K, =——t (6.28)
dc,

Hence, for a stable aircraft the centre of gralogation must be ahead of the neutral point
giving the static margin a positive value. If theceaft possesses neutral stability the CG and
the neutral point have the same location on thgilodinal axis, thus the static margin will
equal zero. A possible technique to obtain a famctif pitching moment coefficient with lift
coefficient (and also with AOA for the given lindggy from flight tests is first to determine
the neutral point of the aircraft and then use icalculate the static margin. The precise test
description and data evaluation sequence of tightfltest method is subject of the next
section.

6.2.2 Neutral point determination from flight tests

Before proceeding to a method to determine theralepoint position on the longitudinal axis,
first it is necessary to consider the aircraft'sitcol system. Depending on the connection
between aerodynamic control surface and pilot cbtslumn one can classify reversible and
irreversible control systems. The first one de®sila system rigidly connected together,
hence an input from the pilot will move the contsoirface and vice versa — if the surface
moves, it will cause a reaction at the control omlu On the other hand, irreversible control
systems use hydraulic or electrical actuators aade hno rigid connection between the
controls. Therefore, an external movement of thedygamic control surface will provide no
direct feedback to the control column giving thedhdor artificial feel devices to assist the
pilot. Usually, for an aircraft with such controfssem the elevator angle will be fixed at a
given control column position. For reversible cohystems however, if the control column
is not held fixed by the pilot, the elevator isdit® float. Due to generated aerodynamic forces
on the elevator surface a moment about its hinge i produced, which can be balanced
using trim tabs located at the rear section ofeleeator. With respect to the stability of the
aircraft these two conditions give the so-calitk-fixedand stick-freelongitudinal static
stability, for which the neutral point location tdrex-axis will be different, and therefore they
have to be dealt with separately in further analysi

The Ravenaircraft is equipped with a telemetry system fmote control from the ground
which utilises electrical actuators to provide tiesired defection of the aerodynamic control
surfaces when given an input from the pilot. Hertlee,elevator hinge moments are balanced
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by actuators holding the surfaces in a fixed positin such case no feedback is given to the
pilot and he or she must rely strictly on visuahtaxt to gain a feel for the aircraft’'s response
to inputs. For this reason, the following longituali static stability analysis assumes a stick-
fixed condition and the method presented appliestick-fixed neutral point determination.
This is based mainly on information presentedYtmung 2001 (Chapter 12) if not stated
otherwise, whereas some aspects are slightly neodidéind denoted with the appropriate
nomenclature used in this work. As stated in thgirbeng of this section, elevators are
assumed to have linear characteristics, thus eitateses are constants.

The Ravenaircraft has a fixed horizontal stabiliser and@fere pitch attitude is controlled by
deflecting its elevators and thus changing theileangjative to the local airflow. This on the
other hand changes the lift coefficient of thepiaihe and balances the resulting moments
about the centre of gravity. Taking into accoung tbove made assumption about the
linearity of control surfaces, it can be shown ttie elevator angle to trim varies linearly
with changes in total lift coefficient. A detailetbrivation of this statement can be found in
Young 2001 (Chapter 12, p. 17). The elevator angle to trimgigen as the sum of a
hypothetical trim angle at zero lift and the lifiefficient multiplied by a constant term, which
consists of the static margin, the tail volume Gioeint and additional parameters given for
the specific airframe geometry. For a fixed aircrdésign only the static margin can be
modified by changing the centre of gravity posifitience the slope of the linear function
depends on the value &f, . Examples of this dependency are illustrated befokig. 6.5

O, vim at zero lift UNSTABLE, CG behind neutral point

Kys <O

NEUTRAL, CG at neutral point
KN,Z = O

STABLE, CG ahead of neutral point
Ky1>0

T

C,

Fig. 6.5 Elevator angle to trim versus C, for different centre of gravity positions
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At a theoretical condition of zero lift all linesilivhave the same value of elevator angle to
trim. Hence, for a neutrally stable aircraft theibontal line will also intersect the vertical
axis at the same point. This simple quality cautiéesed to determine the stick-fixed neutral
point position from flight tests. The technique sists of the aircraft being flown at two
different CG positions denoted below wit and x, , which could be chosen safely forward

to maintain positive static stability during testising elevator inputs the aircraft is trimmed
in a steady level flight for a variety of speed®ath CG positions and the respective elevator
angles to trim are recorded. Then, for every trimgla a lift coefficient is determined, as
described in section 6.1.1 for the steady levghtlimethod. Finally, these are plotted to
obtain a linear function for each CG location, lasven in the figure below:

5e, trim A
R EEETTT X=Xy => K, =0
C,
X2
Fig. 6.6 Elevator angle to trim versus C, for two CG positions flown

When extrapolated to the vertical axis, both limgsrsect at the hypothetical elevator trim
angle at zero lift. Through this point a horizortaé should be drawn and then the distances
40, , and 49, , to the appropriate centre of gravity lines shdagdaken for a given value of
lift coefficient denoted irFig. 6.6 with the index “ref”. Since these functions haveoastant
slope, any obtained value @f can be selected. Witk proportional to4d,, the following
relationship is valid:

Aer _ X =% (6.29)
40,, Xy—X
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Solving for the neutral point’s longitudinal coandie, equation (6.29) can be written as

X,40, , — x40, ,
Xy = : '
N 40, , - 49, ,

(6.30)

For a certain centre of gravity location, one cateweine the respective value of the static
margin, which according to equation (6.28) is tlegative slope of the linear function of

moment coefficient about the CG with lift coeffiole To obtain a function of moment

coefficient with angle of attack, one can use thielirve slope determined previously from a
steady level flight test method, as shown in sedfid.1.

dCM,c.g. _ dCM,c.g. dCL
da dC, da

dC,
da

N

(6.31)

If flight tests are performed for various centregodvity locations, one can plot the moment
coefficient versus angle of attack and obtain simihear functions to the ones showedFig.
6.4, only the horizontal axis will consist of values AOA. However, these will be valid only
for the linear area of the lift curve slope andlwibt be representative at approaching stall
speeds because of the assumptions made earlier.

An alternative graphical method would be to plat g#levator angle to trim against the total
lift coefficient for two or more CG positions, asosvn above irFig. 6.6 and then determine
the slope of each curve. The neutral point is gi@ea static margin value of zero where the
function of trim angle with lift coefficient is adhizontal line, thus by plotting the determined
slopesdd, ., /dC, against the CG position (expressed usually ingpeege of MAC), one

e, trim
can obtain a linear function and then extrapolate its interception with the horizontal axis
wheredd, ., / dC, equals zero. This yields directly the neutral pgasition in percentage

e, trim
of MAC, as shown in the figure below. The calcuatisequence continues as described
above with equations (6.27) and (6.31) to obtamrection of moment coefficient witly .

For both methods one can apply the MS Excel tookfidiline” to determine all lines and
their slopes from plotted separate points.
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dae,trim “
dC,
T Xy X(% )
Fig. 6.7 Slope of elevator angle to trim with C, plotted versus CG position

The above described technique offers a relativepleimvay to determine the stick-fixed
neutral point position from flight tests with nodatibnal equipment or special pilot flying
qualities required. However, it assumes that alkioletd trim curves are linear, which in
practice is most likely not the case meaning thatlbcation of the neutral point is not fixed
and varies with changes in lift coefficiedung 2001 Chapter 12, p. 21). Reasons for this
include non-linearity of lift-curves of wing andlfdane especially near to the stall, non-linear
characteristics of control surfaces, Reynolds nundbiects, interference between different
parts of the aircraft etc. In such cases the sbad neutral point position is to be determined
for various lift coefficients and then plotted totain a curve representing its movement. An
example of this technique can be foundkKimberlin 2003 (p. 226), where the complete
procedure is presented by means of flight test ftata a Piper Archer aircraft. The results
evaluation is similar to the one givenkig. 6.6 however, the functions of elevator angle to
trim with [ift coefficient will not be linear. By chwing tangents at the tested value€ofC ,

one can determine the appropriate slogés,;, /dC_ and then plot these as shownFHig.

6.7, however, instead of one there should be severas,| each for a constant value of lift
coefficient. Since for different CG positions thiepmes at a constant lift coefficient will
probably not have the same value, the tool “Trewdlican be utilised to extrapolate plotted
points. The intersection of each line with the honital axis represents the stick-fixed neutral
point position in percentage of MAC at the respectvalue of lift coefficient for the line.
Finally, these can be plotted to determine a gthphshows the movement &f, with C, .

6.3 Lateral-directional static stability

So far in this chapter the longitudinal static gtgbof the aircraft was discussed, where
changes in angle of attack were taken to genenalie ane moment, the pitching moment
about the centre of gravity. One the other hanel stindy of lateral-directional stability deals
with the response of the aircraft in a sidesliphew its flight path deviates from the plane of
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symmetry by the angle of sideslfp Due to a present asymmetric flow field such motio
would generate not only a yawing moment about tical axis, but also a side force in
lateral direction and a rolling moment about thegitudinal axis, making lateral-directional
stability analysis more complicated than the onscuBsed in the previous section.
Furthermore, in this case rudder and aileron camtigked to produce moments about either
the vertical or the longitudinal axis also produmements about the other axis introducing
inevitable cross-coupling effects, which should thken into account. Since the primary
purpose of this section is to present a methodd&iermining the function of side force
coefficient with sideslip angle, only general copiseof lateral-directional stability analysis
are included here with an emphasis on a flighttesdtnique involving performance of steady
heading sideslips to obtain directional stabilityivkgives describing the aircraft’s control
effectiveness, as well as the change of side fooeéficient withS.

6.3.1 Governing equations

First, it is necessary to establish a referenceylmas system of the aircraft and define a
direction for positive and negative control surfaeflections. So far only the aircraft’s
pitching moment was defined positive when tendingrotate the nose upwards, and
coordinates along the longitudinal axis were memtibrhowever, their direction was not
specified. The most commonly used aircraft bodysasystem is also adopted in this work
with moments in pitciM, roll 2, and yawN taken positive about the appropriate positive axis
direction applying the right-hand rule. This is &moin the figure below, which is similar to
the one given bywWard 2006a (p. 131). Respectively, side forces are definedtipesin
positive y direction. The angle of sideslip is considereditpas when the relative wind is
displaced to the right of the aircraft’s plane winsnetry.

o f.f-:‘ ‘5?‘

Fig. 6.8 Aircraft body axes system and standard sign convention
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Further definitions for control surface deflectiongilise the so-called “standard sign
convention”, also shown iRig. 6.8 For positive rudder and elevator angular defbedithe
observer is assumed to be sighting along the qonekng positive axisz(ory) and applying
the right-hand rule, hence left rudder deflecti@msd downward elevator deflections are
positive. On the other hand, aileron deflections eonsidered positive when producing a
positive rolling moment, hence an upward rightraitemotion is required.

All necessary mathematical equations describing direraft's static lateral-directional
stability can be summarised using the dimensiontessix form presented in equation (6.32)
below, where forces and moments generated fronorolaw rates are not considered due to
the static nature of the problem discussed here p@emeters given in the derivative matrix
denote changes in the appropriate side force orenbeoefficient with the respective value
from the angle vector. For apparent reasons theseatives are not presented individually in
the list of symbols in the beginning of this workdatheir meaning can be deduced from
combinations of symbols and indexes adding thetanbsge “change” in front.

C, CY,, CY[;a Vs, L g
c,f=|c, c, c, o|F (6.32)
v oje,, ¢y, G, O0llg

NavAir 1997 (p. 5.34) also includes constants in each rovihefderivative matrix describing
side force, rolling and yawing moment at zero valf@m sideslip angle, aileron deflection,
rudder deflection and bank angle, which could tefwm asymmetric configurations or
loadings. However, such constants do not play ateg/in future calculations since, as seen
later in this section, lateral-directional stalilequations are differentiated with respect to
sideslip angle. Although these are subject to ecospling effects, to conduct further
analysis it is of some benefit to divide equatiérBR) into individual expressions and regard
them separately. Such approach is presented ioltbe/ing.

Equation (6.32) contains three further expressi@eh describing a different force or
moment acting on the aircraft — a side force ieritdirection, a rolling moment about the
longitudinal axis and a yawing moment about theie@raxis. First, occurring side forces due
to a motion in sideslip are discussed. These anergéed by different parts of the aircratft,
however, their main contributors are the vertiedland an inclination of the lift vector due to
existing bank anglekimberlin 2003, p. 304). In a steady sideslip a side force waaldse a
lateral translation, which for civil transport aiaft can be utilised to counter occurring drift
due to heavy crosswinds during take-off and langiihgse. In equation (6.32) the side force
expression is given in the first row with the apprate derivatives denoted with the index
“Y” — the direction in which the side force occuBnth NavAir 1997 andWard 2006astate
that the change in side force due to aileron defleds usually negligibly small and can be
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dropped in further calculations. The influence bé taircraft's lift component in sideslip
direction is denoted by the lift coefficient muligd by the sine function of the bank angle,
which for small values of can be replaced by the angle itself. In this warKight test

method consisting of series of steady heading idess adopted, hence all forces are in
equilibrium making the total side force coefficieatjual to zero. Considering all this
information and taking the derivative with respexideslip angle, the first row in equation
(6.32) can be written as

C, +C, %mL Z—Z =0 (6.33)

This is the main equation that later in this chaptdl be used to determine the change in side
force coefficient due to sidesliB, .

The second row in equation (6.32) expresses dugcal stability, which is the study of the
effects of sideslip on the aircraft’s rolling monenSince such analysis is beyond the scope
of this work, only basic concepts are briefly dssed here without expressing these
mathematically, as it is done for the side forcd gawing moment coefficients. In order an
aircraft to be stable, positive sideslip shouldvite a negative rolling moment, according to
the sign convention, and vice versa, thus positieral stability is given when the aircraft
tries to roll away from the sideslip. The main tepnoducing lateral stability effects is the
change of rolling moment due to sideslip, or “ditedeffect”. It is mostly affected by the
aircraft's geometric dihedral, the wing sweep arayie the vertical position of the wings on
the fuselage. The vertical tail also has some émite on this derivative, whereas the
magnitude of its contribution depends primarilyitnsize and moment arm to the centre of
gravity in z direction. For a stable aircraft the change dimglmoment due to sideslip has a
negative value, since it produces a negative momleotit the longitudinal axis in case of a
positive sideslip angle. Other derivatives in emqmat(6.32) include the change of rolling
moment due to aileron deflection, or “lateral cohgpower” and due to rudder deflection,
however, these are not subject to further discassere. For more informatiowvard 2006a

(p. 174) oMNavAir 1997 (p. 5.32) should be consulted.

The last row of derivatives in equation (6.32) esgmts the static directional stability, or the
effects of sideslip on the moments about the ditsraertical axis. When in a sideslip, a
stable aircraft would produce a yawing moment tieads to restore zero sideslip, thus a
rotation towards the relative wind (positive yawingpment at positive angle of sideslip).
Ward 2006a (p. 171) refers to this as “weathercock stabilityith the relevant derivative
being the first one in the matrix given in equat(6r82) — the change of yawing moment due
to sideslip. For a stable aircraft this derivatveuld have a positive value when the standard
sign convention is used. The primary contributowathercock stability is the vertical tail,
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which in case of a sideslip would experience a gkan its local angle of attack and would
produce a force that rotates the aircraft so agettuce sideslip. The main parameter
influencing this force is consequently the lift ewarslope of the vertical tail, which can be
modified by using a dorsal or a ventral fin. OtHerivatives characterising directional control
effectiveness are the change of yawing moment duadder deflection, or “rudder power”,
and due to aileron deflection. According to thenstgnvention, a rudder deflection to the left
is considered positive, which produces negativeiygunoment, hence for a stable aircraft
the rudder power is negative. On the other handy subsonic flight aileron deflections,
primarily used for lateral control, also produceediect called “adverse yaw”, which exerts a
yawing moment opposite to the desired directionotifdue to increased induced drag on the
wing with the higher lift. Hence, this derivativelMalso be negative for a stable aircraft. In a
steady heading sideslip where no accelerationspgkce, similarly to equation (6.33) for the
side force, the directional stability expression ba written as

Cy, +Cy, 9% ¢, 2

N0 M 0B

=0 (6.34)

6.3.2 Steady heading sideslip test procedure and dataduction

So far in this section only theoretical backgroumd static stability derivatives and the
resulting governing equations for side force amndigg moment in a steady state was given.
As already mentioned several times, the changedeffsrce coefficient due to sideslip and
other important derivatives describing the aircsafiontrol effectiveness can be determined
from flight tests by utilising a steady headingesilip technique. It requires flying the aircraft
at two CG positions and collecting data regardingle of sideslip, bank angle, rudder and
aileron deflections, actual weight and speed. Tdieed ones are used to calculate a lift
coefficient for every sideslip performed. Yaw andl rates, as well as lateral accelerations do
not apply directly in post-flight test calculatigrisowever, if this information is available it
can be utilised to verify the accuracy of the reéear data. In the following paragraphs the
precise technique description and the data handfiegwards are presented.

A steady heading sideslip manoeuvre begins witlefally trimming the aircraft at the
nominal altitude and test airspeed. If tests arbegerformed for a range of speeds with a
power-off engine setting, one should start with keest speed at the highest altitude to
minimise altitude loss. This is to be determinedrauthe test planning phase to utilise flying
time rationally. With the aircraft trimmed, a stgagldeslip is entered by applying rudder at
the desired direction. The aircraft is then stabdi at this sideslip angle and data is recorded.
To establish a zero yaw rate, rudder and aileronlshbe applied simultaneously. Unlike in a
level, unaccelerated turn, to maintain a steadyingasideslip a cross-controlled condition is
required, meaning lateral and directional contesks applied in opposite directions. Once an
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equilibrium condition is established and data isorded, the sideslip angle is further
increased by increasing the rudder deflection againathe aircraft is stabilised and data is
collected. This procedure is to be repeated uph& rmhaximum available rudder angle.
Kimberlin 2003 (p. 308) suggests using steps of approximately @2 rudder deflection.
Once tests are completed in one sideslip directiom,entire procedure is repeated for the
opposite direction. Generally, the pilot should dd®a@ fixed reference point at the distant
horizon to help him maintain constant heading facteindividual sideslip angle. However,
since theRavenaircraft is piloted from the ground, constant hagdis to be maintained
strictly through visual contact. Normally, steadgading sideslips are not considered
hazardous tests, however, if these are conductkvatpeeds and large values/®there is
the possibility of occurring stall at one wing riégg in an abrupt roll departure. Therefore at
these conditions sideslip manoeuvres should beoapped with caution. Unfortunately, no
real-time data regarding sideslip angle is avadafor the Ravenflight tests, thus visual
contact from the ground will also be of primaryis&sice on this matter. In future tests,
available real-time data regarding sideslip angk lzeading by use of telemetry system could
fairly improve the accuracy of the obtained results

In the results evaluation phase all recorded datlrst to be corrected for the appropriate
instrument errors. In particular, static pressueasurements could be affected considerably
by the occurring lateral flow inclinations, whichowld further reflect on less accurate
calibrated airspeed and lift coefficient calculaio@orrected data is then plotted versus angle
of sideslip to determine slopes lild®, /05 andod¢/df . A more detailed data reduction

sequence and application of the governing equatiamsbe found in the next paragraphs.
Regarding plotting instrument corrected détemberlin 2003 (p. 309) gives exemplary plots

of bank angle, aileron and rudder deflections veemgle of sideslip for a PA28-161 Warrior
Il propeller-driven aircraft. It is apparent thabst plots are non-linear functions, which can
be explained with occurring flow separations atoas parts of the aircraft. Also, due to an
alignment of the propeller slipstream with relativimd, the resulting plots from both sideslip
directions are not symmetrical.

To obtain important derivatives describing the raftts control effectiveness, boWard
2006a(p. 179) anKimberlin 2003 (p. 354) suggest the application of the above rdest
steady heading sideslip technique for two differegmitre of gravity positions. This way the
adverse yaw derivative from equation (6.34) canebmiinated and further relationships
between change of yawing moment coefficient anchgbaof side force coefficient can be
estimated. However, this method requires certasnragtions to be made in order to simplify
the governing equations, which reduces the accurbtlye obtained results for the aircraft's
control effectiveness. These assumptions are suisedan the following:
* The distance along the aircraft’s longitudinal axetween both CG values in question is
small compared to the moment arm of the vertichlttathe z axis. Fig. 6.9 gives an
illustration of all geometric parameters used irttfar calculations and their definitions.
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* Bank angles recorded during tests are small ineadst straight sideslip, therefore the
rudder side force derivative can be ignored in &qung6.33).

Centre of pressure
for the vertical tail

/"i\ i
X |
vz

Fig. 6.9 Geometry of steady, straight sideslip at two different CG positions

Utilising these assumptions, one can come to thiewalg conclusions. First, for small
variations of CG along theaxis the rudder power derivative is essentialdependent of the
centre of gravity position, thus only variationstioé weathercock stability derivative apply in
this case. The change of this derivative due taifaia CG backwards can be calculated using
the equation below, where different centre of gsapiositions are denoted with the indexes
“1" and “2".

A%
=C, +C = (6.35)

Ng - Ng .1 Yp b

Secondly, with no change of side force coefficiee to rudder deflection considered,
according to equation (6.33) the change of sideefaoefficient with3 is a function of lift
coefficient and the measured slopg/dS only. Hence,

9
c, =-C, é (6.36)
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Since neither the slop@g/dS nor the lift coefficient change with variations €CG position,
the change of side force coefficient with anglesioeslip, whose determination is of primary
importance in this section, can be obtained diyeftim equation (6.36). Lift coefficient is
calculated using actual weight data and the cardedor instrument and position error
calibrated airspeed, as shown for the steady Hégbit method in section 6.1.1. Since it is
most likely that obtained slopes from plotting dohsurface deflections versus sideslip angle
are not constant)ard 2006a(p. 181) suggest taking these at zero sidesliteang

To calculate further directional stability and sidece derivatives, plots of rudder deflections
versus sideslip angle are utilised. The data résluctequence continues with writing down
equation (6.34) for both CG positions, which yietls following expressions:

Cy,. +Cy, (EJ +C,, (64] =0 (6.37)
SN AN C

c:N 2 +CN5 (adaj +CN5 (adj =O (638)
B a aﬁ ) v aﬁ 5

The sloped, /08 for both centre of gravity positions are also talkg zero sideslip angle

for the same reason mentioned above. By substitquation (6.37) from (6.38) “... and
observing that the aileron slope change with sideslusually small” {ard 2006a p. 180),

AX

_ _ c.g.
Cyy. ~Cuy, =Gy,

-, Hadj _(ad” (6.39)
«\\ag ), \op ),

Hence, for a known difference in tested CG posg#tiatong the longitudinal axis, the change
of yawing moment due to rudder deflection can Heutated utilising the determined slopes
00, /9 for every centre of gravity, the wing sparand the previously obtained change of

side force coefficient with sideslip angle. Furthere, the change of side force coefficient
due to rudder deflection can be estimated as

C, =—Cy, 1 . (6.40)
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The vertical tail moment arrh, is taken to be the distance along thexis between the

vertical tail centre of pressure and the initiahtce of gravity, as seen fig. 6.9 Since no
information regarding the centre of pressure lacabf the vertical tail is available for the
time being, this distance can be roughly estimatdast.

The above described method offers a straightforvtesf procedure and data reduction
sequence to determine aircraft control effectiversasd the change of side force coefficient
with sideslip angle. However, due to the simplificas made to the governing equations, it
does have serious flaws when the accuracy of thairdd results is concerned. Other
methods presented Bard 2006a include the use of an external object (for example
parachute) with a known drag coefficient, mounted fixed position on one wing to produce
an ascertainable asymmetric moment. By measuringrideder deflection necessary to
overcome this moment, one can determine the rugileing moment derivative. A similar to
this method that includes placement of known weaigtita certain spanwise location provides
reliable data for lateral control effectivenesse3é techniques yield more accurate results,
however, they also require additional equipment andre complicated flight test
performance, making them irrelevant in RRavencase for the time being. For data reduction
sequence and test procedures the above givenme¢esbould be consulted.
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7 Dynamic stability flight tests

So far in this work flight tests for determinatiohaerodynamic data and static stability were
thoroughly discussed together with the appropdate reduction sequences. This last chapter
deals with dynamic stability in general and witiglit test methods to determine parameters
like frequency and damping ratio for existing dlifoi modes of classical aircraft
configurations. Dynamic stability describes thedabur of the aircraft with time following a
disturbance from equilibrium. It “... characterisé® tvehicle’s ability to change from one
equilibrium condition to anotherWard 2006a p. 185). As it was described earlier, dynamic
stability takes into account forces and moments dhae due to velocities and accelerations,
therefore measurements are not to be made in a staequilibrium. Consequently, the
required flight testing methods are more compliddatean the ones given so far. Due to this
complexity and the fact that investigations of Revendynamic stability are not a priority of
the first flight tests planned, the approach irs ttihapter will not go into great detail for all
characteristic aircraft motions remaining more gehm the information provided for some
tests. The text will concentrate mostly on the pcat part of the flight tests describing
thoroughly the individual test procedures and datluction sequences where available, while
the theoretical part will be left aside. Furthetaile can be found in the references given in
the course of the text.

In a dynamic sense, a moving body is regarded aslestwhen it tends to remain in
equilibrium position over a period of time, henaesipive dynamic stability is present when
the amplitude of the resulting motion is decreasiith time. An aircraft can be statically
stable and dynamically unstable at the same tirhenwthe amplitude function passes through
equilibrium, but increases with time. However, @naot be dynamically stable and statically
unstable. One can further classify stability moohés non-oscillatory and oscillatory. In the
first case the amplitude would decrease or incradegending on whether the aircraft
possesses positive or negative dynamic stabildwever, the motion would not pass through
equilibrium condition. In oscillatory modes a tendg to return to trim should be present,
hence positive static stability is required. Thase basic concepts which will be referred to
indirectly in this chapter. To conduct further ayséd, dynamic motions will be divided into
two sets — a longitudinal and a lateral-directianakion — and will be discussed separately, as
was done in the static stability analysis earlier.

Before proceeding to the longitudinal and lateiag¢ational stability, first it is necessary to
present the types of control inputs used in fliggdts to determine the aircraft’'s dynamic
characteristics. Normally, dynamic motions are &xtusing rapid pilot inputs to the control
surfacesWard 2006a (p. 208) classifies three typical control inputstep inputs, singlet
inputs and doublet inputs. In the ideal case titase rate should be infinite, thus the desired
deflection angle should be reached in zero timevéd@r, no control system can provide such
infinite surface rate. The appropriate ideal consoiface deflections for all three typical
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inputs are given irig. 7.1 One can see that the change of control surfade anth time is
infinite (vertical line). The function of the actuaontrol surface deflection with time
performed by the pilot will have a slight inclinati from the vertical line.

STEP SINGLET DOUBLET
-y iy c
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7 @ @
Time - Time ) Time )

Fig. 7.1 Types of control inputs for dynamic stability flight tests

The first ideal input shown ifrig. 7.1 is thestepinput consisting of moving the control
surface to the desired deflection angle and holdirigx in this position. Hence, the control
surface is set to a new trim position causing iheaft to take a new equilibrium state. For
example, an elevator step input will cause the@raltitude, angle of attack and airspeed to
take new trim values some time after the input. 3&eond type of control input is teaglet
input or pulse, for which the control surface doesremain in the new position, unlike in the
step input case. Short time after the deflectiocucs; the pilot returns the control column to
the initial position, hence this input consistsagiositive and a negative step input of the same
magnitude. The last input is called ttheubletand consists of two singlet inputs in opposite
directions occurring consecutively one after thkeot Hence, after the control surface is
returned back to trim position, it is immediatelgflécted to the same angle in the opposite
direction and then returned back to trim.

From these control surface inputs the latter twe mwost commonly utilised in dynamic
stability flight tests. Normally, for the pilot ke able to return accurately the controls in the
initial position, the displacement of the controlumn is measured. Since most likely such
measurement cannot be applied forRaencontrols, inputs should be repeated until the one
that best excites the targeted mode is found usswugl contact from the ground.

7.1 Longitudinal dynamic stability

As stated in the introduction of this chapter, dipgproach here is to present the practical side
of the flight tests avoiding theory on dynamic digbas much as possible, including
equations of motion and stability derivatives. Hoes it is of some benefit to describe
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briefly the results from such theoretical analysisl what they mean for the individual modes
of motion. BothKimberlin 2003 (p. 236) andWard 2006a (p. 186) compare the dynamic
behaviour of aircraft longitudinal motion with a Bm-mass-damper system, since
mathematically the solutions for both equationsnaftion are identical. As these are second-
order differential equations, a transform is applte reduce them to algebraic equations
containing the complexAPLACE operator. The longitudinal equations can then bdem in
determinant form, which is afterwards solved toagb® quartic characteristic equation. This
can be further factored into two quadratic ternagheof them describing two characteristic
modes of motion for a conventional aircraft confagion — theshort periodand thephugoid
mode. Since they are expressed by quadratic tdrotis,are oscillatory motions, however, of
widely differing frequency. The phugoid mode isghtly damped motion of low frequency
with a long period of more than 30 seconds. Onather hand, the short period, as its name
suggests, is a high frequency motion with a peti@t normally ranges between 0,5 and 5
seconds. If plotted in a complex plane, the rodtsbath quadratic terms would have
imaginary components, which is an indication ofike&tory motion. Roots for phugoid will
be much nearer to the imaginary axis and dependiregher they are on the positive (right)
or negative (left) side, the motion will be respesly unstable or stable. On the other hand,
roots for short period will usually be far to theftlof the imaginary axis, thus indicating a
stable motion. For reasons stated earlier, a graphilustration of this analysis is not
presented in this work and can be found in thereefes given so far in this section. Since
the purpose here is to investigate flight test mightm determine frequency and damping
ratio for both short period and phugoid, thesepsesented individually in the following.

7.1.1 Short period mode

The aeroplane short period mode takes place atyneanstant airspeed with occurring
changes in angle of attack and pitch rate. For rmosventional aircraft it is well-damped
with times to half amplitude about 0,5 seconds. Elav, if this is not the case, the short
period oscillation becomes of great importance bsedhe pilot must control it immediately.
Normally, depending on the control system one gacrighinate between stick fixed and stick
free short period. In the latter case the aeropsoet period may be coupled with an elevator
rotation about the hinge line, called elevator speriod. However, this is not discussed here
since theRavenaircraft is equipped with an irreversible consgstem consisting of electrical
actuators, which hold the elevators in a fixed posi In a short period mode “... the
restoring tendency for the pitch oscillation is\pded by static stability while the amplitude
of the oscillation is decreased by pitch dampinkim(berlin 2003, p. 242). Hence, the
dominant stability derivative which contributesrparily to the increase of damping is the
change of moment coefficient due to pitch rate.tf other hand, the short period natural
frequency would increase with increasing derivatihat gives the change of moment
coefficient with angle of attack.
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Theoretically, short period damping ratio and ratfrequency can be calculated by applying
certain assumptions about the stability derivatinethe equations of motiolVard 2006a (p.
199) gives approximations for such calculationsgiglimensional derivatives. As seen from
the example given there, the obtained results &wural frequency are very close to the ones
obtained from the full characteristic equation, ggvia difference of approx. 3 %. For the
damping ratio the difference lies a bit higher -approx. 17 %. On the other hatdmberlin
2003 (p. 245) presents also approximations for natdrafjuency and damping ratio
calculation, however, these include predominandgrgetric values of the aircraft, like wing
area, MAC and inertia moment about the lateral,aasl flight parameters, likiela andp.
The derivatives there are restricted to lift cusl@pe and change of moment coefficient with
angle of attack and pitch rate. Since no reliabfermation regarding stability derivatives of
theRavenis available at this point, the formulas giverthe latter reference are more suitable
for pre-flight testing calculations to predict shperiod damping ratio and natural frequency.

Practical experience shows that since for most eotienal aircraft the short period mode is
heavily damped, it could be difficult to recordiable data, based on which calculations to
determine the natural frequency and damping raio lle madeKimberlin 2003 (p. 250)
gives three techniques used to excite short pemaode with the control surface inputs
described in the beginning of this chapter. Thetfand most suitable method consists of
applying the doublet input, which in addition tocéig the short period mode, also tends to
suppress the phugoid mode making data reductioleremsthe post-flight test evaluation
process. The precise technique consists of trimrthiegaircraft at nominal test altitude and
airspeed and then rapidly moving the aircraft nogedown and back to trim by applying
elevator inputs. Data is recorded until the sheriqa motion has subsided. The pilot should
try varying the frequency of the doublet input Uhg finds the one that best excites the short
period frequency of the aircraft.

Another possible control surface input to excite rshperiod is the singlet. This should
however be avoided, since it also tends to exhigephugoid mode making the separation of
short period and phugoid motions in the post-fligata analysis very difficult. On the other
hand, this technique is necessary to apply fordanes with a high short period frequency.
The last method available for short period flighkéting is the so-called “g@-pull-up”, which

is a form of the step input. After trimming thecaft, the pilot performs a pull-up decreasing
airspeed and increasing altitude. Then the aifsrafise is pushed over entering a steep dive.
At approaching trim conditions the pilot smoothbtates the aircraft using elevator control
inputs so that trim speed and altitude are achiewe¢de same time. This method is also very
good for determination of short period charactmsssince it suppresses the phugoid mode.
Its main application should be for aircraft witwishort period frequency. However, it also
requires excellent pilot skill to perform the abalescribed manoeuvre. In tRavencase the
real-time indications of trim altitude and airspdesim the separate telemetry system can be
utilised for pilot assistance.
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Ward 2006adescribes several methods for reduction of recbtdst data. A rough estimate
for short period damping ratio can be obtained giseguation (7.1). It is a valid
approximation for values ol between 0,1 and 0,7. By counting the number okpe&apitch
attitude until an oscillation can no longer be drsed, one can determine the damping ratio.
This is however easier to observe for a pilotraitiin the cockpit of a full-sized vehicle than
for one piloting a model aircraft from the ground.

_ 7—numbermf peaksounted

A
*® 1C

(7.2)

More precise results can be achieved using graphiedhods where the response curve
representing the aircraft behaviour with time islgeed. Some of these methods are the
Transient Peak Ratio (TPR), the Maximum Slope &edTime-Ratio method. The latter two
are discussed here with a data reduction sequevee gnly for the Maximum Slope method.
The TPR method is briefly presented in the nextieecwhere flight test procedures to
determine phugoid characteristics are discussed.

The Maximum Slope method, as well as the Time-Rai@hod, are normally used for short
period damping ratios between 0,5 and 1,0. Theckmssumption made for these methods is
that any oscillations associated with aircraft dgics can be taken to be either a first- or a
second-order response. A qualitative example afrosxl short period data is presented on
the left side inFig. 7.2 Both elevator deflection and aircraft pitch rate plotted versus time
with a magnified image of the dotted square arearat the pitch rate response curve given
on the right. The Maximum Slope data reduction métbonsists of drawing first horizontal
lines at the half-cycle peaks (maximum and minimamdl then a maximum slope tangent
line for the progression of the curve between tljginown below as a dashed line).

Elevator deflection

\ Response curve
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Tangent Line
lel
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Elevator deflection / Pitch rate

Y

Y

Time Time t,

Fig. 7.2 Qualitative example of Maximum Slope method for data reduction
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The intersections of the maximum slope tangent Vuith the horizontal lines at both half
cycle peaks definelt. With AX given between these half cycles peaks dXd defined

from the intersections of thig vertical line with the response curve and the maxn slope
tangent line, one can calculate the rafi¥,/A4X and use it to enter the chart presented in

Fig. 7.3 Although "X’ has units of°/sec, it is regarded only as an auxiliary symbal an
therefore not referenced in the list of symbolse Thart below is taken frolVard 2006a (p.
220) where the damping ratio is denoted with thalsyl “{ ” not utilised in this work. With

the termw, 4t determined, one can calculate the natural frequesit

w. A
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Fig. 7.3 Chart for determining damping ratio and natural frequency (Ward 2006a)

The problems associated with this data reductiothateconcern primarily the parameter
AX,, which is usually small and difficult to measuzarately. However, the resulting error
affects mostly the short period damping ratio whereas the natural frequency remains
largely unaffected. An alternative technique foorshperiod data reduction described by
Ward 2006a(p. 218) is the Time-Ratio method, which requizesteady-state equilibrium to
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be reached after the short period mode excitatamndubsided. Basically, the data reduction
sequence consists of taking valuesabfund 4X at three places of the response curve and

similarly to the Maximum Slope method use themnteea specific chart wheré and w,

can be read. This yields three different valuestha damping ratio, which are normally
averaged, depending on the quality of the respausee, to obtain a final value. More
detailed description of the precise data handling an example calculation for an F-89
Scorpion short period characteristics can be faaride above given reference.

Analogue to a mass-spring-damper system, the gieoidd damped frequenay, can be
calculated using the values fdrand w, , as shown in equation (7.3). This equation caa als
be utilised for calculations regarding the dampeddency of the phugoid mode.

W, = N1-N (7.3)

7.1.2 Phugoid mode

The phugoid mode describes a low frequency motionng which potential and kinetic
energy are exchanged. Essentially, it is an aicsae®l altitude oscillation typically taking
place with a negligible variation of angle of aka¥®Vith increasing altitude the aircraft’s
speed decreases, thus lift decreases. After repehaertain maximum altitude value, due to
the decrease in lift the aircraft goes into a diveere altitude is decreased and airspeed
increased. This causes lift to increase and at s the aircraft reaches a minimum value
of altitude and a maximum value of airspeed. Dueht® increased lift the aircraft starts
climbing again and the process is repeated. A @@k illustration of a phugoid response
curve is given irFig. 7.4 The damping effect in this motion is provided dgroplane drag,
which increases with increasing airspeed and v&zsa; and tends to return the aircraft to the
neutral condition of trim speed. Consequently, meguilibrium flight the damping ratio is
directly proportional to the aircraft total dragegficient. If the aircraft altitude is maintained
constant,A would increase with increasing true airspeed. I@ndther hand, if the aircraft’'s
true airspeed is held constant, the phugoid damyaitig would decrease directly proportional
to the change in density with altitude.

Like in the short period mode case, approximatitmsletermine pre-flight test values of
damping ratio and natural frequency for the phugoatie can also be found in the references
given so far in this section. These approximatiare the same as the ones given also by
Meins 2001(p. 101) and are presented here in equations &hd)7.5). The phugoid natural
frequency is taken to be inversely proportionathe trim airspeed and the damping ratio is
given as inversely proportional to the lift-to-dreegio. Using pre-determined values for trim
airspeed and lift and drag coefficients, one calcutaie rough estimates of the phugoid
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characteristics. However, unlike the results calmd with the short period mode
approximations, the ones obtained for the phugodatienare due to the assumptions and
simplifications made rather crude and cannot Heseti to provide accurate conclusions.

_ g
w,, =v2—=- (7.4)
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Fig. 7.4 Qualitative illustration of a damped phugoid oscillation (Meins 2001)

For flight test measurements the phugoid motiorexsited with a singlet of fairly long
duration. First the aircraft is stabilised at té#in speed and altitude for a given aircraft
configuration of power, gear and flaps. Carefuhtriing is essential for an accurate phugoid
flight test performance. Therefore, in the trimnmpebition speed and altitude have to remain
within respectively 0,5 kts and 20 ft for appro%-40 seconds with no inputs from the pilot
(Ward 20063 p. 209). Once this is achieved, the pilot appéieselevator input holding the
step long enough to reduce the aircraft's speetia¥5 kts from the trim airspeed. Then the
elevator is returned carefully to trim position ngsicontrol movement matching the aircraft
long period frequency. Afterwards the occurringikestton is recorded with the pilot making
no further longitudinal inputs. In order the wingsbe maintained level, small lateral control
inputs are allowed, as even small bank angles rfiagtdoth the phugoid damping ratio and
its natural frequency.
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Response curves for altitude, airspeed and pititude all can be utilised in the evaluation
process to determine the aircraft's phugoid charatics. One possible method for reduction
of data recorded during flight tests is the TPRhuodf which is the most useable one for
damping ratios between -0,5 and 0,5. By plotting tairspeed versus time, one can obtain a
response curve with similar progression to the gimen inFig. 7.4 If the half cycle peaks
are numbered with 1,2,3,4 etc., one then takesuthgitudesX,, X,, X;, X, etc. (vertical

distances from thé-axis to the appropriate peaks) and calculatesrdhie of every two
adjacent amplitudes. Ideally, these ratios shoulddbatical, however, since for actual test
measurements they are not, one can take an awahge This parameter is called Transient
Peak Ratio and is used to enter a specific cham fwhich the phugoid damping ratio can be
determined. Such chart is however not presented, litecan be found in botKimberlin
2003 (p. 250) andVard 2006a (p. 218). With the obtained damping ratio one caltulate
w, , from equation (7.6), where the phugoid dampedopes denoted witfT, .

w = (7.6)

T J1-.2

p

Besides the above described graphical method, anealso apply a numerical method to
determine phugoid characteristics. This is presemge using example flight test data
recorded during laboratory exercises at the Hamlymgersity of Applied Sciences on
October 15, 2003. The MS Excel data file containimig information and the calculation
sequence is referenced hereSasiolz 2005 First, values of measured airspeed are taken for
every half cycle peak during the occurring phuguoimtde and the corresponding time is noted.
These are presented in the first two rowsTable 7.1 A mathematical expression of the
change of airspeed with time containing phugoid giag ratio and natural frequency is then
used to start the numerical process. This is predantthe following equation

V _
V(t) =V, + ”;X e cos(a)nv pt)+ AVt (7.7)

where the phugoid characteristidssand w, and the parameteks,, , V.., and 4V are not

known at first. The essence of this method is tha¢ uses iteration to calculate these
parameters, so that they yield a response curvihéoirue airspeed as close as possible to the
measured one. A suitable tool for performing thesation process is the MS Excel “Solver”,
for which initial values of the above presentedapagters should be provided. For this
purpose, equations (7.4) and (7.5) can be utilisedalculate rough estimates of phugoid
damping ratio and natural frequency with the aftciam speed known. Fov,_ and 4V

however, empirical values have to be used. The enadltical manipulation consists of taking
the square of the difference between measuredeaidspnd calculated airspeed from equation
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(7.7) for every measured time point. The iterapoocess is then started using “Solver” under
the condition that the parameters in equation (e®d to be adjusted until the sum of all
squared differences reaches a minimum value. Tédtsefor the calculated values of true
airspeed with time and the squared differencegjiaen in the last two rows dfable 7.1

Table 7.1 Example data for measured and calculated airspeed

Time t True airspeed/ [kts]

2
[s] measured calculated 4
0 150 147,668 5,437
14,4 85 84,881 0,014
28,9 135 139,141 17,149
43,0 95 93,221 3,167
57,7 133 131,143 3,448
71,5 100 101,096 1,201
88,0 127 127,113 0,013
102,4 100 102,320 5,383
119,8 125 124,868 0,018
132,0 105 105,321 0,103
147,5 120 120,255 0,065
159,9 112 109,972 4,115

The resulting phugoid characteristics and parametérequation (7.7) calculated in the
iteration process are given in the following tabMso, phugoid damping ratio and natural
frequency calculated from equations (7.4) and (Wif) the trim speed determined from the
iteration are given to make a comparison. ThetdHthrag ratio used to compute is the
maximum one determined from steady glide flightde®ne can see that unlike the natural
frequency values, which are comparable, the relaix@ for A is more than 600 %.

Table 7.2 Solver results for phugoid characteristics and parameters

Paramete Calculated value Unit
Iteration Eq. (7.4) and (7.5
Viim 114,2326768 - kts
Vo, 66,87112585 - kts
A, 0,008668716 0,06225 -
@, 0,208474721 0,23608 rad/s
yi\Y, -0,008800093 - kts/s

Both measured true airspeeds and results from iequ@gt.7) are plotted versus time Fig.
7.5. Although in most cases the measured points ddi@alirectly on the half cycle peaks,
one can see that this numerical method yieldsisfaetiory approximation of the true airspeed
response curve for the phugoid motion.
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Fig. 7.5 Plot of measured and calculated airspeed versus time in a phugoid mode

7.2 Lateral-directional dynamic stability

So far in static lateral-directional analysis tlreraft's lateral and directional responses were
considered separately with an emphasis on thetiinat stability and methods to determine
the change of side force coefficient with anglesafeslip. In dynamic lateral-directional
stability the responses are coupled with the dirsrmertia affecting this coupling, therefore
they will not be separated here. Similar to the iminal modes of motion, using a
transformation for small disturbances one can deter a characteristic equation for the
lateral-directional modes of motion. For a conveml aircraft configuration these are the
spiral mode, theroll mode and th®utch roll mode. From all three modes regulations only
for the Dutch roll mode are issued by the civiladdin authorities, whereas the other two are
not considered. If plotted in a complex plane, ksyhal and roll roots lie on the real axis and
have no imaginary components indicating a non-lagoity motion for both modes. Normally
the roll mode has a large negative real root, heheemotion is heavily damped for most
conventional aircraft. On the other hand, the $poat is very near to the imaginary axis and
can be either positive or negative indicating respely a divergence or a convergence. A
root at the origin would suggest neutral spiral msthbility indicating neither a convergence
nor divergence when the motion is excited. Unlike dther two lateral-directional modes, the
Dutch roll mode is represented in the complex plapea pair of roots with both real and
imaginary components, which indicates a secondrardeillatory type of motion. A plot of
the roots of all three lateral-directional stalgilihodes in a complex plane can be found in
Kimberlin 2003 (p. 3.14).
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7.2.1 Spiral mode

The spiral mode is a first-order lateral-directiomaode of motion, which in case of
divergence can be described as an increase indrayl& after a bank angle disturbance from
wings level flight. With occurring bank angle, aeslip in direction of the lowered wing is
introduced which creates a force at the vertidatéading to yaw the aircraft in direction of
the sideslip. Due to the occurring yawing momefttgenerated by the wing going forward,
which is also the higher wing, is increased, thesiing a rolling moment in direction of the
sideslip. With steadily increasing yaw and banklesdhe curvature of the turn becomes
tighter and the aircraft goes into a spiral divenyg speed and losing altitude. An illustration
giving the motion of the aircraft in a spiral modss, viewed from both axes concerned, is
presented irfrig. 7.6
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Fig. 7.6 Aircraft behaviour in a spiral mode (MIT 2008)

Normally, some spiral mode instability is allowsthce even when divergent, this motion can
be easily controlled by the pilot for conventioaakraft configurations. However, the time to
double the bank angle should be long enough, sahbailot can apply a correction without
having to devote an excessive amount of his attenttrong directional stability tends to
make the spiral mode diverge, with the rate at Wwiiie divergence occurs being greater at
lower speeds and smaller at high sped€isniperlin 2003, p. 314). On the other hand,
improving the aircraft’s lateral stability makesidnverge, hence an increased dihedral effect
tends to stabilise the spiral mode. Increasingstheep angle of the wings also improves
spiral mode convergence, however, both measures tiev undesirable effect of reducing
Dutch roll damping ratio. Since Dutch roll stalyilis of greater importance for the aircraft’s
handling qualities, a slightly unstable spiral maglpreferred.
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To test the aircraft’s spiral mode behaviour, fitet air vehicle is brought to the desired trim
condition for airspeed, altitude, power settingpi and gear. After trim is achieved, the
aircraft is rolled to a bank angle of approx? 1@ccording tdNavAir 1997, p. 123 — at least
5°, but not more than 2Pusing a small rudder input while the lateral colstare held fixed.
After establishment of the steady bank angle, titgler is returned to trim position and all
controls are released. The change of bank angle timite is recorded — ifpincreases, the
spiral mode is unstable; if the aircraft rolls ofithe turn, then the spiral mode is stable. After
data is recorded, the aircraft is recovered anchboee described procedure is repeated with
opposite bank angle. Usually aileron inputs areutitised to bank the aircraft, because of the
significant rolling moments generated. An altenaitontrol input that can be used instead of
rudder deflection is a slight power reduction oé@mgine for a multi-engined aircraft.

Depending whether the spiral mode is divergentomvergent, in the evaluation process the
time to double or respectively the time to half Hank angle is to be determined. In this work
a data reduction sequence is presented by meaesmfled data given iicholz 2005 The
observed spiral mode motion is unstable, hencdithe-to-double is determined using the
recorded variation of bank angle with time, presdriielow inTable 7.3

Table 7.3  Example bank angle variation with time in a spiral mode

Timet [s] Bank angleg [°]
0 10
13 20
26 30
36 45

Mathematically the variation of bank angle with ¢éincan be approximated with an
exponential function of the natural logarithm canitag a damping ratiol . For an initial
value of bank angle equal to°lthis approximation can be written as

p(t) =10e™ (7.8)

where for the measured datiaequals -0,0428 indicating a divergent spiral mofeth
measured and calculated data from equation (78)paesented graphically iRig. 7.7
Knowing that at time-to-double the bank angle iccénas much as the initial value, one can
apply a mathematical manipulation from which theuigng t can be calculated as

double

_In(2

Laouble = j

(7.9)
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For the previously calculated value afthe time-to-double is approximately 16 seconds,
differing from the measured time of 13 secondsetixh a bank angle of 200ne can see that
up to 25 seconds both curveshig. 7.7 have significantly different progression, hence th
resulting 3 seconds discrepancytjf),e-
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Fig. 7.7 Example of spiral mode measured data and mathematical approximation

An alternative method to determine graphically sh&al mode time-to-double is presented in
section 7.2.4 where data reduction sequence fateaal-directional response to a step aileron
input is given.

7.2.2 Dutch roll mode

The Dutch roll oscillation consists of tightly coedl yawing and rolling motions and usually
occurs at medium to high frequency. With no dicawdl stability augmentation system
installed it has normally moderate to light damprago. Strong lateral stability and increase
in the wing sweep angle reduce the aircraft’'s rmtDutch roll damping. An illustration of a
Dutch roll motion, as seen from both the vertiaadl ghe longitudinal axis, with four specific
positions during the oscillation is presentedrig. 7.8 Such yaw-roll oscillation can be quite
uncomfortable for both crew and passengers, thexedovil transport aircraft with swept
wings often need a yaw damper to increase theadticmatural damping and improve both
its ride and handling qualities. A large vertical tvould also augment the Dutch roll natural
damping ratio. For Part 23 aeroplanes the FAA meguihat “... any Dutch roll oscillation



116

that occurs between stalling speed and maximumvabte speed must be damped to 1/10
amplitude in 7 cycles with the primary controlseiikand free”Kimberlin 2003, p. 311).

(B .*' "'-_-"N. () - : ’
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Fig. 7.8 Dutch roll oscillation (MIT 2008)

For calculation of rough estimates of Dutch rolltural frequency and damping ratio,
Kimberlin 2003 (p. 315) gives mathematical approximations preseirt the following. For
the natural frequency the rolling moments due tledip and due to roll rate are assumed to
be zero, which yields a relationship given beloweguation (7.10). One can see that the
frequency varies directly with Mach number and éases with increasing directional
stability. On the other hand, increasing altitude anoment of inertia in yaw reduce Dutch

roll natural frequency.
@, o =Ma,[C,, %Sb (7.10)

For the Dutch roll damping ratio, in addition to theove made assumptions for the natural
frequency, also the side force due to sideslipken to be equal to the yawing moment due to
yaw rate. With this considered, the following egmais valid:

b’
Ao, =Cy, Sgs—l (7.11)

Ng " zz
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As was for the natural frequency, Dutch roll dangpiatio is reduced with increasing altitude
and moment of inertia about the vertical axis. @@ ather hand, in this simplification neither
the aircraft’'s speed nor its Mach number is pres@mbilar to a spring-mass-damper system,
the yaw rate dampin@,_acts as a damper and increases the overall valdg, of

There exist several techniques to excite a Dutithhration in dynamic stability flight testing.
The most commonly used method is the doublet ifgouivhich the rudder is moved left and
right in phase with the natural motion of the aftrand then returned to trim position.
Afterwards the controls are released and the oouaoscillation recorded. The advantage of
this method is that it excites the Dutch roll madell without exciting the spiral mode. An
alternative technique consists of stabilising threraft at a steady bank angle and then
starting the oscillation with an aileron singlehgortant is that the aileron input is applied as
rapidly as possible to roll out of the steady bankle. As level flight is approached, abrupt
aileron is applied in the opposite direction retagnthe control surface to trim position. This
method offers an advantage for aircraft with higleriias often providing more realistic
amplitudes than the rudder doublgfdrd 20063 p. 214). Another possible control surface
input to excite a Dutch roll motion consists of #tecalled rudder kicks method where rudder
is depressed and released rapidly and the occuosaoijation observed. The problem with
this method is that it tends to excite the spiraldmin addition to the Dutch roll mode. For
aircraft with high damping ratio, a Dutch roll dégiion can be excited using a form of the
singlet input involving two control inputs simulieously. First the aeroplane is stabilised in a
steady heading sideslip, then both rudder andaailepntrols are released at the same time
and brought to zero deflection position. This teghba is also suitable for aircraft for which a
rudder doublet or an aileron singlet does not extie Dutch roll oscillation adequately.

A complete graphical method for determining therabteristics of all three lateral-directional
stability modes from recorded aircraft responsea dain be found inWard 2006a (p. 223).
Due to the complexity of its graphical naturesibnly partly presented in section 7.2.4 of this
work. An alternative, simplified data reduction seqgce to obtain frequency and damping
ratio of recorded Dutch roll mode is givenS$cholz 20051t is however more suitable if the
oscillation is observed from the cockpit, in pastar the motion of the wing tips. After the
oscillation is excited, time is measured for whiiste cycles are observed. Dividing this by 5,
one obtains the damped Dutch roll peribd Then the Dutch roll frequency equals the
reciprocal of T, multiplied by 2z . To calculate the damping ratio, an assumptionade that
the oscillation is subsided when 5 % of the initeahplitude is reached. The resulting
mathematical expression to calculakg is given below in equation (7.12). Due to the danp

measurements applied in the above described mehdadh roll characteristics obtained this
way are to be used with discretion.

), =-In©09

7.12
2T, ( )
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7.2.3 Roll mode

The roll mode describes the aircraft response tateral or roll motion, which for a
conventional configuration would be excited with aiteron input. The response can be
approximated with a decaying exponential functi@presenting the roll rat® . The
characteristic time constant in the exponent isallgin the order of one to two seconds. In a
simplified, single degree of freedom roll respondage to aileron deflection a disturbing
moment about the longitudinal axis rolls the aiftcha direction of the wing with an aileron
deflected upwards. As the aeroplane rolls, thewsanlift distribution changes due to change
in effective angle of attack creating a restorintlimg moment, hence roll damping occurs.
An illustration of this process is presented belowrig. 7.9 Due to existent roll damping a
constant aileron deflection held fixed will only fatst yield an accelerating roll rate, for
which the acceleration would decrease with timé ardteady-state roll rate is achieved.

/\ Disturbing rolling moment

Restoring rolling moment

Por wing Starboard wing
Reduction in incidence Reduction in incidence

Fig. 7.9 Restoring rolling moment in a roll mode (MIT 2008)

Kimberlin 2003 (p. 325) describes the characteristic time condtantoll moder,, as the

time for the roll rate to reach 63,2 % of the steathte roll rate following a step aileron input.
This time constant is not affected by lateral coindieflection, hence regardless of the aileron
deflection magnituder, will remain constant. This is true, since with ne@sed aileron

deflection, the achievable steady-state roll ratgreater, however the time to reach 63,2 %
remains the same. An illustration of this can benfbin the above given reference (p. 330).
On the other hand, there are a number of parameteich influence the roll rate time
constant. These are briefly presented here. Firtge aircraft's moment of inertia in roll is
increased, the roll mode time constant increasesalthe increased resistance of the aircraft
to change in roll. However, since inertia does aftect the speed an object can achieve, the
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steady-state roll rate at a constant aileron defleavould not change with increased inertia
in roll. Also, if true airspeed is held constamt,iacrease in altitude would reflect in a greater
value ofr, . This is inversely true for the airspeed. If theeraft’s altitude is held constant,

the roll mode time constant would decrease withieasing speed. On the other hand, the
steady-state roll rate increases proportional ® titue airspeed. This simple theoretical
analysis applies only for a rigid model of an aftrwith a simplified, single degree of

freedom roll response, while for a real aeroplanth wix degrees of freedom additional

factors come forward. These include Dutch roll uefices, roll coupling and aeroelastic
effects. However, more complicated analysis of tateral-directional mode is beyond the

scope of this work, therefore they are not congiddrere.

The most often used technique to excite the rollenduring flight tests is a step or a singlet
aileron input. Once trimmed for a chosen bank argl¢he desired flight conditions, the
aircraft is rolled to the same bank angle of thpasite roll direction. At this bank angle the
aircraft is again stabilised and then rolled batkhe other direction using an identical step
aileron input of the same magnitude. The initiatboangle is chosen according to the type of
aircraft tested. For small, more manoeuvrable aita bank angle of 45s used. For larger
aircraft it is about 30(Ward 20063 p. 216). To achieve the necessary precisionpaateng
aileron inputs, temporary stops can be used. Lodigial controls may be applied to maintain
the aircraft’'s speed during rapid rolls. Normaligll tests are conducted in both directions,
since factors like propellers or turbine rotatiafi®n influence the dynamic behaviour of the
aircraft differently in each direction.

7.2.4 Lateral-directional stability data reduction

In this last section dedicated to dynamic stabifiight testing a graphical method to
determine characteristic parameters of lateralketivral modes of motion is presented. This
technigue applies for analysis of lateral-directioresponse to a step aileron input, however,
due to its complexity and requirement for graphiesamples of an aircraft response curve
only the basic data reduction sequence is sumndahgee. The complete process with
graphical examples can be found/Mard 2006a(p. 223).

After synchronising and correcting recorded data possible measurement errors, the
complete roll rate response to an aileron inpplagted against time. Usually, a roll rate ratio
is plotted — recorded roll rate normalised by th&al peak value. For this method linearity is
assumed, hence according to the superpositionipleénior linear systems the response curve
can be regarded as the sum of all three laterattional modes of motion — spiral mode, roll
mode and Dutch roll mode. Mathematically, the fimctof roll rate with time can be
estimated using the expression given in equatioh3f7where each of the three terms
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represents the mode of motion corresponding tortthex given. The essence of this method
is to break down a measured response that corttansomponents of all lateral-directional
modes of motion and then identify characteristi@ap@eters for the individual ones.

t t

P(t)=K.e ™ +K,e " +K, e oo cos{a)n’Dr N +¢/phase) (7.13)

This graphical data reduction is suitable for afcmwith roll and spiral mode responses
widely separated in frequency. Using this assumptm@e can show that the roll mode will
have little influence after the first 3-4 seconience for the remaining time the oscillation is
almost entirely composed of spiral mode and Dutdthmode. The precise data handling is
described in the following points:

e First, spiral and Dutch roll mode envelopes araastéd from the measured data by
picking out local maximum and minimum points of tlesponse curve and plotting them
against time on a semilog paper. To avoid roll mofleences, these points are taken from
approx. 3 seconds onward. Smooth curves are diawagh the upper and lower peaks to
define the envelope of the spiral mode and Dutch made terms. The spiral mode
component is then the numerical average betwednduwsves. On a semilog plot it should
be a straight line witlK_ being the intersection with the roll rate axis Zato time). For

two random values of this curve, denoted withand X,, and the time differencgt
between them, one can obtain the spiral mode tonstant as follows:

I, = (7.14)

With the time constant determined, the correspantime-to-double or respectively time-
to-half for a convergent spiral mode equéjg93r, . Once all characteristics for the spiral

mode response are obtained, one can plot its coamparsing the first term in equation
(7.13). The procedure then continues with subtgctine resulting curve from the overall
response time history to determine the responsticamg only Dutch roll and roll mode
components.

» For the rest of the data reduction method it isdartgnt that both the peaks of the Dutch
roll oscillation at later times of the responseveuand the combined Dutch roll and roll
mode response in the first 3-4 seconds are plaitedrately. The procedure is similar to
the one presented above — maximum and minimumgofrthe Dutch roll oscillation after
the first 3-4 seconds are extracted and plottegdemilog paper. This should yield two
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parallel straight lines, one for the local maxinmal ane for the local minima. The Dutch
roll damping ratioA,, is defined by the slope of either of these lindse damped period
T, is estimated directly from the response plot aherfirst 3-4 seconds. With both these

parameters known, one can utilise them to recortstnedDutch roll component in the first
3-4 seconds. By subtracting this graphically frdra tombined roll mode and Dutch roll
mode response curve, one can obtain the roll moagonent.

* By plotting the roll mode component of the responseve on semilog paper, one can
determine the roll mode time constamt defined in the previous section of this chapter a

the time for which the roll rate reaches 63,2 %hef steady-state roll rate. As was for the
spiral mode, in a semilog plot the roll mode congrdns also a line, whose intersection
with the vertical axis at zero time yields the dansK, . At a normalised roll rate value

equal t0(1—0,632)Kr a horizontal line is drawn and its intersectiotiwvthe roll mode line
yields the time constant. Alternatively, can be calculated from equation (7.15) by taking
two amplitude values of roll raté) and P,, and the corresponding time incremettt In

the example presented Wyard 2006a(p. 228) both solutions yield the same result.

r o= (7.15)

The above described graphical method to obtainachenistic parameters for spiral mode, roll
mode and Dutch roll mode from a lateral-directiomaponse to a step aileron input produces
good results only for conventional aircraft witlDatch roll damping ratio less than approx.
0,3. The condition for spiral and roll modes widsgparated in frequency is also necessary to
be able to exclude the roll mode in the first stépghe data reduction. The roll mode time
constantr, is typically about 1 second and the time neededhi® roll mode to reach approx.

95 % of its final value is usuall@r, after the input is returned, hence the 3-4 seconds
boundary is in most cases a safe approximation.
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8 Summary

Various flight test techniques and methods for degduction to determine essential
aerodynamic and flight mechanical parameters weesemted in this work as part of a
subscale flight testing project carried out at Lipkdy University. Where possible, these were
adjusted in accordance with the available instruatent of theRaven This last chapter gives

a brief summary of the topics discussed in the sowf the thesis and partly describes the
author’s personal opinion on these in form of caans and recommendations.

First of all, two in-flight methods for position rer calibration with the appropriate data
reduction sequence were presented thoroughly -usimg a true airspeed approach and one
with an altitude correction approach. The first ,otfee speed course method, presents a
relative simple technique for Pitot-static systensifpon error calibration with only basic
instrumentation required. The obtained results ldok accuracy of more sophisticated
methods and are highly dependent on the precisitmwhich the test procedure is executed.
Important parameters to be held constant are thea#tispeed and heading. With no ASI and
no heading indications, tHeavenpilot must rely strictly on visual contact frometlyround
and on indications coming from the telemetry systermaintain these parameters constant.
A variation of this method can be made utilisingSagtound speed measurements. However,
this variation applies only for the data reductpmocess and does not improve the existing
weaknesses in the test procedure. A similar methilicsing the so-called “cloverleaf
technique” presents an alternative solution, howeitealso requires flying at constant
heading. The second method, whose data reductisndereloped by the author using ISA
equations for altitude corrections, assumes aceui@PS altitude data, which for
commercially available devices is not the case. Uiée of differential GPS with a ground
station could improve the accuracy of this methloolvever, due to increased costs such
application is not considered at the time beingid@ into account the aircraft dimensions
and the position of the Pitot tube on a small nosem, there is the possibility that for both
calibration methods the error made by imprecisecatken of the test procedure might be
greater than the one due to the presence of theoisem the aircraft’'s pressure field. This
statement is to be verified with data acquired fibght tests.

Regarding the turbine thrust model, only generakctgsions can be drawn due to lack of data
for verification. The progression of the obtainédust functions with airspeed matches the
information provided by AMT, however, such thrusines are not typical for a full-size
transport aircraft jet engine. At first thrust demses with increasing airspeed and after a
certain minimum value between 75 and 100 m/s itstacreasing, for which no meaningful
explanation was found. Since the linear scalinghwet on which the thrust model is based,
uses data from different manufacturers, the resultihrust curves will most likely be
inaccurate. These however can be regarded as ip&simation on FS-70 Typhoon thrust
characteristics, for which more thorough invesimad are to be conducted in the future.
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Since the determination of lift and drag coefficgeentith changes in angle of attack has high
priority in the first flight tests to be conductegignificant effort was devoted to investigating
suitable flight test methods and adjusting thertheavailable equipment of tiitaven As a
result, two methods were presented — a steady Mgk method, where lift and drag
functions with angle of attack can be directly deii@ed using respectively weight and thrust
indications, and a technique to obtain the airtgaftag polar from series of steady glides. In
the first one, the biggest disadvantage concerag determination, since as described above,
the accuracy of the existing thrust model is qoestible at the time being. Another downside
is, that at high angles of attack the thrust vectomot be assumed parallel to the flight path
anymore, introducing a small thrust force componerift direction. On the other hand, the
steady glide method, utilised in flight test laldorsg exercises at Hamburg University of
Applied Sciences, yields satisfactory results far &ircraft’'s drag polar. It does not however
make any statements about the functions of lift dwad) with AOA. Therefore, a combination
of these two methods can be used to neutralisdislaglvantages of the individual ones. Since
actual aircraft weight can be measured accuratghgufuel flow rate indications, a function
of lift with angle of attack can be obtained witlstaady level flight method, and then with the
determined drag polar from series of steady glafescan calculate drag coefficients at tested
AOA from the first method and obtain a function@f with o .

Normally, stall speed flight tests do not presemt eomplexity, neither in piloting skills nor
in data reduction. They can however be hazardousoihinal altitude is not chosen
appropriately and test procedures are not plann#dthe necessary caution prior to flight
testing. Important is that a small deceleratioe ratapplied when increasing the aircraft angle
of attack. Possible errors due to large flow indloas at approaching stall condition may
occur for static pressure measurements falsify@sglts for calibrated airspeed.

The flight test method presented for determinabbmeutral point and function of pitching
moment coefficient with AOA is straightforward andbes not require any specific
instrumentation, or complex data reduction sequelnggortant is that tests are performed at
two different CG positions with the aircraft trimtha@t a range of various airspeeds. Lift
coefficients are then determined using actual weigformation and calculated calibrated
airspeeds. On the other hand, flight tests metfmddetermination of aircraft performance in
sideslip require more complicated piloting techngugince the aircraft is piloted from the
ground, no reference points on the horizon candssl Wo stabilise that aircraft at a steady
heading. Also, control inputs in a sideslip aressrooupled which can be unnatural for the
pilot to perform.

Finally, the presented dynamic stability flight teesare not adjusted to the available
instrumentation of th&®aven Most of them require precise performance of tharacteristic
control inputs, which also consists of returnings to trim position afterwards. Hence, if the
trim position of the controls cannot be measureadisahe case for thRavenaircraft at this
point, an accurate execution of the manoeuvre belmore difficult for the pilot to perform.
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For such measurements for example, real-time itidits of control surface deflections can
be of significant assistance to the pilot. Anottlewnside of the presented dynamic stability
tests is that most of the data reduction methodsngare simplified and yield only estimated
values for the characteristic parameters. Thisjgeially true for lateral-directional dynamic
stability modes, where all three modes of motioa esupled making data reduction more
complicated.

In general, the information presented here givpsaraly theoretical approach of the existing
problem with no acquired flight test data to bagkthe proposed methods and verify their
accuracy. Since this work presents the first apgraz flight test planning with th®aven
aircraft, further adjustments would probably bedezktwhen actual tests are performed in
order to improve the practical application of thethods described here.
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International Standard Atmosphere

Table A.1 International Standard Atmosphere values
Geop(_)tential Barometric Temperature Density Speed of
height pressure sound
H p o T J 6 P g a

m ft Pa - K T - kg/m® - m/s
-200 | -656,168 | 103751 | 1,02394 | 289,45 | 16,3 | 1,00451 | 1,2487 |1,01934 | 341,061
-150 | -492,126 |103140 | 1,01791 | 289,13 | 16,0 | 1,00338 | 1,2427 |1,01448 | 340,869
-100 | -328,084 | 102532 | 1,01191 | 288,80 | 15,7 | 1,00226 | 1,2368 |1,00964 | 340,678
-50 -164,042 | 101927 | 1,00594 | 288,48 | 15,3 | 1,00113 | 1,2309 | 1,00481 | 340,486
0 0 101325 1 288,15 | 15,0 1 1,2250 1 340,294
50 164,042 | 100726 | 0,99409 | 287,83 | 14,7 | 0,99887 | 1,2191 |0,99521 | 340,102
100 328,084 | 100129 | 0,98820 | 287,50 | 14,4 | 0,99774 | 1,2133 |0,99043 | 339,910
150 492,126 | 99536 | 0,98234 | 287,18 | 14,0 | 0,99662 | 1,2075 |0,98568 | 339,718
200 656,168 | 98945 | 0,97651 | 286,85 | 13,7 | 0,99549 | 1,2017 |0,98094 | 339,526
250 820,210 | 98358 | 0,97071 | 286,53 | 13,4 | 0,99436 | 1,1959 |0,97622| 339,333
300 984,252 | 97773 | 0,96494 | 286,20 | 13,1 | 0,99323 | 1,1901 |0,97151 | 339,141
350 | 1148,294 | 97190 | 0,95920 | 285,88 | 12,7 | 0,99210 | 1,1844 |0,96683 | 338,948
400 | 1312,336 | 96611 | 0,95348 | 285,55 | 12,4 | 0,99098 | 1,1786 |0,96216 | 338,755
450 | 1476,378 | 96035 | 0,94779 | 285,23 | 12,1 | 0,98985 | 1,1729 | 0,95751| 338,563
500 | 1640,420 | 95461 | 0,94213 | 284,90 | 11,8 | 0,98872 | 1,1673 |0,95287 | 338,370
550 | 1804,462 | 94890 | 0,93649 | 284,58 | 11,4 | 0,98759 | 1,1616 |0,94826 | 338,177
600 | 1968,504 | 94322 | 0,93088 | 284,25 | 11,1 | 0,98647 | 1,1560 |0,94365| 337,983
650 | 2132,546 | 93756 | 0,92530 | 283,93 | 10,8 | 0,98534 | 1,1504 |0,93907 | 337,790
700 | 2296,588 | 93194 | 0,91975 | 283,60 | 10,5 | 0,98421 | 1,1448 |0,93451| 337,597
750 | 2460,630 | 92634 | 0,91422 | 283,28 | 10,1 | 0,98308 | 1,1392 |0,92996 | 337,403
800 | 2624,672 | 92076 | 0,90872 | 282,95 | 9,8 | 0,98195 | 1,1336 |0,92542 | 337,210
850 | 2788,714 | 91522 | 0,90325 | 282,63 | 9,5 | 0,98083 | 1,1281 |0,92091 | 337,016
900 | 2952,756 | 90970 | 0,89780 | 282,30 | 9,1 | 0,97970 | 1,1226 |0,91641| 336,822
950 | 3116,798 | 90421 | 0,89239 | 281,98 | 8,8 | 0,97857 | 1,1171 |0,91193| 336,628
1000 | 3280,840 | 89875 | 0,88699 | 281,65 | 8,5 | 0,97744 | 1,1116 |0,90746 | 336,434
1050 | 3444,882 | 89331 | 0,88163 | 281,33 | 8,2 | 0,97631 | 1,1062 |0,90302 | 336,240
1100 | 3608,924 | 88790 | 0,87629 | 281,00 | 7,9 | 0,97519 | 1,1008 |0,89858 | 336,046
1150 | 3772,966 | 88251 | 0,87097 | 280,68 | 7,5 | 0,97406 | 1,0954 |0,89417 | 335,851
1200 | 3937,008 | 87716 | 0,86569 | 280,35 | 7,2 | 0,97293 | 1,0900 |0,88977 | 335,657
1250 | 4101,050 | 87182 | 0,86042 | 280,03 | 6,9 | 0,97180 | 1,0846 |0,88539 | 335,462
1300 | 4265,092 | 86652 | 0,85519 | 279,70 | 6,6 | 0,97067 | 1,0793 |0,88102 | 335,267
1350 | 4429,134 | 86124 | 0,84998 | 279,38 | 6,2 | 0,96955 | 1,0739 |0,87668 | 335,073
1400 | 4593,176 | 85599 | 0,84479 | 279,05 | 5,9 | 0,96842 | 1,0686 |0,87234 | 334,878
1450 | 4757,218 | 85076 | 0,83964 | 278,73 | 5,6 | 0,96729 | 1,0633 |0,86803 | 334,683
1500 | 4921,260 | 84556 | 0,83450 | 278,40 | 5,3 | 0,96616 | 1,0581 |0,86373 | 334,487
1550 | 5085,302 | 84038 | 0,82940 | 278,08 | 4,9 | 0,96504 | 1,0528 |0,85945| 334,292
1600 | 5249,344 | 83524 | 0,82431 | 277,75 | 4,6 | 0,96391 | 1,0476 |0,85518 | 334,097
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Compressibility correction
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Altitude and airspeed position error

In the following an approximation relating altitu@dad airspeed position error is derived
according toNVard 2006a

The change of pressure with geopotential altitsdgiven by the hydrostatic equation:

dp=-p9g,dH

For small errors, such as position errdp is assumed to beélp, and correspondingly
dH becomes the altitude static position error coroecdh .. With standard day conditions

considered, the hydrostatic equation can be wréten

A4p,
4h

pc

= pOJstdgo (Bl)

For an isentropic flow (no errors in pressure measent considered) the following
relationship is valid:

K

- — 2\
PP IO=(1+—’“21 2} -1
a

Solving for the difference of total and static [m@® given as the impact pressage and
using the definition for the calibrated airspeeelds

K

k-1 V.21
qc:po(l-l-TGC_zj ~ P,

N

and for the instrument corrected airspégd g . replacesq,:
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k=1 V" )
Qeic = po[1+79a7] =~ Po

Differentiating this equation yields:

1
dqc,lc — K poz/ic 1+ (K 1)\2/ic
dVe & 2a,

Since the total pressure measurement is regardeafrposition error and for small errors the
differentials can be approximated with finite drfaces, the following correlations are valid:

dqc,ic = _App
dv_ = -4V

pc

Substituting the finite differences for the diffetials above yields

1

27
App :Kpovic |:1+ (K_ )Vlc :I ! (BZ)

AV a,” 2a,”

pc

Finally, dividing equation (B.2) by (B.1) and usitige formula for the speed of sound gives
an approximation for the ratio of altitude and p#sd position error corrections:

2
ahy,. 1+K—1[Evij
Avpc astd gO 2 aO

x-1

Fig. B.1 shows a plot of this ratio as a function of insteumncorrected airspeed for different
altitudes up to 4000 m. The altitude dependengyvien by the value ob, calculated from

the ISA equations.
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FS-70 Typhoon manufacturer data

Table C.1 FS-70 Typhoon static thrust and engine speed

Engine speed Static thrust Static thrust
[1/min] [kq] [Ibf]
50 000 0,35 0,77
60 000 0,58 1,28
70 000 0,87 1,92
80 000 1,22 2,69
90 000 1,63 3,59
100 000 2,10 4,63
110 000 2,63 5,80
120 000 3,22 7,10
130 000 3,87 8,53
140 000 4,58 10,10
150 000 5,35 11,80
160 000 6,18 13,62
170 000 7,07 15,59

* Thrust £ 5 % at 1013 mbar, 15 °C
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Fig.C.1 FS-70 Typhoon static thrust versus engine speed at MSL
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Appendix D

Example of total thrust calculation

As already explained in Chapter 5, one way tosgilhe thrust model for random values of
airspeed, altitude and engine speed requires matieah manipulation. The precise
calculation sequence is presented here, for winiehaircraft’s altitude is assumed to be 400
m, its airspeed — 110 m/s, and the engine sp&dd%. First, the total static thrust value at 75
% is determined using equation (5.1) as follows:

2(0,0085052775? - 01667775+ 0981) = 7263N

Next, using the Olympus HP read-out values, one alatain total thrust functions with
airspeed for MSL, 10 000 ft and 16 000 ft by meahknear scaling, as shown in Chapter 5.
The calculated total thrust values are given inftflewing table for airspeed steps of 25 m/s:

Table D.1 Total thrust values for an example engine speed of 75 %

Airspeed  Total thrust at MSL Total thrust at 10 000Q fiTotal thrust at 16 000 ft
V [m/s] Fr[N] Fr [N] Fr[N]
Typhoon | Olympus HP Typhoon| Olympus HP Typhoon | Olympus HP
B N=75% | n=100% |n=75%| n=100% | n=75% | n=100%
0 72,63 458 59,47 375 52,17 329
25 69,30 437 57,72 364 50,75 320
50 67,71 427 56,14 354 49,32 311
75 66,92 422 55,82 352 49,00 309
100 66,92 422 55,82 352 49,00 309
125 67,56 426 56,30 355 49,64 313
150 69,78 440 57,88 365 50,90 321
175 72,16 455 59,94 378 52,81 333
200 75,33 475 62,64 395 55,35 349

Since the aircraft's speed of 110 m/s was inteallgnchosen not to match the steps\of
given above, total thrust at this airspeed shoeleither obtained by plotting these functions
and then graphically determing; , or by using “Trendline” to acquire mathematical
approximations and then substitute the airspedideim. To retain the numerical nature of this
example, the second method is adopted here. Tragiens and the appropriate values of total
thrust at 110 m/s obtained this way are presengdolbin Table D.2 One can see that at O
m/s the results of these mathematical approximstemnnot match precisely the values given
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in the table above, however, the deviation in ases is less than 0,5 %, therefore the
calculation error can be considered negligibly $mal

Table D.2 Equations relating airspeed and total thrust at 75 % engine speed

Altitude Equation F; atV =110m/s
MSL F, =0,000%V 2-0,1254/+72331 67,01 N

10000 ft | F, =0,0005/%-0,0912/+59, 529 55,55 N

16 000 ft | F, =0,0005/%-0,080V/+52, 276 49,45 N

Next, using the three calculated values at 110 ams,can determine a function of total thrust
with altitude by applying “Trendline” again. Since this case its progression is
approximately linear, a second-order polynomialregpion would yield the same result as a
linear function. Therefore, for this example sughdtion is adopted and presented below:

F; (H) =-00011H+66,888 (D.1)

Since the value of in equation (5.2) is not given in Sl units, on@wd first convert the
altitude of 400 m as follows:

400

"~ 0,3048

=1312,34ft

Finally, substituting this in equation (D.1) yielthee desired value of total thrust:
F; (H =131234ft) = -0,0011131234+66,888

= 6544 N

The above described mathematical manipulation Mi81Excel offers a relative simple way
to obtain total thrust from known flight test dateth no need for plotting and reading-out
values. The errors made by applying mathematicatcegmations with “Trendline” can be
considered rather insignificant with the overalbabjy of the thrust model. The accuracy of
the results can also be manipulated by changingither of these approximations depending
on the acquired functions of thrust with airspeed altitude.



	Titlepage
	Abstract
	Task
	Declaration
	Contents 
	List of figures 
	List of tables 
	Nomenclature 
	Greek symbols 
	Subscript 

	List of abbreviations 
	1  Introduction 
	1.1  Motivation 
	1.2  Objectives 
	1.3  Report structure 

	2  Aircraft data and properties 
	3  Theoretical background 
	3.1  Overview of flight testing 
	3.1.1    Purpose and types of flight tests 
	3.1.2    Flight test planning 

	3.2  International Standard Atmosphere 
	3.3  Pitot-static systems 
	3.4  Basic flight theory 
	3.4.1    Aerodynamic forces 
	3.4.2    Drag polar 
	3.4.3    Performance equations 


	4  Calibration methods 
	4.1  Calibration of temperature sensors 
	4.2  Instrument calibration of pressure sensors 
	4.3  Position error calibration methods 
	4.3.1    Background 
	4.3.2    Speed course method 
	4.3.3    GPS techniques 
	4.3.4    Calibration using GPS altitude data 
	4.3.5    Other commonly used methods 

	4.4  Calibration of vanes 

	5  Turbine thrust model and performance 
	6  Flight test methods to determine aerodynamic  performance and static stability 
	6.1  Lift and drag determination 
	6.1.1    Steady level flight 
	6.1.2    Drag polar determination from a steady glide 
	6.1.3    Stall speed and maximum lift coefficient 

	6.2  Longitudinal static stability 
	6.2.1    Trim equation and static margin 
	6.2.2    Neutral point determination from flight tests 

	6.3  Lateral-directional static stability 
	6.3.1    Governing equations 
	6.3.2    Steady heading sideslip test procedure and data reduction 


	7  Dynamic stability flight tests 
	7.1  Longitudinal dynamic stability 
	7.1.1    Short period mode 
	7.1.2    Phugoid mode 

	7.2  Lateral-directional dynamic stability 
	7.2.1    Spiral mode 
	7.2.2    Dutch roll mode 
	7.2.3    Roll mode 
	7.2.4    Lateral-directional stability data reduction 


	8  Summary 
	References 
	Appendix A 
	Charts and tables 
	International Standard Atmosphere 
	Compressibility correction 
	Atmospheric air temperature determination 


	Appendix B 
	Altitude and airspeed position error 

	Appendix C 
	FS-70 Typhoon manufacturer data 

	Appendix D 
	Example of total thrust calculation 


