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Abstract

This project gives a practical description of a preliminary aircraft design sequence. The
sequence starts with a preliminary sizing method. The design sequence is illustrated with a
redesign study of the ATR 72 turboprop aircraft. The requirements for the redesign aircraft
are those of the ATR 72. The ATR 72 serves also as the reference during the redesign. The
Preliminary sizing method was available (at the university) only for jet-powered aircraft.
Therefore the method was adapted to work also with propeller driven aircrafts. The sizing
method ensures that all requirements are met: take-off and landing field length, 2nd segment
and missed approach gradients as well as cruise Mach number. The sizing method yields the
best (low) power/weight ratio and the best wing loading. The redesign process covers all the
aircraft components: fuselage, wing, empennage and landing gear. The aircraft design
sequence defines the cabin layout, the wing parameters, the type of high lift system, the
configuration and surface of the empennage. A mass distribution analysis is made, the
position of the CG is calculated and the wing position determined. Finally the Direct
Operating Costs (DOC) are calculated. DOCs are calculated applying the method from the
Association of European Airlines (AEA). The DOCs serve for an aircraft evaluation. In order
to meet requirements, the redesigned ATR 72 had to be slightly modified compared to the
original ATR. E.g. the redesigned high lift system shows added slats. In general, the resulting
parameters of the redesigned aircraft came out similar with the original ATR 72. Since data of
the original ATR 72 is not completely available in public, one of the challenges was to
discover the driving factors and secret parameters from the original design.
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Background

Aircraft design studies at universities seem to concentrate quite often at civil transport jets. In
this respect, Hamburg University of Applied Sciences is no exception. In order to cover a little
bit of new ground in aircraft design teaching, it was decided to pay more attention to propeller
driven aircraft, starting with passenger aircraft (certified based on CS-25) and subsequently
considering the whole field of propeller aircraft certified based on CS-23, CS-VLA and to ul-
tra light aircraft. Emphasis should be given to the respective methods for preliminary sizing of
the respective category of aircraft. Furthermore, effects that have to be handled differently
from jets should be considered carefully and in depth.

Task

An ATR 72 should be redesigned. If time allows, preliminary sizing according to CS-VLA
should be considered. ATR 72 redesign should comprise of:

e Parameter studies: power, propeller efficiency and glide ratio as a function of operational
and geometric parameters.

e Data collection and evaluation for the ATR 72.

e Preliminary sizing of turboprop aircraft for CS-25 — general approach and application to
ATR 72.

e Sizing of cabin / fuselage, wing (including high lift devices) empennage and landing gear.

e (Calculation of mass, drag polar and DOC.

The report has to be written in English based on German or international standards on report
writing.
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Referring to a segment
Seats abreast

Seat
Time

Flights per year

Fuel tank
Total

Take-off field length

Referring to water line
Wetted

Medium value
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List of Abbreviations

AC
A/C
AEA
AEO
APU
ATR
EAS
EADS
EFIS
FAA
FAR
F/C
CG
ICAO
JAR
LER
MAC
MF
NACA
NM
P&W
PW
SFC
TAS
THS
WWw

Aerodynamic center or Advisory Circular
Aircraft

Association of European Airlines

All Engines Operating

Auxiliary Power Unit

Avions de Transport Régional or Aerei da Trasporto Regionale
Equivalent Air Speed

European Aeronautic Defense and Space Company
Electronic Flight Instrument System

Federal Aviation Agency

Federal Aviation Regulations

Flight control

Center of gravity

International Civil Aviation Organization
Joint Aviation Requirements

Leading-edge radius

Mean aerodynamic chord

Margin Factor

National Advisory Committee for Aeronautics
Nautical Miles

Pratt & Whitney, engine manufacturer

Pratt & Whitney, engine manufacturer
Specific Fuel Consumption

True Air Speed

Trimmable horizontal stabilizer

World Wide Web
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1 Introduction

1.1 Motivation

The subject approached in this thesis is related to Aircraft Design. The preliminary design
procedure was chosen to be applied on a propeller driven aircraft, due to the lack of examples
in the frame of HAW on this type of aircrafts. The method needed several investigations in
order to achieve proper results and adapt the method from jets to regional turboprops. Since
usually the main objective of a thesis is to bring the subject as close as possible to the industry
interest, a passenger aircraft was chosen, the ATR 72-500.

Also, the Aircraft Design as a subject, represents in itself a practical approach, and is not stud-
ied in the frame of PUB Bucharest, Faculty of Aerospace Engineering. The subject is there-
fore of interest.

The preliminary investigation of the most important parameters is the starting point of any
aircraft project, and decides whether or not the detailed approach would give good results or
not. This is also what this exercise intends to achieve.

1.2  Definitions

The key words in this thesis are already mentioned in the title: aircraft design studies based
on an existing aircraft.

“The starting point of any new aircraft is to clearly identify its purpose” (Corke 2002)

“(...)The aircraft design process is a compromise of all the engineering disciplines. An effec-
tive design is the integration of aerodynamics, propulsion, flight control, structures and mate-
rials, avionics and subsystems; blended in just the right way to give a synergistic effect.”
(Nicolai 1975)

“There are equally important aspects of aircraft design: design layout and design analysis.
(...) The designer’s product is a drawing. (...)A good aircraft design seems to miraculously
glide through subsequent evaluations by specialists without major changes being required.
(...) Design is not just the actual layout, but also the analytical process used to determine
what should be designed and how the design should be modified to better meet the require-
ments” (Raymer 2006)
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In a conceptual design phase, according to Raymer 2006, the configuration of the aircraft is
set, the size, the weight and also the performance of the aircraft.

If the starting point is an existing aircraft the conceptual design becomes an exercise and the
main challenge is to achieve the same results and understand the solutions of the design engi-
neers, assuming that the existing aircraft has been already optimized. In the same time, the
purpose is to understand and study how the design can be improved, based on the require-
ments.

1.3 Task

The design case is a regional turboprop, the ATR 72-500. The redesign of the airplane has to
include a parametric study in order to understand and overcome the differences between the
turbojets and turboprops methods of preliminary design. This means a research is required in
order to estimate the propeller efficiency, the variation of power with altitude or the glide ra-
tio.

The design phases have to begin with the preliminary sizing in order to obtain the major pa-
rameters of the design, like: wing loading, power to weight ratio, wing surface and span or
fuel mass.

Next the work should comprise of fuselage layout definition, wing layout and parameters,
high lift systems, landing gear configuration. The drag polar calculation allows a new estima-

tion for parameters like lift-to-drag ratio.

The mass and center of gravity location is also part of the task, and helps with the sizing of
the empennage.

The estimation of the Direct Operating Costs is another aspect that has to be considered.
In order to compare the results with the original ATR a collection of data has to be gathered.
The preliminary design procedure has to start from the requirements identification and the re-

sults have to finally produce a three views drawing with the specifications of the new configu-
ration.
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1.4 Literature

The method used for the design process was developed by Prof. Dr. Dieter Scholz, University
of Applied Sciences Hamburg, Department of Automotive and Aeronautical Engineering,
having as background publications written by Daniel P. Raymer, Laurence K. Loftin Jr. , Jan
Roskam or Egbert Torenbeek.

The thesis uses as reference a large number of specialized books, written either by professors
or engineers in the aircraft design field. Another important reference was the database of Pro-
jects and Theses, which form the “Digitale Bibliothek™ of the University of Applied Sciences,
Hamburg, (URL : http://www.fzt.haw-hamburg.de/pers/Scholz/ArbeitenAbgegeben.

html).

1.5 Structure of Work

The work comprises of eleven chapters.

The Preliminary Design chapter represents the basis of the work, providing the main parame-
ters, for defining the aircraft. The next chapters give a more detailed approach regarding the
fuselage and the wing parameters, always having as starting point the associated requirements.

The design of the high lift systems gives a background to the first chapter, and proves that the
assumptions regarding the lift coefficients can be practically fulfilled.

An empennage general design, based on other aircraft experience, gives the starting point for
estimating the CG location. The center of gravity influences the stability and control of the
aircraft, and therefore allows a final positioning of the wing in relation to the fuselage and the
sizing of the empennage according to stability and control requirements. The landing gear de-
sign is also influenced by the CG; the landing gear has to insure that the aircraft does not tip
over while being maneuvered on ground and also must face an engine failure during take-off
and prevent the aircraft from being damaged.

The drag estimation allows the graphical representation of the polar, and the estimation of the
L/D, a parameter which is to be compared with the values from the preliminary design phase.
The DOC calculation is also of great importance, due to the fact that every new project is
meant to fail if the product cannot be sold; the DOC estimation gives a starting point for the
new potential clients and proves that the design is successful.

In the end the parameters obtained with this method are compared with the data of the real
ATR 72 and conclusions are drawn.



20

2 ATR 72 Parameters

The redesign case is developed on the example of a regional turboprop, the ATR 72-500. The
aircraft design methods were intensively applied on turbojets transport aircrafts, therefore
when applying it to propeller driven aircrafts a more deep approach is required and special at-
tention has to be given to the propulsion system integration.

The ATR 72 is part of the ATR family of regional turboprops; it is a high wing aircraft
equipped with two P&W 127F engines, designed for efficiency and operational flexibility.
One of the major objectives for the manufacturer was related to reducing operating costs, by
including new technologies with the declared aim of obtaining reduced fuel consumption, a
high maintainability level and a maximum commonality, as part of a family aircraft.

Fig.2.1 The ATR 72-500 (ATR 2008)

The ATR42/72 is representative for the regional transportation segment; the main competitors
are Bombardier Dash 8-Q300 and -Q400, which have a smaller market segment by almost
40%.

The payload range diagram of the ATR-72, as it is defined by the manufacturer is shown in
Fig. 2.2:



21

Reserves 45 holding at cruise power - Alternate 87 Nm, ISA™,

74 foa Optional weights
MTOW: 22 800 kg - 50,285 Ib
MZFW: 20,800 kg - 45,856 Ib

70 pax

Basic weigh
MTOW: 22 500 kg - 48,604 b
MZFW: 20,300 kg - 44,753 Ib

230
570
Foo

Fig. 2.2 Payload-range diagram for the ATR 72-500 (ATR 2008)

In our design we will define a payload range diagram for a passenger weight of 95kg; the de-
sign range will be 800NM, for 70 passengers (so a payload of 6650kg)

810m
@267
n @393m
7& (12'11")
R AN Al

0.835 m ;f-yﬂ— ilil
(2 8.9") ' ’4 410m
—-'—_—l

{1 3‘ 5"}
27050m

'

Fig.2.3a The main parameters of the ATR 72 (ATR 2008)
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Fig. 2.3b The main parameters of the ATR 72 (ATR 2008)
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3  Preliminary sizing

The preliminary sizing of an aircraft has to take into account the requirements and constraints
imposed by market, passengers and payload or weight. The procedure proposed by Loftin
1980 is one which begins the sizing from requirements related to landing distance, take-off
distance, second segment, cruise and missed approach. Each requirement gives back output
data about power to weight ratio and wing loading. In the end a design point is defined in a
matching chart; this design point should return the values which meet all the requirements in
the most economical manner. The process can be optimized by modifying the input data,
which differ in each requirement, so the preliminary sizing becomes an iterative process. The
aim of the optimization is achieving the smallest possible power to weight ratio and the high-
est possible wing loading.

For the ATR 72-500 aircraft, the manufacturer data are listed in the next table. At the end of
the sizing, the obtained results are to be compared with the original model.

Table 3.1 ATR 72-500 Data

Wing surface 61 m*
Wing span 27.05 m
Aspect ratio 12

Maximum take-off weight | 22800 kg
Maximum landing weight | 22350 kg

Basic operating weight 12950 kg
Maximum payload 7850 kg
Maximum Fuel 5000 kg
Landing Field Length 1067 m
Take-off field Length 1290 m
Range 890 NM
Cruise speed 141.94 m/s

3.1 Landing distance

The basis for analyzing the landing distance is the aviation regulations. (see Fig. 3.1).

According to Loftin 1980 a statistical relation between landing field length and the approach
speed can be defined:

Vier = kpp '\/SLFL (3.1.1.)
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The k ,,, factor is equal to 1.85vm/s” .

50 ft jTouch Down jStop Point

——— Landing Distance :I

< Landing Field Length ]
Fig. 3.1 Definition of the landing field length according to CS 25 and FAR (Scholz 2008)

This requirement returns a maximum value of the wing loading when the input data are the
maximum lift coefficient in landing configuration and the landing field distance. This comes
out from the equation /ift=maximum landing weight:

Myro < k,-o- CLMYL St

(3.1.2)

Sy My [ My

where k, =0.141kg /m’ is a factor that comes from statistics. This wing loading must not be

exceeded if the aircraft is to meet the requirements.
For the lift coefficient the value must be chosen from empirical data or statistics. For propeller
driven aircrafts, statistics according to Roskam | 1997 show that the lift coefficient lies be-

tween /.6-2.5. The coefficient can also be calculated from the /ift=weight equation.

The value of the maximum landing mass over maximum take-off mass comes also from sta-
tistics; for regional aircrafts the values lies between 0.9 and /.

For the ATR 72, the following data are input data for sizing after landing distance:

S, =1067Tm (3.1.3)
my,, =22800kg (3.1.4)
m,,, =22350kg (3.1.5)

Cl oy =244 (3.1.6)
o =1 (sea level) (3.1.7)

myy, | my, =0.98 (3.1.8)
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When applying the formula we obtain the following results:

Myro < k, 'O-'CL,max,L “Sirr _ 0.141-1-2.44-1067

=374.32kg /m’ (3.1.9)
Sy my, | My, 0.98

Having as input data the landing field length, we can also obtain the minimum landing speed

and the approach speed:
V,pp =1.85:41067 = 60.4m/ s (3.1.10)
Vo= I?“;P =46.48m/ s’ (3.1.11)

The factor /.3 comes from JAR-25.125 /Change 14 27 May 1994, regarding landing require-
ments. At the moment, this requirement has changed from /.3 to 1.23; yet we agree to use the
same certification requirements which were used when the original ATR-72 was designed.

3.2 Take-off Distance

The parameters analyzed in this paragraph have to respect also the aviation regulations. Ac-
cording to CS 25.113 (a)(2) the take-off distance AEO (all engines operating) is /5% of the
distance required to fly over an obstacle of 35f7.

No Clearway, No Stopway: Balanced Conditions

TOW W?
V1 balanced o

l 35 fi
. o

|<— Takeoff Distance = Accelerate-Stop Distance =

Fig. 3.2 Definition of the balanced field length according to CS and FAR (engine failure after
V1) (Scholz 2008)

The sizing after take-off distance will provide a minimum value for power to weight ratio as a
function of wing loading, when the take-off field length and maximum lift coefficient in take-
off configuration represent the input data.

In a statistical evaluation, for jet engines the following (Loftin 1980) equation is valid:
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a:TTo/mMTO'g> ko (3.2.1.)

Myro | Sy Srorr 0 Cl a0

The ratio from thrust to weight ratio and wing loading must not be undershot if the aircraft is
to meet requirements.

The same equation is valid for the turboprops, but the thrust has to be replaced by the power,
as follows:

T:77P'Ps:>a:Ps/mMT0 > ko V-8 (3.2.2)

Myro ! Sy Srom 'O-'CL,max,To “Tp

In this equation the factor k,, =1.805m’ / kg comes from statistics.

The lift coefficient is obtained in take-off configuration and it can be chosen from the litera-
ture in the domain, or from similar aircrafts data. Still, during take-off, the lift coefficient can
be approximated with the formula:

C paro = 0.8-C (3.2.3)

L,max,L

During take-off, the speed grows from 0 until V, =1.2-V ; that means we have to use an av-

erage speed which comes from:

V=V=V,/\2mls (3.2.4)

The /2 factor appears because, for obtaining the average speed we need to find in fact an av-
erage dynamic pressure, between the initial configuration and the required configuration in

take-off. When we extract the speed, the V2 appears, while density is simplified.

2 B

The efficiency of the propeller can also be selected, according to engine characteristics, from
the literature. In the next subparagraphs an approach about this subject will be delivered (see
paragraph 3.5.5).

In order to proceed with the calculations, we need the following input data:

Sop, =1290m (3.2.6)
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C

L maxzo = 0-8:2.44=1.952 (3.2.7)
It is the moment to make the following comment: the 2.44 lift coefficient is a value that fits
with the statistics. If we make the calculations for the real ATR, the value obtained is rather
high (approximately 3.07), according to the equation /ifi=weight. In order to get realistic val-
ues for the lift coefficient, the ki value has been increased from a value of 0.107kg/m” (suit-
able in generally for jets) to 0.14O9kg/m2. With these corrections the Cp maxto has the value
calculated with the formula (3.2.7). If we round this value to a value of 1.8, the speed modi-
fies, according to (3.2.8); as a consequence the power needed for take-off is larger than if we
assume that the aircraft is able to produce a take-off lift coefficient of 1.952. Since we assume
that for our redesign we use the same type of engines, then the reference value for the take-off
power that we need is the same one with the PW 127, which is 4102kW. If the 1.8 lift coeffi-
cient is used, the power-to-weight in take-off becomes 203.094W/kg and we would need an
engine that produces 4731.321kW (these results were previously calculated in an EXCEL
worksheet). We are now in the point where we have to decide how far we are going to deviate
from the original model. We can take a decision if we analyze the matching chart, which is to
be presented in the next paragraphs. Still we can already specify, that in order to make our de-
sign optimum, in the matching chart the lines representing the flight phases should come as
close together as possible; this would be the case of a proper design, when the airplane is not
over sized or sub sized for a specific flight phase, in our case take-off. We correspondingly
choose the smaller value of the lift coefficient, which is C, . ,, =1.8; in the next chapters

we will have to design the wing and the high lift devices in order to match the required lift co-
efficient, necessary to safely carry the payload.

C
Vo=V |2l = 54.121m s (3.2.8)
’ , CL,max,TO

My 1o = 0.64545 (3.2.9)

We can now obtain the power to weight ratio at wing loading calculated in landing configura-

tion:
m3 m m
1.805°°-1.2-54.1212-9.81 2
=B/ Hol2Vog kg S5 g sapsmiall
Myro /Sy Syor -0+ Chvnro p N2 1290m-1-1.952-0.64545 -2 kg’
(3.2.10)
w
Py My = My | Sy -a =373-0.54257 = 203.094 — (3.2.11)

kg
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3.3 Climb Rate during 2" Segment

The take-off path of an aircraft is defined in several paragraphs of the certification regula-
tions. The climb path is shown clearly in Fig. 3.3:

According to CS-25.121, “ in take —off configuration existing at the point of the flight path at
which the landing gear is fully retracted, ... the steady gradient of climb may not be less than
2-4% for two engine aeroplanes...”.

Flaps up,
max. Continous Thrust 1500 ft

A

Take-off Transition
Ground Roll Distance
< > >

400 ft
Gear up Flaps up,

Runway Take-off Thrust

1"Segm. 2™Segm. 3“Segment 4"Segment
o Takeoff g Take-off Climb Path
Distance
-« Take-off Path >
Fig. 3.3 Take-off path, definitions and nomenclature (Scholz 2008, based on Briining 1993)

During climb, the thrust T must overcome the drag and also a fraction of the weight, due to
climb angle y. The sum of the forces affecting the aircraft in this case becomes:

T'=D+m-g-siny (3.3.1)
The vertical force balance is (taking into account the small climb angle):
L=m-g-cosym-g (3.3.2)

When dividing by m - g, equation (3.3.1) becomes:

L:l+siny (3.3.3)
m-g E

The thrust to weight ratio must be greater when we take in to account the number of engines,
as follows:

T, ny (1 . J
= .| —+sin 334
Ul g /4 (3.3.4)
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These formulas change when the aircraft is propeller driven into the following equations:

P )
ﬂzn—’f-(l+sinyj- g (3.3.5)
My  Np—1 \E MpcL

In (3.3.5) formula, n, represents the number of engines and £ is the lift to drag ratio.

For the speed we use the same formula from take-off paragraph, which is:

V,=12-V,,=64.95m/s (3.3.6)
The climb rate is sin y =0.024 .

An equation for the lift to drag ratio with extended landing gear and flaps can be calculated
with an approximate procedure which takes into account the expression of profile drag and
induced drag. The induced drag depends on the lift coefficient, wing aspect ratio and Oswald
efficiency factor; the equation becomes as follows:

E=—b=— L (3.3.7)

C,,+—Lt—
PP de

An evaluation of the profile drag considering the influence of high lift system and landing
gear is also needed. According to Loftin 1980, the following formula can be applied:

CD,P = CD,O +D CD,ﬂap +D CD,Slat +D C

D,gear

(3.3.8)

According to Fig. 3.3, at the beginning of the 2™ Segment, the landing gear comes up, so
ac =0. Also the [C

D gear is neglectable. For C, ja value of 0.02 is applied for normal

D,slat

passengers aircraft.
For the evaluation of these coefficients, Loftin 1980 uses the following assumptions:

1Cp_1y =0.05C, —0.055 (3.3.9)

The lift coefficient is evaluated with:

2
C,=C, (5J (3.3.10)
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Cp a0 =12°-C, (3.3.11)
Cp s =1.37C; (3.3.12)
We obtain the following results:
C\ maxro =1.25 (3.3.13)
Clomaxy = 1444 (3.3.14)
HCp gy =0.008 (3.3.15)

With these results, the profile drag has the value of C,, , =0.028.

For the Oswald factor we choose the value of e=0.75.
We are now able to calculate the lift to drag ratio; the result is E=14.42.

Using the formula (3.3.5) the power to weight ratio now becomes:

Py 1o/ My = 162.909W | kg (3.3.16)

3.4 Climb Rate during Missed Approach

When the aircraft finds itself in the procedure of making the final approach for landing, and
for some reason a decision is taken not to land, the take-off thrust has to be applied and the
aircraft has to climb in order to start a new approach, according to a predefined procedure.
The procedure takes place in the landing configuration, with the landing gear extracted and
the flaps in the landing position. The consequence is a higher drag.

The CS regulations require sufficient thrust to carry out this maneuver safely. According to
CS 25.121, when one engine is inoperative and a discontinued approach takes place, then the
“steady gradient may not be less than 2-/% for two engine aerorplanes”.

The calculations are similar to the ones used for the 2™ segment, but the aircraft finds itself in
landing configuration, so we have a different value for the weight of the airplane:

P :
ﬂz”—ffl-&mny]-[lfz gj (3.4.1)

Myg  Ng— Mp.cL

Still, we should convert the power to weight ratio to the maximum take-off mass instead of
landing mass, in order to be able to compare the results:
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Fs 10 > M (leyJ(MJ(M] (3.4.2)
My, Np—1 \E Mp.cr Myro

According FAR Part 25 the landing gear remains extended and we have to take into account

the drag produced [IC,, . which is no longer 0, but 0.015 (in the CS 25 regulations, the gear

becomes 0.040 and C

D,P

,gear

is retracted). The coefficient JC will have the value of 0.052.

D, flap

That means the glide ratio in landing configuration is: £=11.01.

For sin y in this configuration we have the value 0.021.

With these values we easily obtain with (3.4.2) the requested value of power to weight ratio:
P o/ My =191.268W / kg .

3.5 Cruise

In order to proceed with the calculations, we assume a stationary straight flight at cruise alti-
tude. We need to make a statement about the same parameters: power to weight ratio and
wing loading. In order to achieve this, we can use the two equilibrium equations: Lifi=Weight
and Drag=Thrust, while we of course replace thrust by power. Both parameters are a function
of altitude and are calculated separately.

3.5.1 Power to Weight Ratio

For the thrust to weight ratio the next formula is valid:

m .
Teg = Dy =—MTE0 2 (3.5.1)

If we divide this by take-off thrust, this gives the following result:

o _ ! (3.5.2)

Myro & (Teg ! Tpp)-E

Using (3.2.2) formula, the equation changes for propeller driven aircrafts into:
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PS,TO VcR ‘g

= (3.5.3)

Myro  Fer /PS,TO “E-1p cx

We are now again able to estimate a value for power to weight ratio during cruise flight.
However we first need to approximate the terms of the equation, which are P, / P, ;, and also

E :% . This implies a research concerning the variation of power with speed and altitude, for

turboprop engines. For the value of E, a research is also necessary.

3.5.2 Estimation of Lift to Drag Ratio During Cruise

The lift to drag ratio depends directly on wing aspect ratio (a bigger value for A gives back a
bigger value for E) and is also influenced by the wetted area relative to wing area, S, /S, .

According to theory, the next formula is valid, but we need an approximation for k, factor:

k- —A (3.5.4)
Swet /SW

The literature in the domain of Aircraft Design (Torenbeek 1988 or Raymer 2006), gives us
some approximate values for this factor. The values can also be obtained from:

/ i (3.5.5)
C

The graph bellow shows this influence for different types of aircrafts.

»

Nl»—a

25

20
+ Long Range & 17.25
= Medium Range &, = 16,19

= Short Range & 15.15

w0

I L
(1] 0.5 1 1.5 A 2
S0l Sy

Fig. 3.4 Estimation of glide ratio, wetted area and wing area (Raymer 2006)
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The formula (3.5.5) comes from the derivation of the equation (3.5.4), having the
formy = Jx . With this formula an estimation of k, 1is possible if we consider a value of
e=0.75for the Oswald factor and c,

5 =0.03 for the friction coefficient. The value is:
k,=14.012.

For the wetted area to wing area Raymer 2006 provides a diagram for different concepts of
aircrafts (see Fig. 3.5).

This diagram shows the right ratio S, /S, for different aircraft categories. In our case a

wet

value of §, /S, =6.0-6.2 is recommended. According to Raymer 2006 the value for

k, =15.8 is given. For a chosen value of k, =14, the maximum L/D becomes: E_ _=19.64.

We choose a final value of 79.7 for the L/D .« estimation.

‘S‘n..-r /‘S‘u
A
8 A
= 7.80
: A
— B-47 7.01 nﬂ?‘BZ‘I-ZUG
f e
: 0 MD-80-30 | | 6,56 A 6,30 B747-400
6,35/ | A320-200 )
B ’Ho‘ L ﬂ ""'/ ’_X‘ _‘l'h 5737 300 6.26 Fokker 100
= / —_— ‘: [ 1 595 o
4 N # 96| |
° ° xr»x P R N R
— V | -5;..,_‘4 J _liesr I--- =
: pf P NZ X
| 551|0 _.___r-::..- =
B A300-600R “3‘0 a00 P
‘ L. /m’ T 375?4:2:‘%
T i
B A340-300
4
B 2,90
3 /?
: ¥YB-49 2,20 Avro Vulcan
W i 50
Fig. 3.5 Aircraft plan forms and their relative wetted area S, , /S, (Raymer 2006)

The lift coefficient during cruise, when the drag is minimum, can be obtained by derivation E

to C, and by making this relation equal to zero. The result is this one:

wAe
CL,md :? (356)

max
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We can obtain a relation between actual lift coefficient to minimum drag coefficient and ve-
locity for minimum drag flight:

C,/Cpu =1V IV,,) (3.5.7)

and therefore:

CL md
C,=——"7 (3.5.8)
In this way we can finally approximate the actual lift to drag ratio, during cruise, depending

on £ :

E= 2B (3.5.9)
+
( CL J CL,md
CL,md

For propeller driven aircrafts the value of V'/V, , is proven to be ~1,so that E~ E__ =19.71

Another possible estimation for L/D comes from statistics. According to Fig. 3.6, for the ATR
72 turboprop, L/D has the value of 77.143.
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o Y nm..B”.""” nn:sn BT
Fo7 Bk 1200400 B-L"f.-u_) - BTS20 ER s —';. L@ TR
mo, e - I T e ez oo
15— BFTABE  ERT-IHE S I3 _”.0 . “'hl;’m ,:.n_n:__::.i-l$:E EAE-ATF
o A, SyLITH-THOLER P [
=1 AR i D wmancesd = mmng__:.__..‘;‘\"'g-.:-. e
GE BTIRA0TH A B"E“Hmmnma.ﬂ? BAE1#.900
:I E |
10
5 Data Unavailable For:
— EMB-145 FH-227
C\-880 Mihon ¥S-11
m Turboprops BAE RJas SA-226
* Regional Jets Beech 1900  DHC-8-100
Fa Large Alrcraft CV-580 L-182
0 CV-800 DHC-7
T T T T T T T T
1955 1960 1965 1970 1975 1980 1985 1990 1995 2000
Year

Fig.3.6 Aerodynamic data for commercial aircraft: L/D for cruise (Babikian 2001)
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A third way to estimate this parameter is by using an Excel Sheet (courtesy of Raymer,
www.aircraftdesign.com, Simplified Aircraft Design Spreadsheet for Homebuilders). When

sizing the aircraft with this method, the estimation of L/D brings us to the calculated value of
19.72. This value is closer to the one obtained with our estimations.

3.5.3 Estimation of Power Variation with Height

In order to proceed with the calculations according to (3.5.3) formula, we need to find out
how the power of a turboprop varies with altitude, during cruise flight.

It is now a good time to mention some of the turboprops characteristics, in order to have a bet-
ter understanding of the reason for choosing one.

A turboprop is a gas turbine driving a propeller. This gives a relatively high weight per unit of
cruise thrust, caused by the weight of the propeller and especially of the reduction gear. How-
ever, when comparing to a turbofan, for example, the disadvantage of low cruise speed and
low thrust to weight ratio must be balanced against the advantage of good fuel economy. The
propulsive efficiency for a turboprop remains nearly constant during cruise. Also its perform-
ance is much superior to that of a turbojet or turbofan engine during take-off and climb. An
aspect concerning costs is also an advantage, because the maintenance cost is much less and
the turboprop engine is more reliable.

The estimations for P = P(H) from literature are only approximate equations, depending on

coefficients which have specific values for different types of engines. Therefore, the charac-
teristics (especially the control system) of the turboprop engine are highly important in the
analysis of this variation. A general equation can only be mentioned by means of unknown
coefficients (precisely, known only by the manufacturer of the engine). In the next table dif-
ferent equations are shown for comparison; eventually we have to choose the best estimation
possible for our design.

Table 3.2 Different equations for estimating power with height variation for turboprop engines
No. | Equation Observations Author
l. P /P, ,=A-M" n is always between 0 | W. Austyn Mair

and 1, depending on | David L. Birdsall
engine characteristics; | (Birdsall 1992)
A is also a constant

2. P P " ) n=0.75-approximately | G.J.J. Ruijgrok
= =0 (Ruijgrok 1996)
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3. P, :(ﬁj 5"
P, Lo

n=0.7-approximately

John D. Anderson Jr.
(Anderson 2005)

4. | P/P, = Ac"

n=0.5-approximately
A-constant

Trevor Young
(Young 2001)

5. | PRy =0+0.756"" M, this is the climb/cruise | Denis Howe
continuous power rat- | (Howe 2000)
ing;

M, is the Mach num-
ber
6. | P/P=AM"c" m-between 0 and 1 Mihaela Nita

A, n-constants (can be
greater than 1)

In order to have a good approximation for the 4, m and n coefficients we should compare
measured results for different typical turboprop engines, from different sources, with the re-
sults obtained when the equations are applied. We choose to approach equations 4 (Young
2001) and 6. The references we use for the measured results and also the values of the coeffi-
cients are shown in the Table 3.3. These measured results are given for typical turboprop en-
gines and the coefficients are obtained by minimizing errors when comparing experimental
results with the theoretical equations. This represents the analysis of a regression, which we
consider to be linear and it is done using the Excel Solver. The dependent variable in the re-
gression equation is modeled as a function of the independent variables, corresponding
parameters ("constants"), and an error term. The error term is treated as a random variable. It
represents unexplained variation in the dependent variable. The parameters are estimated so as

to give a minimum error; this is evaluated by using the squares method, (d¢)’- where S

represents the error.

The following results are obtained:

Table 3.3 Different coefficients when a regression analysis is applied
_ Results when ap- Rsults when ap-
Eji:r::jrlltjl plying equation 4: Error (5¢)’ plying equation 6: Error (5¢)’
P/PF = Ac” P/F =AM"c"
A=0.92699314 (58)2 =0.00697698 A=1.0359223 (5}9)2 =10.03848871]
Scahufale 2000 1=0.77566222 m=0.100607
n=0.851122
. A=0.932825 (55)2 =0.01634715 A-1.120684 (58)2 =0.03437704]
Bruening 1992 10739667 m=0.167927
n=0.754832
Russel 1996 A=1.390323 (58)2 =0.092389 A=1.725115739 (58)2 =0.000361
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1=0.966059 m=0.26739557
n=0.96569268
A=1.08883
. A=0.973603215 2 _
Loftin 1980 (05)" =0.038084821 4 09121 (5¢)* =0.010849
n=0.912149765
n=0.924106

For a correct interpretation of the coefficients, we first analyze the values for the first equa-
tion. This equation takes into account the influence of the height only, and not the influence of
the speed.

The A coefficient can be observed on the vertical axes, as it provides a fit of the curve for
o =1. We have two cases: in some graphs A4 is greater than 1, and in others the A coefficient
is smaller than 1. In the second case the results are justified by the hypothesis that the data we
used represents a power rating in cruise smaller then the take-off power. The A4, greater than
one, value shows that the data we used represents the cruise speed greater than 0, which
means that, in the respective case, the power is not rated relatively to power take-off. Usually
the engine is flat rated at low altitudes for obtaining i.e. constant power at either climb or
cruise over a wide range of speeds.

The term o provides the corresponding variation of the power with height, so that height be-
comes a dimensionless number. Also it is the parameter which influences directly the com-
bustion.

The n coefficient comes from the engine data from the manufacturer, and it may vary differ-
ently from one engine to another. This also depends very much on what control program is
used for the respective engine. However, the value of n will be smaller when EAS is kept con-
stant then when M is kept constant with altitude. This happens because an increase of height
at constant EAS gives an increase of Mach number; the power at this altitude would be
greater than if M would be kept constant.

If we take into account the variation with speed also, we have to analyze the second equation
and correspondingly the terms and coefficients 4, m and n.

As we know, once the speed grows, the pressure increases also; correspondingly the shaft
power of a turboprop increases. If we include both variations, with speed and height, we ob-
tain for the power of a turboprop the second equation. All three coefficients are interrelated.
Coefficient m also depends on engine data. Correlated with the other two, it gives proper re-
sults with experimental data.

The ATR-72 is equipped with a Pratt& Whittney PW-127F engine. This engine is part of the
PW-120 family, for which experimental graphs exist in the university libraries (McCormick
1995).
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Having the variation of the cruise power with altitude, the experimental equation can be easily
obtained using Microsoft EXCEL. The approximation is linear with height and comes from
Fig. 3.6:

P,/P,=-510"H+0.877 (3.5.10)

If we transform the linear variation from equation (3.5.10) into the form of the equation 4, the
following coefficients give proper results:

Py Bp=4-0"
A=0.9; n=0.728

(3.5.11)

1700.
| l | | |
1600, (—5000ft e
2 109%™ 100001 o
§ 1300. FF ‘-!/ 4
g 1200, L 15000t et
a /
1100. = 20,000t —
1000. F= /—{
900 L= 25,000 ft
800. |- 30,000t ——
| l | | |
0. 50. 100. 150. 200. 250. 275 300.
True airspeed (kts) kts
Fig.3.6 Maximum Cruise Power for the PW 120 turboprop, (McCormick 1995)

For obtaining the corresponding variation with altitude, we consider the cruise speed
Vep =275kts (see Fig. 3.7).
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Fig. 3.7 The variation of Cruise Power with altitude for PW 120 turboprop

3.5.4 Wing Loading

As we said in the beginning of the chapter, for the cruise flight, when applying the equation
lift equal to weight, we can obtain the analytic expression of the wing loading:

mMTO:CL'q:CL'MZ' q

: . PV (3.5.12)
w

For the cruise flight we do not take into account the fuel consumption; we use the mass from
take-off in order to have a safety margin when sizing the aircraft. For the C, coefficient, we

can use the formula (3.5.8), with the proper considerations, which are the assumption that the
aircraft is flying with maximum lift to drag ratio, or minimum drag.

The g/M report is obtained by replacing each term:

1

—p-V?
g _2 _ 1
W —E-p-az (3.5.13)
2
a

The speed of sound varies with pressure and density, as we know from thermodynamics:
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i =yP (3.5.14)
yo,
We have now the final formula for the wing loading, for cruise flight, as follows:
g/ M*=p(H)-y/2 (3.5.15)
Mo _ Co M 7y (3.5.16)

Sy g 2
or, if we consider instead of Mach number, the cruise speed the wing loading becomes:

Myro _ C,-p, 'VCR2 -o(H)
Sy 2-g

(3.5.17)

The results we obtain depend on the height and can be represented into a chart, together with
the results from paragraph 3.5.3.

3.5.5 Propeller Efficiency

For the estimation of the propeller efficiency we use the diagram from Fig. 3.8. According to
this figure, in order to determine the parameter power-to-density and surface, we need to ap-
proximate the diameter of the propeller. From the manufacturer data, this diameter is
d, =3.93m. We can now calculate:

2
T

d 2
§ =t = =12.13m (3.5.18)

B (He)  1267.6107
p(Hpp)-S,., 0.722-12.13

Parameter = =144.739kW -m/ kg (3.5.19)

We calculated P__ . using the analytic formula from Fig. 3.7. With the help of this parameter

max,cr

and with a cruise speed of 141.2m/s we can now read the value of the efficiency for cruise:

My cx = 0.8593 (3.5.20)

In the same way we can read the values for the propeller efficiency for all the flight phases;
the results are included in Table 3.4.
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Fig.3.8 Propeller Efficiency Diagram (Scholz 2000)
Table 3.4 Propeller efficiency for different flight phases
Flight Phase Velocity Propeller Efficiency
Take-off V=44.1m/s Npro = 0.64545
Second Segment V,=623Tm/s Npana =0.7303
Missed Approach V,=62.3Tm/s Npaa =0.7303
Cruise Ve =141.94m/ s Np.cr = 0.8593
3.5.6 Results

The results we obtain for cruise are shown in Table 3.5 and afterwards represented in the
matching chart.

Table 3.5 Results for cruise
/S
H[m] T(K] o a0 T P I P | Pyro My
0 288.150 1.000000 1158 0.877 93.741
500 284.900 0.952853 1091 0.852 96.492
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1000 281.650 |0.907426 | 1027 0.827 99.409
1500 278.400 | 0.863675 | 966 0.802 102.508
2000 275.150 | 0.821557 | 908 0.777 105.806
2500 271.900 |0.781028 | 853 0.752 109.323
3000 268.650 | 0.742047 | 801 0.727 113.083
3500 265.400 | 0.704573 | 752 0.702 117.110
4000 262.150 | 0.668563 | 704 0.677 121.435
4500 258.900 | 0.633980 | 660 0.652 126.091
5000 255.650 | 0.600782 | 617 0.627 131.118
5500 252.400 | 0.568930 | 577 0.602 136.563
6000 249.150 | 0.538388 | 569 0.577 142.480
6500 245900 | 0.509115 | 526 0.552 148.933
7000 242,650 | 0.481077 | 486 0.527 155.999
7500 239.400 | 0.454235 | 449 0.502 163.767
8000 236.150 | 0.428555 | 415 0.477 172.351
8500 232.900 | 0.404000 | 383 0.452 181.883
9000 229.650 | 0380537 | 354 0.427 192.532
9500 226.400 | 0358131 | 327 0.402 204.506
10000 | 223.150 |0.336749 | 303 0.377 218.067
3.6  Matching Chart

The two dimensions represented in the matching chart are power to weight ratio and wing

loading for the cases we studied so far. Every flight phase we have studied delivers corre-

sponding terms; putting them together gives us the possibility to optimize the sizing of the

aircraft. We are allowed to do so, because for all the calculations we always used the maxi-

mum take-off mass, so that the comparison could be made possible. As we mentioned in the

When choosing the design point we have to consider achieving the smallest possible thrust to

weight ratio at the highest possible wing loading. The ideal case is when all the lines come to-

gether.

The resulting design point has the following coordinates:

P
12 =192

Myro

/4

kg

Muro _ 35448

w

2
m

(3.6.1)
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Fig. 3.9 Matching chart for the preliminary sizing of the ATR 72

3.7 Maximum Take-off Mass

An estimation for maximum take-off mass is also required. This mass represents the sum of
operating empty mass, payload and fuel mass.

Myro =Mp = Mog = NMp, (3.7.1)
If we redistribute these terms and divide by maximum take-off mass we obtain the following:

Mpy,

My = (3.7.2)
MTO m,  my,

1—

Myro  Myro

The relative fuel mass and operating empty mass become design parameter, which are to be
calculated next.

3.7.1 Relative Fuel Mass

1400
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This parameter needs an estimation in order to insert it in equation (3.7.2), for obtaining the
maximum take-off mass. The fuel is used during all flight phases, including taxiing, as shown
in Fig. 3.9.

CR LOI
CLB DES CR.
CLB, DES,
EST TO | MA LT

A

Destination Aerodrome ™ Alternate Aerodrome

Fig. 3.10 Typical flight phases of a civil transport flight mission

The mission fuel fraction M, is a parameter that helps calculating the fuel consumption for
the entire flight. It is obtained with the help of mission segment mass fractions, defined for
every flight phase. A mission segment mass fraction for segment i is the report m,, /m,,

where i refers to the mass from the beginning of the flight phase and i+/ refers to the mass at

the beginning of the next flight phase. The parameter |- M gives then the relative fuel con-
m.

1

sumption for phase i.

M=o Mp My Mpes Mg Mg My Mpgg Mpor Mep Moy Mg (3.7.3)
/. = R
My My Mpgs Mepae Moy My Mpps Mpop Meg Mgy Mg Myg

The fuel mass consumed during the flight will become now:

My, —m
My = My = Mgy = My -———C=my, -(1-M ;) (3.7.4)

Mro

The SO index is the mass at the end of the flight ‘after switch off”.
It is necessary now to determine the mission fractions for all the flight phases.

Table3.5 Mission segment mass fractions (based on Roskam 1 1997)
Phase Mg per flight phases
index value
take-off TO 0.995
climb CLB 0.985
descent DES 0.985
landing L 0.995
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‘ start-up ‘ ES ‘ 0.990 ‘

taxi T 0.995

For cruise and loiter we have to first determine the Breguet range factor. For a propeller
driven aircraft the factor is:

5 _LID e _ 19.71-0859

S SFC,-g  7.5-10°.9.81

=23021044m (3.7.5)

In this formula SFC, refers to the performance-specific fuel consumption and 7, ., is the

propeller efficiency. In order to appreciate the specific fuel consumption, we either use the
statistics, or data from the manufacturer of the engine; this last source is of course more reli-
able.

For the ATR 72, which is equipped with a P&W 127 engine, we have a graphic variation for
the specific fuel consumption as follows (McCormick 1995):

800 50001t -
750. I~ sy
~ 7001~ 10000 o
£
E 650. - -
g 600. — 15,000 ft i
g 550.|- -
2 536.11 20,000 ft ol
% Ib/hr =
2
g 450.1— 250001t
e
400. ]
30,000 ft
350. S
0. b0. 100. 150. 200. 250.275 300.
True airspeed (kts) kts
Fig.3.10 Fuel Consumption with airspeed for the PW 120 (McCormick 1995)

We can extract from the graph the fuel consumption for cruise; by dividing to power we ob-
tain the specific fuel consumption:
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536.11/b/hr  536.11-0.453592kg
1200Ap 1200-746-3600/ - s

SFC, = =0.75-10" kg /(W - 5) (3.7.6)

The fuel efficiency for cruise, we can extract from Fig. 3.8 diagram, respectively from Table
3.4. With these dates we can obtain the Breguet factor and afterwards, using the next formula,
we can estimate the mission segment mass fraction for the cruise phase:

_Ser

Moot — g 5 (3.7.7)
Mg

In this formula, S, represents the distance covered in the cruise phase.

For a number of 70 passengers, according to the payload range diagram, the range is SOONM.
The value for the mission fraction, for the range of R =800NM , becomes:

R

M, . —e ™ =0938 (3.7.8)

1 ,CR

We also have to take into account the fuel consumption for the reserve distance:

_ Rpgs

s =€ 0 =0.993 (3.7.9)

M

According to FAR Part 121 the reserve distance for domestic flight is: R,.. =200NM . Also,

for the same category, the loiter time is: ¢, ,, =2700s .

oiter

The mission fuel fraction for loiter comes from:

t

My, o=e" (3.7.10)

B - :
The Breguet factor, B,=—-=162184s, so that the mission fraction becomes
CR

M, 0 =0.983.

In a standard mission, the general fuel fraction becomes:

Myui =Moo MyegMyep My ppg- My =0.901 (3.7.11)
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The fuel fraction which takes into account the reserves is:

My =My oy My s My oMy s =0.948 (3.7.12)

ff ,res

The final mission fuel fraction is now the result from the next multiplication:

M, =M

Vi 1 res M

=0.894-0.948 = 0.853 (3.7.13)

I .std
We have at the moment all the data for obtaining the relative fuel mass:

My g, =1-M ; =0.147 (3.7.14)

3.7.2 Relative Operating Empty Weight

This parameter can be either estimated from statistics (Jenkinson 1999) or we calculate the
report from existing data, as follows:

myy 12950

= =0.5679 (3.7.15)
My, 22800

3.7.3 Payload

The payload is the sum of the passenger’s weight and the weight of their baggage (hand bag-
gage and cargo baggage):

Mpp = Agpar *Mpyx gac T Mearco (3.7.16)

=70. The

weight of a passenger, according to statistics, for short and medium range aircrafts is shown in

The number of seats in the configuration we have chosen, (see next chapter), is n

seat

Table 3.6. We choose a value of 95 kg for our calculations, according to the payload-range
diagram.

We consider the purpose of the aircraft to be only transportation of passengers; that means the
cargo mass remains zero. The cargo volume was determined (see next chap-
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ter): Ve, oo = 9-49m’ . This volume is only used for the passenger’s baggage, which is included

in the average value of 95 kilograms.
These assumptions give the following result for the payload mass:

m,, =70-95=6650kg (3.7.17)
Table 3.7 Passenger and baggage average weight
Short and medium range aircrafts
Medium weight of a passenger 79.4kg

Medium weight of hand baggage per pax | 13.6 kg

Total baggage, m,,y ;. 93kg

3.8  Design Parameters

The final values of the design parameters are now easily obtained with the help of the previ-
ously calculated fractions, as it can be observed in the following table.

Table 3.8 Design Parameters
Design Parameter Formula
Maximum take-off mass S mp, B 6650 231206.970k
WO Ty Mgy 1-0.147-0.5679 s
Myro  Myro
Maximum landi
ARITHM JAndng mass My, =My, 2 = 23296.272-0.98 = 22830.347kg
MTO
Maxi ti t
aximmum operating empty My, =, —20 = 23296.272-0.568 = 13231.874kg
weight My

Wing surface

Sy =my,/ m;m =23296.272/374.32 = 62.237m’

w

Take-off power (both engines) P
Py 1o =My - ——=23296.272-203.094 = 4731.321kW

MTO

Take-off power, one engine P,
P 8 Py =310 =2365.66kW

E

Necessary fuel mass My g = My ’”% | =23296272:0.147=3414.398kg

Wing span b=.J4-S, =~12-62.237 =27.32m
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It is necessary to include other two mission segments when calculating the necessary fuel
mass; these are start-up and taxi, which by now had no meaning for the design. According to
Roskam | 1997 and Table 3.5, the total necessary fuel is:

M e = Myro(L=M oo M - M ) =23296.272(1-0.99-0.95-0.853) = 3711.632kg (3.8.1)
The necessary volume for the fuel mass, when the density is p, =800kg /m’ becomes:

oM _ 3937854
F,nec 800

Pr

= 4.268m’ (3.8.2)

The following condition must also be respected: the maximum landing weight of the aircraft
has to have a value of at least the sum between the operating weight empty, payload and re-
serve fuel:

My = Mop +Mp, +Mp

(3.8.3)
22830.347kg > 21103.73kg

The results show that the aircraft is correctly sized.

3.9 Comparing values

The ATR-500 which is now in use has the following characteristics; the next table shows the
difference between the original design and the design presented in this thesis:

Table 3.9 Comparing values

Parameter Original | Calculated | Deviation [%]
value value

Wingspan [m] 27.05 27.32 0.99%

Wing surface [m’] 61 62.237 2%
Maximum take-off mass [kg] 22800 23296.272 2%
Maximum operating empty weight [kg] | 12950 13231.874 | 2%

Wing loading [kg/m’] 373.77 | 374.317 0.15%

Power to weight ratio [W/kg] 179.9 179.84 0.03%
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4  Fuselage Design

A very important aspect concerning the fuselage design is related to market expectations,
company strategies and comfort trends. All these should be put in balance with requirements
regarding weight, drag or costs.

For passenger aircrafts one must consider, for example, having a good access to cabin and
cargo compartments for ground operations, and also a lightweight structure when forming a
pressure vessel for high altitude cruise, with acceptable air pressure in cabin.

Other requirements are related to ergonomics, environment, stowage (summing payload con-
tainment requirements- pax and cargo); minimum drag is another requirement concerning
aerodynamics; minimum weight is also a requirement of leverage for tail control surfaces.

The majority of space in the fuselage is dedicated to the payload, while systems and equip-
ment is to be positioned rather in niche zones.

For ATR 72-500 the standard versions includes 70 passengers seats at a pitch of 31 inches
with a straight partition. Two cargo compartments are available: one in front and a rear one.

4.1  Fuselage cross section

The parameters for the fuselage design will follow the logic way from “requirements to solu-
tion”. The design begins by choosing the number of seats per row or the cabin width.
If we consult the literature in this domain, according to Roskam 111 1997, we have to choose

) .. . .
the slenderness parameter, 1, = . A minimum drag is obtained for a slenderness of 6, but
F

if we consider the influence of the empennage, according to Roskam 111 1997, the value of 8
is optimal.
After choosing the number of the passengers, 7n,,, =70, we can calculate the number of seats

per row:
ng, =0.45-n,, (4.1.1)

The result is 3.76, which means a number of 4 passengers per row, according to Fig. 4.1.

We also have to consider CS norms, which state that for a number of 4 passengers per row a
single aisle is indicated (CS 25.815).
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Fig. 4.1 Number of seats/row as a function of passenger number and

slenderness (Markwardt 1998)

A next step implies the inner configuration of the fuselage. It has been proved that good re-
sults concerning seats and aisles sizing are obtained with Raymer’s 2006 reference data. In
order for the proper passenger comfort to be achieved, and also all other requirements con-
cerning volume and costs, we obtain the following results, which also consider CS norms:

Aisle width=18 in (4.1.2)
Seat width=17.3 in (4.1.3)
Armrest width=2 in (4.1.4)

These dates provide us a bench width of 40.6 inches.
The number of chairs and aisles are the same as the ATR 72-500 which is now in use.
The diameter of the fuselage is another parameter which needs to be designed. If we take into

account a distance of 0.025 meters between the seat and the wall, the inner diameter of the fu-
selage becomes:
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-
n
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. 2570 m/101.2" .
Fig. 4.2 Cross Section view and dimensions (ATR 2008)
dFJ =(40.6x2+18)in- 0.0254ﬂ+ 2%x0.025m =2.5Tm (4.1.5)

1245

The outer diameter of the fuselage can be calculated with an empirical formula, after Mark-
wardt 1998:

dyo=d, =0048m+1.045-d, , =2.7Tm (4.1.6)

According to Raymer 2006 we can choose a 74.5 inches cabin height and a 0.55 meters floor
lowering.

Schmitt 1998 gives us the formula for the floor deck thickness; according to the author, we
can approximate it in this way:

£, =0.035-d, =0.096 = 0.1m (4.1.7)
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4.2  Cabin Layout

In the first paragraph we have decided to take into account a number of 70 passengers ac-
commodated in 4 rows and 1 aisle in between.

An important aspect concerning the comfort of the passengers is related to the distance be-
tween the chairs. This distance varies with the types of classes. The business or first class pas-
sengers should have more comfort; this fact is translated into more space: “pay more to get
more” has become a common idea among market demands.

In our design study we consider a single class, the tourist class, and a larger number of pas-
sengers.

According to Raymer 2006 a distance of 3/ ” is appropriate for this class.
Where an emergency exit is present, the seats will be so arranged that an easy escape to be

made possible.

When we calculate the length of the cabin, we must consider a factor of 1.1 meters (Raymer
2006), which comes from statistics:

kg =1.1m (4.2.1)

Meax (4.2.2)

S4

lCAB]N = kCABIN ’

ng, represents the number of seats abreast; we obtain the following results:

Lo = 1.1-7740 =19.25m (4.2.3)

The length of the fuselage can be calculated according to Schmitt 1998 with the next formula:

1o =1, +14-d, +4m=27.13m (4.2.4)

Having the length and the fuselage diameter, we can obtain the true slenderness of the aircraft,
by dividing these two values:

A, =9.79210 (4.2.5)

Schmitt 1998 indicates how the nose length and tail length should be calculated:
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Lo =1.4-d, =3.88m (4.2.6)
Lyex =3-d, =831m (4.2.7)
¢ = arctan% =18.43° (4.2.8)

Afterwards we can define the surface of the cabin:

Scasiv = leapy dp, =49-4Tm (4.2.9)

This surface must meet the requirements and therefore we have to check if the space is suffi-
cient for sustaining the maximum payload.

According to the cabin standards (Schmitt 1998) for a number of 70 passengers 2 Toilets are
required, with a surface of:

S, warony =1.1m (4.2.10)

70 pax at 317 pitch

Fig. 4.3 Seating configuration and cargo compartments (front and rear) (ATR 2008)

In order to define the galley surface, a factor must be defined (Marckward 1998):

karey =16m’ (4.2.11)
n 1
Searrey = Koy 'ﬁ+5mz =1.62m’ (4.2.12)

The wardrobe area should also meet comfort requirements; according to Marckward 1998:

Swarorose = 0.03m’ '(1_3'%¢)'71pr =2.01m’ (4.2.13)

nPAX

The aisle surface of the floor can also be calculated with the formula:

S sie = 18in~0.0254%-l€AB,N =8.80m’ (4.2.14)
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where 18” represent the aisle width.

The surface of the seats is:

Sepr = (40.6x2)in-0.0254 2 . 31in-0.0254 2. "eax — 28 42 (4.2.15)
in in ng,

where 317 represent the seat pitch.

An additional surface needs to be calculated, in order that we take into account the seats near
the emergency exits, for example:

S oo = (s +1)-40+30+9)in-0.0254 2. (d, , —20in-0.0254 1) = 6.39m” (4.2.16)
124 124

After summing all these parameters we obtain the required surface, and we can check if the
cabin surface is sufficient:

2
SCABIN,needed =2 SLA VATORY + SGALLEY + SWARDROBE + SAISLE + SSEAT + SADDITIONAL = 4944m (42 1 7)

The value we have obtained is very close to the one from (4.2.9).

1923 830 i

)

10679

Lateral view and dimensions

4.3  Cargo compartments

The maximum payload for a passenger we consider it to be 11.05 kg; the medium weight of a
passenger is chosen to be 79.4 kg (Loftin 1980).

My coace ! Npgy =11.05kg (4.3.1)
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My /1y =19.4kg (4.3.2)

For a number of 70 passengers the total baggage weight is:

m m
Misgoroe = —0H0E  ~PA =773 5k (43.3)
PAX PAX

Torenbeek 1988 gives us the approximation for the baggage density p,, ..o = 170kg /m’

and cargo density p,., =160kg/m’ . In this way we can obtain the necessary volume for

carrying payload:

14

BAGGAGE

= Myscoace | Praceace =4-55m’ (4.3.4)

Vearco =Mearco ! Peargo = 9-49m° (4.3.5)

For each passenger a hand baggage volume of 0.05 cubic meters is required; this implies a to-
tal volume of 3.5 cubic meters for the total number of 70 passengers.

The total necessary volume has to be greater or at least equal to the minimum volume as we
can see in the next formula:

VOVERHEADfSTOWAGE =3.5m’ (4.3.6)

3
VCARGOfCOMPARTMENT 2 (VBAGGAGE + VCARGO) - VOVERHEADﬁSTOWAGE = 1054m (43 7)

The final value for the cargo compartment volume is calculated with the help of
Kcarco comparmenr = 0-35 , which is a constant that comes from statistics, the surface is calcu-

_ 2
lated as SCARGOfCOMPARTMENT =1.26m".

_ _ 3
VCARGOfCOMPARTMENT - lF ’ SCARGOfCOMPARTMENT ’ kCARGOfCOMPARTMENT - 122 lm (43 8)

In the Preliminary Sizing sheet we have considered the cargo compartment being empty, but
in the same time a larger weight per passenger (95kg)

4.4  Emergency EXxits

According to CS 25-809 there are 2 types of emergency exits that are required for a number
of 40 to 79 passengers: type I and III for each side of the fuselage. At least one of them has to
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be above the waterline and at least with the dimensions of type III. Flight crew exits have to
be located in the flight crew area. Such exits shall be of sufficient size and so located as to
permit rapid evacuation by the crew. This is also valid for the passenger emergency exits.

Type | is a floor level exit with a rectangular opening of not less than 24 inches (61cm) wide
by 48 inches (1.219 m) high, with corner radii not greater than one-third the width of the exit.

Type 111 is a rectangular opening of not less than 20 inches (51cm) wide by 36 inches (91cm)
high, with corner radii not greater than one-third the width of the exit, and with a step-up in-
side the airplane of not more than 20 inches (51cm). If we locate the exit over the wing, the
step-down outside the airplane may not exceed 27 inches (69cm).

~:1._:3 emergency exit 0.91m x0.51m
Zlemergency exit 0.91m x 0.51m
Jpax door 1.75m x 0.82m
@service door 1.22m x 0.61m

Fig. 4.5 Emergency exit locations and dimensions (sample seating configuration)
(www.aviation-safety.net 2008)

45 Water line

As it is referred in paragraph 4.4, in the case of an emergency ditching, the doorsteps of the
emergency exits must be above the waterline. This implies the necessity of calculating where
the waterline lies.

We consider the situation when the ditching happens after take-off; that means the total
weight of the aircraft is approximately equal to the maximum take-off weight:

m,, =22800kg . For a water density of: p,, .z =1000kg/m’ we find the replaced volume
of: Vi iren = 22.8m”.
The doorsteps are situated at a height of 4,,,,, =1.07m above the lower part of the fuselage.

The opening angle, depending on 4, , 1s calculated at  =153.7°. With this dates we can

calculate a surface of a circle segment of the fuselage cross section:
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h 2 2 2 2
SSegment:%'(?"hDOOR +4.dF -S1n 0):235m (441)

The cylindrical part of the fuselage has a length of 14.94 meters; having the surface implies

we can calculate the volume of the fuselage: V,,, =S Iy, =3517m’.

segment ’

The nose can be approximated with a cone; the length of the cone is 3.4 meters, so the volume
will be:

2

VCONE = lnose ’ hDOO% = 407m3 (442)

The total volume is:
Vior =Vey +Viose =39.24m> 2V, .. =22.8m’ (4.4.3)

The results show that the CS 25.807 requirements are fulfilled.
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5 Wing Layout

The redesign of the wing has to be driven by all requirements categories: cruise requirements,
airport requirements-take-off and landing, taxi and terminal, operation and costs requirements.
Also, when redesigning a typically aircraft, the approach has to include considerations related
to the design of the aircraft family it is part of.

Even if the main purpose of the wing is to produce lift in order to carry the payload, the wing
design plays an important role in satisfying the requirements earlier mentioned:

e reach cruise level within geographical or political boundaries

e reach cruise level within given time

sufficient altitude at beginning of cruise on top of weather and obstacles

sufficient climb capability to reach next flight level (for adaptation of cruise altitude for
best efficiency).

The take-off and landing field length are influenced also by the wing design and high lift sys-
tems; other parameters like engine thrust and tail shape are also important, as we can see be-
low. These parameters have to meet the airports infrastructures.

take off field length, climb profile, noise approach speed, landing field length

> =T

wing area

influenced by:

high-lift system

444

engine thrust

tail shape

Fig.5.1 Aircraft parameters influencing take-off and landing (B6ttger 2008)
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When the aircraft is being operated on an airport, there are limitations regarding the wing
span: the short range aircrafts have to fit in an available space of 36 m at the passenger bridge
terminal.

Fig. 5.2 Aircraft span limited by airport requirements (Scholz 2007)

Regarding certification requirements, we have to consider the necessary space for a secure in-
flation of the slides at the passengers’ doors. The available space for wing and engine be-
comes limited. (see Fig. 5.3)

distance defined by
« certification rules
« eacane slida fur

minimum distance

AR
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Another aspect which has to be taken into account is the integration of the engines and servic-
ing capability and accessibility of the aircraft.

via noza

certiffcation reguiremorts

Fig.5.4 Bounday conditions inflict strong limitations on wing optimization (Bottger 2008)

According to these requirements we can settle the main parameters of the wing already.

5.1 Wing Parameters

In chapter 3 the wing was described with parameters like wing area S, and wing aspect ra-

tio 4,, . Further we will need to define other sets of parameters like: wing section or planform.

The information obtained in the preliminary sizing can be summed up in the following table:

Wing area: S, =62.2m’

Wing span: b=\4,-S, =2732m

Lift Coefticient, cruise speed C, =0.813

Cruise speed Vep =141.94m/s or M., =0.443
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These parameters have a direct influence on the wing efficiency; the wing area affects lift ca-
pability, high lift system or fuel tank volume. The preliminary sizing also provides values for
wing loadings. In a general design of a wing, these values are first approximated via statistics,
and afterwards improved.

The relative position of the wing towards the fuselage has to take into account the diameter of
the propeller; accordingly we can only choose a high wing position (see more details in the
next paragraph).

For continuing the design of the wing, other parameters have to be determined (see Defini-
tions paragraph):

Taper ratio Ay
Sweep angle a5
Thickness ratio (t/c)y
Airfoil

Dihedral angle Vy
Incidence angle Iy
Wing twist g,

In order to determine these parameters, some other values are also necessary:

Take-off/Landing/Cruise Lift coefficients and Lift-to-Drag ratio
Take-off/Landing High lift systems, Lift curve slope dC, /da
Overall flight Fuel tank volume

Flight characteristics, stalling behavior, flight in turbulence
Landing gear actuation and stowage

Wing mass

Production costs

5.2  Position of the wing

For aircrafts which fly at lower speeds, the possibility to choose a braced wing exists. How-
ever the advantage of a 30% reduction of the weight must be balanced with a considerable in-
crease of drag, due to the form of the wing and interference. For this reason we choose the
standard configuration of a cantilevered wing.
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The type of the aircraft we are redesigning must be build for regional transportation of pas-
sengers. When choosing one of the three variants: high wing, mid wing or low wing, we have
to consider some important aspects. A high wing position gives the passengers a good visibil-
ity, but it becomes more difficult to integrate the landing gear into the wing; the landing gear
becomes longer and accordingly heavier. A mid wing gives the best values for interference
drag, but it cannot be used, as it is not able to provide a continuous free cross section for the
cabin or the hold. Also the high positioned wing has a stabilizing effect around the rolling
axis, but a destabilizing effect on Dutch roll.

When balancing these effects we decide to choose a high positioned wing. If we do not
choose the position of the landing gear to be on the wing, due to its high weight, then, in order
to insert the landing gear into the fuselage, fairings are required. This gives a relatively high
drag, but this will be compensated by the wing geometry and characteristics, and also, be-
cause the aircraft flies at smaller speeds, the effect of the fairings is acceptable.

A summary of the effects of the wing position is underlined in Table 5.1.

Table 5.1 Summary evaluation of wing position in relation to the fuselage (Scholz 2008)
High wing Mid wing | Low wing

Interference drag average low high
Stability around the longitudinal | stable neutral unstable (requires dihedral for
axis stability)
Visibility from cabin and cocpit | good average | poor
Landing gear: on the wing long and heavy | - short and light

on the fuselage high drag - -
Loading easy average | requires steps and loading aids

5.3 Design Mach Number

For typical transportation aircrafts (jets mostly, which fly at higher speeds) the term Mpp
(drag divergence Mach number) is used as a design parameter for the wing. This parameter is
defined by means of critical Mach number M,,;; when the speed increases locally on the air-
foil until M=1, the M, is reached; the consequence is an increase of the drag with the so
called wave drag. The Mpp factor is the Mach number where the wave drag reaches the value
of 0.002 (according to the definition applied by Airbus and Boeing). At M,,;; the wave drag is
zero so the Mpp is greater than M., depending on the airfoil section. According to Raymer
2006: Mpp=0.08M.,.
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The supercritical airfoils where developed to reduce the wave drag, minimize the shock waves
and increase the critical Mach number, all these without affecting in an unacceptable way the
flight at low speeds.

In the case of the ATR 72, which flies at lower speeds, we may assume that the design Mach
number is equal to the cruise Mach number, which gives M ,, =M, =0.44.

54  Wing Sweep

The drag divergence Mach number increases with increasing sweep angle. The primary rea-
son of using swept wings is exactly that to reduce the effects of transonic or supersonic flow
over the wing. The reason is this one: for a swept wing, the distance from the leading edge to
trailing edge is shorter when measured perpendicular to the leading edge; the schock wave is
formed also by the air speed flowing perpendicular to the LE. The distance is shorter, so the
velocity is smaller, so the shock waves do not form any more. Thus we obtain an increase of
the critical Mach number.

For the regional turboprop aircrafts, a larger wing sweep would be unnecessary, and it would
only increase the weight of the wing. A lower wing sweep or even a zero value for the sweep
angle is more suitable.

The lift coefficient also drops for wings with airfoils which have a less sharply defined lead-
ing edge (as it is the case for the AT 72; sharp LE airfoils are used for high speed aircrafts).
The next relation is valid:

(5.4.1)

L,max,swept = CL,max,unswept - COS (025

The smaller the lift coefficient, the greater the wing surface has to be; this gives the weight
increase, as we said before. Also, forward swept wings become heavier than the aft swept
wings, due to the required stiffening of the forward swept wing which is more exposed to di-
vergence. However, the use of new composite materials minimizes the danger of divergence.
The wing sweep influences also the stall behavior of the wing. A safe precaution for a wing is
to insure that first the inner wing stalls, and afterwards the outer wing, so that the ailerons re-
main functional. This happens for forward swept wings, due to a better lift distribution for this
case. In the same time, for an aft swept wing, the so called tip stall occurs (the boundary layer
separates itself at the wing tip); stall fences are used for aft swept wings to prevent this. An-
other consequence of the tip stall, which makes the wing stall even faster, is a nose up mo-
ment induced by the tips, which are situated behind the center of gravity. The pitching mo-
ment changes and the pilot has to correct it promptly.



65

Swept wings also have to allow an appropriate installation of the landing gear, near the center
of gravity of the aircraft; this sometimes requires additional areas for the wing.

Another aspect concerning sweep angle is related to the lift curve slope, which becomes
smaller if the sweep angle increases. This implies a smaller visibility for approach (small
curve slope implies a greater pitch attitude) and a larger angle for take-off.

A positive argument for aft swept wings is a better stability around the longitudinal axis.
However aft swept wings have a destabilizing effect on the Dutch roll, effect which might be
overcome by an electronic yaw damper.

For forward swept angles a positive dihedral is required in order to compensate the instability
around the longitudinal axis, produced by the sweep angle.

In order to achieve an optimum for the wing sweep, an aircraft can be build up with variable
wing sweep. This improves the take-off and landing characteristics, minimal drag for cruise
and an optimum E during the flight. However, the mechanism is heavy and expensive and
modifies the aerodynamics of the wing, fact which requires larger empennages.

Raymer 2006 suggests another approach: the use of ‘oblique wings”, which means one wing
is aft swept and the other forward. The main disadvantage would be related to the difficulty to
control the aircraft, but this can be overcome by a computerized flight control system. A sig-
nificant advantage would be a smaller wave drag due to a better volume distribution (argu-
ment valid for higher speed aircrafts).

A better view over all these effects is shown in the Table 5.2 and Table 5.3.

Table 5.2 Evaluation of wing seep ¢, (Scholz 2008)
Large sweep Small sweep

Critical Mach number large small

Maximum lift coefficient small large

Lift curve slope small large

Pitch attitude angle during approach | large (poor visibility | small (good visibility from
from cockpit) cockpit)

Flight in turbulent air smooth bumpy

Required angle for rotation large small

Integration of landing gear difficult minor problems

Wing mass large small
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Table 5.3 Evaluation of type of wing sweep (Scholz 2008)
Forward swept No sweep Aft sweep
Risk: tip stall none none large
Risk: pitch up minor none large
Maximum lift coefficient small large very small
Risk: one-sided stall minor very minor large
Risk: divergent wing deflection | yes no no
Wing mass very large small large
Stability around longitudinal axis | unstable (requires | neutral stable
positive dihedral)

For the ATR 72, as shown in the precedent paragraphs, a small forward sweep angle is most
suitable; the aircraft design can be optimized so that disadvantages shown in Table 5.3 are
overcome by appropriate means, so that the requirements are fulfilled. Let us remember that,
among other arguments, the efficiency of the airplane on short range is the main aspect to take
into account. A 25% wing sweep of 3 degrees is suitable in the moment for the designing
process.

55 Wing Aspect Ratio

The aspect ratio was determined in the Preliminary Sizing chapter and has the value:
2 2

4o b 2732
S, 62237

cussed, because it influences other design parameters.

=11.99 ~12. This is an important parameter for the wing, as we earlier dis-

When looking at the induced drag formula: C,* /(x- A-e) we can conclude that the higher as-

pect ratio the airplane has, the smaller the induced drag becomes. In the same time the wing
mass increases. Also, for the same wing surface, a higher aspect ratio requires a larger wing
span. The wing span becomes a requirement when operating the aircraft in an airport (see first
paragraph).

An inverse proportionality is also valid for the drag due to lift. At the wing tip, the pressure
difference between lower and upper surface of the wing is lower, so that the lift is lower; a
circular movement of the air is induced (a vortex), which increases the drag. If the aspect ratio
is higher, for a constant wing surface, the tip is situated further than for a wing with a lower
aspect ratio, which means a smaller surface gets affected by the vortex. On the other hand a
lower A wing will stall at a higher angle of attack than a wing with a higher aspect ratio. One
reason why the empennages usually have a smaller aspect ratio is that the airplane can still be
controlled, even if the wing already stalls.
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1

ank ~ﬁ'

The tank volume, as we will later show, decreases if A increases: V,

The aspect ratio also influences the lift curve slope, C, , = ?, proportionally: if A is small,
' a

the lift slope decreases. This has consequences, as discussed in paragraph 5.5, on the visibility
from cockpit, at take-off and landing: if C, , is small, then the angle of attack is large and the

visibility is poor. In the same time, if C, ,is greater due to A greater, then the aircraft be-

comes more sensitive to vertical gusts; also a larger angle for rotating the aircraft at take-off is
required.

L Aspect ratio

oo

N

alfa
Fig.5.5 Effect of aspect ratio on lift curve slope (Raymer 2006)
All the conclusions can be summarized in the next table.
Table 5.4 Evaluation of wing aspect ratio (Scholz 2008)
Large aspect ratio Small aspect ratio
Induced drag small large
Lift to drag ratio large small
Lift curve slope large small
Pitch attitude angle during approach | small (good visibility | large (poor visibility
from cockpit) from cockpit)
Flight in turbulent air bumpy smooth
Required angle for rotation small large
Wing mass large small
Tank volume small large

Span (for constant wing surface) large small
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5.6 Taper Ratio

The taper ratio A =c,/c, is primarily set to achieve a semielliptical lift distribution in the

spanwise direction. We know that the smallest induced drag is obtained when the lift distribu-
tion has an elliptical form. The usual values lie between 0.1 and 0.6, the higher values being
valid for unswept aircrafts with higher aspect ratio, as it is the case of the ATR 72. A low
value for the taper ratio is structurally beneficial. In the same time it gives a high local lift
loading at the tip of the wing, which produces a tip stall tendency. The ailerons also input a
limit to the tip chord. According to Howe 2000 the taper ratio should respect the next inequal-

ity:
220.24" cos’ ¢, =0.2-12" cos*(3"- 7 /1807) = 0.371 (5.6.1)

Torenbeek 1986 gives a different first approximation for the optimum taper ratio for the
smallest induced drag. This is valid for positive swept wings:

Ao = 0.45:7000%5 = 0.45. 6707 = 0.404 (5.6.2)

For a taper ratio of A4=045 the lift distribution, represented by the function
c-C, = func [ﬁ} , 1s very close to elliptical (the drag is only 1% higher) if the wing is un-

swept.

If A is small, the pressure center moves towards the inner wing, the bending moment be-
comes correspondingly smaller and the mass of the wing can become also smaller.

The wing tip chord has to be big enough to ensure the integration of the ailerons mechanism.
For the ATR 72, a double tapered wing, with an inner wing of A =1and an outer wing with a
small sweep angle would achieve an optimum design. On the inner rectangular wing we set
the turboprop engines; the production costs are minimized, and the aerodynamic efficiency is
achieved. The taper ratio for the outer wing has to be larger than 0.45, due to the 3° sweep an-
gle we chose before. According to Howe the upper limit is 0.6. In order to prevent the tip stall
and for a good efficiency of the ailerons we choose a value as large as possible; the value of
0.59 is suitable. A summary of the taper ratio effects can be seen in the next table.
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Table 5.5 Taper ratio evaluation (Scholz 2008)
Small taper ratio Large taper ratio
Tip stall bad good
Tank volume at t/c=const large (optimum for A= 0) small
Production costs - advantage only for A=1
Installation space for aileron | small large
Wing mass small large
Induced drag in the case of large sweep: small small sweep: small

5.7 Geometry of the Double Tapered Wing

In the last paragraph we concluded over the next two values: 4, =1 and 4 =0.59. For a dou-

ble tapered wing the kink relative span position must be defined; (the kink is the imaginary
line between the inner and the outer wing).

In the preliminary sizing chapter we calculated the values for wing span, wing surface, and
consequently the aspect ratio. The next relation is valid:

2
A= 2b with 7, =24
S c[(1=A)n +A +A b/2

(5.6.3)

We assumed that the engines will be positioned on the inner wing; in order to ensure a mini-
mum necessary space to integrate the engines, the y; coordinate must be approximated with
the value of:

d,
Y =7+d8 + MF (5.6.4)

where MF is a margin factor at least equal to the span of the propeller and d. is the engine di-
ameter.

The formula gives a result equal to 4.73 meters. This gives a value of 0.346 for the relative
span position of the kink: 77, =0.346.

We can use now formula (5.6.3) to extract the root chord and afterwards the tip chord:

. 2b ~ 2.27.32
T A=A + A+ 4] 12[(1-0.59)-0.346 +1+0.59]

=2.626m (5.6.5)
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¢, =Ac, =0.59-2.626 =1.556m (5.6.6)

The mean aerodynamic chord can be evaluated by means of the aerodynamic chord of each
inner and outer wing, and the corresponding surfaces:

Cyur: S+ -S
CMAC — MAC,i i S MAC, o o (567)

2
S=S+S =%=§cr[(1—/1)77k+/1i+}t] (5.6.8)

1 o

The surface we can either calculate with (5.6.8) formula, or use the value from the prelimi-
nary sizing. The formula (5.6.8) gives the following result:

S = 27—;2-2.626[(1—0.59)-0.346+1+ 0.59] = 62.187m" (5.6.9)

The inner surface is a rectangular surface, so the next formula is valid:
S,=y,-c, =4.73-2.626=12.42m" (5.6.10)
The outer surface results as a difference between the two:
S =S-S5 =62.187-12.42=49.767m’ (5.6.11)
The general expression for the mean aerodynamic chord is showed in formula (5.6.12):

2 b/2
e =g [y (5.6.12)

0

In order to apply formula (5.6.7) we need to evaluate the mean aerodynamic chord for both
inner and outer wing. Because the inner wing is rectangular, with 4 =1, we can consider the
wing to be similar to a simple tapered wing, but having the extra S; surface. The formula for
the cyc for a simple tapered wing is as follows:

2 1+A+4°
CMAC ZET (5613)

The results for both inner and outer wings are showed below:
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Couci =C, =2.626m

4

2
e = 226261 709H09 5 (340,
°73 1+0.59

The mean aerodynamic chord for the wing of our design becomes:

 Chuci St Copcy, S, _ 2.626-12.42+2.1368-49.767

=2.2345m

C =
mac S 62.187

(5.6.14)

(5.6.15)

(5.6.16)

The position of the aerodynamic chord can also be determined; it is also necessary first to

evaluate the position of each mean chord for each inner and outer wing:

y _ Ymuc,i S+ (0 +yMAc,o)'So
Mac S+,

The general formula for yyc is given by:
b/2

Ywie =g J c- ydy

0

It is again possible to use the formulas from the simple tapered wing:

_ Cyuc
Ymac _ ¢ _l(l"'z}“j
b/2 1-4 3L1+4

The position of the inner mean aerodynamic chord is easy to estimate:

vy, 4.73
Ymaci = 7k = T =2.365

The position of the outer aecrodynamic chord we estimated with formula (5.6.19):

1(1+2-o.59

Ywsco =3\ 71059

] =0.4573

(5.6.17)

(5.6.18)

(5.6.19)

(5.6.20)

(5.6.21)

The position of the mean aerodynamic chord of the wing when using (5.6.17) becomes:

_2.365-12.42+(0.4573+4.73)-49.767

Vipe = = 4.6234

62.187

(5.6.22)
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5.8 Dihedral Angle

A positive dihedral angle leads to positive stability around the longitudinal axis. The moment
produced by the dihedral in a turn produces a stable spiral mode and an unstable Dutch roll.
The stability around the longitudinal axis is in the same time sustained by an aft swept wing,
as we discussed, and also by a high wing configuration. It appears it is no longer necessary to
use the benefit of a positive dihedral if we decide over a high positioned wing in our design
study. Another positive argument for our decision comes from statistics (Scholz 2008): mov-
ing the wing position by “one step” (e.g. from high to middle, from middle to low) achieves
roughly as much as a 3.5° dihedral. As an observation, the combination of a high positioned
wing with an aft sweep angle has to be counteracted by a negative dihedral. For a high un-
swept wing a small dihedral, between 0 and 2 degrees is possible, especially if clearance of
engines and wing tips from the ground is necessary. But it is not the case of our design.

59  Wing Twist

In order to define the wing twist we need to explain first the notion of angle of incidence. The
angle of incidence is not the same with angle of attack, according to English literature. It is
defined as the angle between the chord line and a reference line of the fuselage, which is for
example the cabin floor. For passenger aircrafts the cabin floor usually has to be horizontal in
cruise flight so that the service to the passenger is easier to realize.

The geometrical wing twist is defined as the difference between the angle of incidence from
tip and the angle of incidence from root. There is also an aerodynamic twist which takes into
account the changes in the zero lift line along the span.

The twist angle is negative when the incidence angle of the chord decreases in the direction of
the wing tip; that gives a lower lift distribution at the tip, thus closer to an elliptical one,
which prevents the tip stall. A negative twist angle of -3° is a proper data for the preliminary
design, according to statistics. (Scholz 2008)

5.10 W.ing Relative Thickness. Choosing the Airfoil

The relative thickness has an important effect on the maximum lift coefficient, also on drag,
structural weight of the wing and stall characteristics. The drag increases with increased
thickness. The structural weight varies approximately inversely with the square root of (#/c).
(The wing represents approximately 15% of the total empty mass; the thickness ratio would
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increase the empty mass by about 6%). For thickness ratios up to 0.12- 0.14 the maximum lift
coefficient increases with the thickness. Another obvious parameter influenced by the thick-
ness is the fuel tank volume, which also increases with thickness.

According to Howe 2000 for incompressible flow a thickness of 0.2 for the root chord gives
acceptable drag; for the tip chord thickness the value is typically two-thirds of the value from
the root thickness.

The estimation of the relative thickness meets the problem of choosing the optimum equation
for best results. The thesis “Mach number, relative thickness, sweep and lift coefficient of the
wing -An empirical investigation of parameters and equations” written by Ciornei 2005
brings up different methods to estimate the thickness ratio and also ranks these methods. The
equations we choose to estimate, which are on the first positions on the ranking, are given by
Torenbeek 1998, Howe 2000 and also using a nonlinear regression and EXCEL Solver.

The maximum relative thickness for an average spanwise position on the wing is given by
Torenbeek 1986 as follows:

2/3

3A5 2
5+Mopp.y” J N Mon e (5.10.1)

t/¢)=0.3-cosp,. || 1—
(t/c) P25 (5+(kM—o.25.cL)2 :

MDD,eft/"

The position of the thickness determined with (5.10.1) is, according to Jenkinson 1999, given
by the next formula:

_ 3(t/c), +(t/c),

t/c 5.10.2
1 ( )
The values for k;, factor are as follows:
Table 5.6 Typical values for ky factor
knv=1.00 For conventional airfoils; maximum #/c at about 0.3¢
kp=1.05 High-speed (peaky) airfoils, 1960-1970 technology
kv=1.12-1.15 Superecritical airfoils

The value Mpp . 1s an effective value:

M oy =M pyy [ COS @3 (5.10.3)
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In the precedent paragraphs we settled the value Mpp as being equal to Mcr=0.443 and the
sweep angle ¢5=3°. This gives a value very close to Mcg, due to the small sweep angle.
Eventually the Mpp ¢=0.443.

The design lift coefficient which comes up in the equation was determined in the Preliminary
Sizing chapter and has the value of C;=0.8. This value is the value of the lift coefficient when
the L/D ratio is maximum. This is obtained when the tangent to the polar is drawn from the
origin.

The parameter ky is being choosen to fit the airfoil data. According to Table 5.6 the value
1.00 should be good enough, but for airfoils with a maximum #/c situated at 30% of chord.
The purpose of this paragraph is that to understand how the airfoil of our wing should look
like. The position of the maximum thickness should be nevertheless positioned more close to
the leading edge.

The results are summed up in the (5.10.4) relation; for the ky we choose the value of 1.00, ac-
cording to Table 5.6:

= 0.327 (5.10.4)

2/3
x ] {1( 5+0.443° J3‘5}\/10.4432

(t/c)= 0.3-005(30- 5 5 >
180 5+(k, —-0.25-C)) 0.443

The value we obtain with Torenbeek 1986 is very high and it cannot fit with our design. The
explanation is this one: our design case is that of a regional turboprop that flies at low speeds.
If our aircraft would of flown at high speeds, having the characteristics we designed by now,
then the necessary thickness would have to be 32% to prevent the shock waves from forming.
This is of course not our case.

Howe 2000 proposes an equation that sets a relation between the airfoil relative thickness, lift
coefficient and design Mach number in a different way:

My =4, —0.1C, ~1/c (5.10.5)

From the form of the formula we can understand that Ar is a coefficient which gives the value
of the drag divergence Mach number for an airfoil with zero angle of attack (so zero lift coef-
ficient) and zero relative thickness. We already settled the drag divergence Mach number' as
being equal to the cruise Mach number. For usual airfoils Howe gives a value of 0.8-0.95 for
Ar coefficient. The thickness results as follows:

This term does not make sense for an aircraft that flies at low speed, but we keep the author’s term, hav-
ing in mind in the same time that we refer at the design Mach number which is equal to cruise Mach
number
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(t/c)=4,-0.1C,-M_, =0.8-0.1-0.8—-0.443=0.277 (5.10.6)

The value we obtain is rather high, which means the results are also more suitable for aircrafts
that fly at higher speeds.

A third option is the case of a nonlinear regression (Ciornei 2005). In this case the model of
the equation is build as a nonlinear combination of parameters. For the curve fitting, the
Power Family Equation was chosen to be used (as it is referred in Ciornei 2005), while taking
into account the variation of relative thickness with Mpp, cos, Cr, ky and a proportionality
coefficient, called k;. Other forms like Polynomial Family or Taylor Series Equations can also
be used.

The form is as follows:
(t/c)y=k M, -cosp,-C,"-k," (5.10.7)
Based on a large number of aircrafts, including aircrafts that fly at lowers speed, the nonlinear

regression gives the following values for the coefficients (Ciornei 2005), values which give
back good results and fit with the studied aircrafts:

k =0.127

t=-0.204

u=0.573

v=0.065

w=0.556 (5.10.8)

For the k), parameter, new values are fit in the case of the nonlinear regression. See Table 5.7:

Table 5.7 Parameter ky used for equation (5.10.7) from nonlinear regression (Ciornei 2005)
Parameter Value
kw for conventional 0.921
ky for peaky 0.928
ky for older supercritical 1.017
ky for modern supercritical | 0.932

The results obtained when applying the nonlinear regression equation are as follows:

(t/c)=k M, -cosg,-C," k" =0.127-0.4437"2 .cos(3° - 7 /180°)*57 . 0.8°%5 . 0.921°%% = 0.141
(5.10.9)
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Suitable for our design case is the value of 0.921 for ky;, which applies for conventional air-
foils, according to Table 5.7.

The value of 14% for the average thickness is acceptable for our design. Next we need to find
the thickness for the root and tip sections. The spanwise position of the 14% thickness we dis-
covered applies, according to Jenkinson 1999, in a section given by (5.10.2).

If we add Howe’s supposition which says: (¢/c), =§(t/ c),, then together with (5.10.2) we

can form a system of 2 equations and 2 unknown parameters which give final results for root
and tip relative thickness.

3.B(z/c),}+(t/c),
4

0.141 =

:(t/c),=§-0.141=0.188 (5.10.10)

(t/¢), =2-0.188=0.125 (5.10.11)

3

We can choose now final values for the relative thickness:

(t/c), =18% (5.10.12)
(t/c), =13% (5.10.13)

5.11 Lift curve slope

There are various methods for calculating the increase of the lift coefficient with the angle of
attack. According to DATCOM 1978 the next formula is valid:

2w A

(5.11.1)

C
where f=+1-M" and k= # is a factor that needs further approximation for ¢, ,and
jn ,

for simplicity can be approximated with 1. In this case, the formula becomes:

c - 27w A
La ™ 2 2 a2
2+ A (1+tan’ gy, — M>)+4

(5.11.2)
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For estimating @so we use the next formula:

= tan(3’

100 1+4

tan @, =tan@,, ——

4[50—25 1—/1}
A

7 4[25 1-059
12

ST = } =0.031rad =0.178° ~ 0°

100 1+0.59
(5.11.3)

This gives the following result for the lift curve slope:

C,, = 2712 ~5.826 (5.11.3)
24123 (1+0-0.443%) + 4
Howe 2000 gives a different approximation:
ac, 4 (5.11.4)

da - [(0.32+0.16 4/ cos @,;) {1 — (M cos p,;)*}""*

When replacing the corresponding values we obtain the following:

12
CLa = 0 0 0 0N\211/2
’ [(0.32+0.16-12/cos(3" - 7/1807)){1—(0.443cos(3" - 7 /1807))"}

=5.966(5.11.5)

The results are very similar.

5.12 Incidence angle

The incidence angle is the angle between the chord line of the wing root and a reference line
of the fuselage, in our case the cabin floor. It should be so chosen, that the drag in cruise flight
i1s minimized. This implies a parallel direction of the flow to the longitudinal axis of the fuse-
lage. Another aspect is the maneuvering of the trolleys; if the cabin floor is not horizontal in
cruise flight, this becomes a difficult task for the flight attendants.

According to Roskam 11 1997 these requirements give the following equation:

~.

C
:%+a0—0.4-8, (5.12.1)

L(X

For the lift curve slope and necessary lift in cruise flight we have already approximated the
values:
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C,, =589 (5.12.2)
C, r =0.813 (5.12.3)

The twist we have chosen to be &, =-3°.

The ¢, is the angle of attack at zero wing lift; the factor 0.4 bears the contribution of the ta-

pered wing.

Abbot and von Doenhoff 1959 in Theory of Wing Sections quote two approximate methods
for the angle of zero lift. The first method belongs to Pankhurst and has the form indicated in
(5.12.4):

a,_ =Y AU+L)

€= BU+L) (5.12.4)

In the previous formula, U and L represent the upper and lower ordinates of the wing section
in fractions of chord. A and B are constants given in Table 5.8. ¢, is the moment coefficient.

The solution proposed by Pankhurst gives, according to Abbot and Doenhoff, good results
for airfoils for which the mean line ordinates are represented satisfactorily by (U+L)/2. The
method is not suitable for airfoils with large curvatures of the mean line near the tailing edge,
or for thick, highly cambered sections.

The results from paragraph 5.10 pointed to an airfoil similar to NACA 43018 for the root and
NACA 43013 for the tip (see Fig.5.2). The maximum camber for our airfoil is situated at ap-
proximately 25% of the chord and has a value of 0.02806. This implies that the method is
suitable for our design case.

02
e cle _— — A® fr =
i — — Airfoil ATR 72
0:02 ——
T nﬂ;{ _‘--__I T T T T T T T __}T—I—| Airfoil ATR 72
0;2 @ﬁﬁ 0 01 02 03 04 05 06 07 08 09 1t L1 1L ot
Fig. 5.2 Chosen airfoil for the ATR 72 design case, NACA 43018mod

The airfoil data give the following values for the upper and lower ordinates of the wing sec-
tion:



Table 5.8 Values for the constants in equation (5.12.4) (Abbot 1959)
X A B

0 1.45 -0.119
0.025 2.11 -0.156
0.05 1.56 -0.104
0.1 2.41 -0.124
0.2 2.94 -0.074
03 2.88 -0.009
0.4 3.13 0.045
0.5 3.67 0.101
0.6 4.69 0.170
0.7 6.72 0.273
0.8 11.75 0.477
0.9 21.72 0.786
0.95 99.85 3.026

1 -164.90 -4.289
Table 5.9 Upper and lower ordinates of wing section in fractions of chord
X U L

0 0 0

0.025 0.041 -0.027
0.05 0.0656 -0.0315
0.1 0.0849 -0.0398
0.2 0.0998 -0.0434
0.3 0.0993 -0.0451
0.4 0.092 -0.0442
0.5 0.080 -0.0405
0.6 0.0698 -0.0359
0.7 0.0551 -0.028
0.8 0.0363 -0.02044
0.9 0.0148 -0.00795
0.95 0.0098 -0.00461
1 0 0
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When applying (5.12.4) the following results are obtained:

a, =Y AU +L)=200238" =2°

The incidence angle now becomes:

Iy = 0813 +2°-0.4-(-3")=3.338"0 4"
5.89

(5.12.5)

(5.12.6)
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6 High Lift Systems and Maximum Lift Coeffi-
cients

The high lift systems are required in landing and take-off configurations, to ensure higher lift
coefficients. This is achieved by increasing the airfoil camber and the wing area. The high lift
devices also have an influence over the boundary layer: the pressure distribution improves and
the energy of the flow increases.

The high lift devices can be used either for the trailing edge or for the leading edge.

There are different types of flaps, which were used in the history of aircraft development,
from which we can choose (See Table 6.1).

Table 6.1 Airfoils and high lift devices (Howe 2000)
Leading Edge Example Trailing Edge
R T High speed airfoil

@ Advanced subsonic
airfoil

(:_d_’x Variable camber airfoil

Plain flap i-._ X Split flap

Droop nose ::: A Plain flap

Kruger flap ——l Single slotted flap with
C ot spoiler air brake

Vented Kruger flap (/—H ;}:—‘ Double slotted flap

Slat ( ] . Triple slotted flap
=

A

< Fowler flap
—

As we can notice from the table some devices change only the camber (the plain flaps) and
others, more complex, like multi slotted flaps, change also the length of the chord, by increas-
ing it. All these devices occupy, according Howe’s statistics, between 20% and 40% of the
chord and have a maximum angle of 35° to 45°.

However, using slots can create problems by introducing additional drag.
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When choosing our high lift device, we need to know how much the lift coefficient is im-
proved. From the preliminary sizing chapter we already know the necessary lift coefficient for
both landing and take-off:

C

L,max,L
C

L,max, 70

=2.44 (6.1)
=1.952 (6.2)

The statistics proposed by Howe 2000 and Raymer 2006 give data about each device type ef-
fectiveness (See Table 6.2):

Table 6.2 Comparative statistical data of Howe 2000 and Raymer 2006
Howe 2000 Raymer 2006
High lift device Lift Lift High lift device AC max

coeffi | coeffi
cient- | cient-

2D 3D
Basic airfoil-subsonic 1.6 1.5
Basic airfoil-sharp nose 1.0 0.95
Plain trailing edge flap: 20%c 0.8 0.55 | Plain and split 0.9
40%c 1.1 0.75

Split flap (no gap),t/c=0.15; 20%c | 0.9 0.6
40%c | 1.4 0.95

Single slotted flap: 20%c 1.2 0.8 Slotted 1.3
40%c 1.8 1.2

Double-slotted flap: 40%(+26%)c | 2.5 1.65 | Double slotted 1.6¢’/c

Triple slotted flap: 40%c overall | 2.9 1.9 Triple slotted 1.9¢’/c

Fowler flaps: 20%c 1.2 0.8 Fowler 1.3c’/c
40%c 1.8 1.2

Fowler plus split flap: 40%c 2.2 1.45

Plain leading edge flap: 15%c 0.5 0.4

Vented slat: 18%c 1.0 0.85

Kruger flap: 20%c 0.8 0.65

Vented Kruger flap:20%c 1.0 0.85 | Note: ¢’-airfoil chord with

extended flap

As we can see from (6.1), the required lift coefficient is suitable, according to Table 6.2, for a
double slotted flap, which gives a 2.5 lift coefficient. The slats give a high energy flow which
keeps the boundary layer attached, so the lift coefficient increases. A triple slotted flap would
give even more lift, but the flap kinematic becomes too complicated for a not necessary lift
improvement. Also, leading edge devices can be used for further increasing the lift coeffi-
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cient. Another reason is this one: the flaps increase the lift coefficient, but, in the same time,
they tend to give a smaller stall angle; the leading edge flaps increase lift, but also increase the
stall angle. Also, the slats (slotted leading edge flaps) increase both camber and wing area. If
we make up our mind for a double slotted flap, then the slats are no longer necessary; if we
choose a single slatted flap, then a further increase of the lift coefficient would be necessary.
However the implementation process of both slats and flaps would be less efficient than in the
case of using just the double slotted flap (among others, the production and maintenance costs
would grow). The original ATR 72-500 uses also a double slotted flap, without slats.

CL A
Clean
; o
Extending Flaps
Fig. 6.1 Comparison of lift curves in the case of extending flaps with the clean wing (Ray-

mer 2006)

6.1 Maximum Lift Coefficient of the Wing using DATCOM

In the Preliminary Sizing Chapter the lift coefficient in landing configuration was determined
(see relation (6.1)). We can assume that, when taking into account the high lift systems, the
new lift coefficient is 10% larger:

C

L,max

=1.1-C, . =1.1-2.44=2.684
L, LINITIAL SIZING (6 1 . 1)

CL,max,INITIAL SIZING = CL,max,L

The design of the high lift devices has to take into account the necessary trimming of the hori-
zontal tail, due to the pitching moments induced by the flap camber. The factor 1.1 considers
exactly these effects.

The maximum lift coefficient of the clean wing can also be determined with help of
DATCOM 1978:
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C
L,max
CL,max,clean = ( : cL,max,clean + ACL,max (6 1 2)

L,max

The first term of the equation comes from the DATCOM 1978 diagram showed in Fig. 6.2.
The AC, .. is equal to zero for Mach numbers smaller than 0.2, as it is the case in our de-

sign:

Ve o 003197002 (6.1.3)

Ya,  340.294

We have to determine now the lift coefficient of the clean airfoil. We can do this also accord-
ing to DATCOM 19787 diagrams.

= (CL,max )base + Ach,max + A2cL,max + A3cl,max (6 1 4)

CL ,max,clean

In this formula the term Ac, . 18 a correction term which takes into account the position of

the maximum camber, when the maximum camber is situated at 30% of the chord, which is

also very close to our case. We can read the value of A, =0.075 from the diagram in Fig.

CL,max
6.2. For the term A,c, ... we can read the value from the diagram in Fig. 6.3; this is also a
correction factor, but for thicknesses with different values than 30%. As we know from chap-

ter 5, the position of our maximum thickness for the modified NACA airfoil is very close to
30% (it is in fact 27%). The value we can read of the graph is A,c, .. =—0.08.

The termA,c, .. takes into account the influence of Reynolds number, when the Reynolds

number is different from 9-10°.

We can calculate the Reynolds number for the wing using the mean aerodynamic chord as
reference chord (calculated in the previous chapter) and the maximum take-off speed as refer-
ence speed, also obtained in the Preliminary Sizing chapter.

R PVesue _ 0.00237-180.4~2.i345-3.28 _83.10° 6.1.5)
= P 3.737-10

In the formula (6.8) the units are in the American system of units (feet).

The Reynolds number we calculated for the wing has the value of 8.3-10°, which is close
enough of the reference value, so that we can consider this correction term equal to zero.

2 DATCOM comes from Data Compendium and contains ‘handbook methods’ which are used as tools for

initial design steps
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In order to read this diagrams we used the estimation of another parameter, called /eading-
edge sharpness parameter, Ay . For a five digit NACA airfoil, as it is our case, Ay has the

value:
Ay =26.0-(t/c)=26.0-0.14=3.64 (6.1.6)
. CAMBER t:'l cRORD} (b) I ]— -{ ]_ 1_ I I
T.._‘h_ MAX-CAMBER AT MK CHORD
~
M,
5'*""‘ . "\\ g = 1o
o~ N
I <R
| A =
a%
) l
2 L A }
(% cmORD)
Fig. 6.2 Diagram for correction term Ac, ... when camber airfoil and position of maximum
camber are considered (DATCOM 1978)
* u:uxn:mu :}AHLB Ell J\'I'ml-ll'-!lct-lollﬂ-b ] ! ! | ]
POBITION OF
"MAXIMUM THICKNESS
ﬁ:";_ (% CHORD) —
ax .
-ﬁ._\_" -‘#"‘-—‘L )
rRR29 x 10% :.-,
¢ 38
o i 2 : . 5
Oy (% CHORDY .
Fig. 6.3 Diagram for correction term for the position of maximum thickness (DATCOM 1978)

For our airfoil the (¢, ., )y has the value of 1.575, which can be read from the diagram in

Fig. 6.4.

("I-.-)b.--

l-.. l I ——]
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T
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.3 e
PREDOMINANT PREDOMINANT
LEADING-EDGE STALL TRAILING-EDGE
I I L l L STALL
|
t + +
(LONG BUBBLE) (SHORT BUBBLE)
[ 1 | B 1 1 1 1

1
-4 T
-] 1 a 3 L3 L]

Ay (%X CRORD)

Fig. 6.4 Maximum lift coefficient of an airfoil, at 9-10° Reynolds number (DATCOM 1978)
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With these parameters we can set a final value for ¢, .. ., of our airfoil which is given by

the sum:

Cp maxciean = 1-375+0.075-0.08 + 0 =1.57 (6.1.7)

C
The term [ﬂj can be read from Fig. 6.5. The value is: 0.875.

CL ,max

SUBSONIC SPEEDS

Note: Untwisted, constant-airfoil-section wings

1.6
I M=02
14 Ay
A=
1.2 16
 ax .
-
!m 1.0 ﬁ/—q: —-ﬁ
— N
8 —
Qh‘"‘“-._ "'---2.2
6
P [ |
0 10 20 30 40 50 60
Ayp (deg)
Fig. 6.5 Maximum lift of tapered wings with a high aspect ratio in subsonic speeds (DATCOM

1978)

We are now able to give a result from the relation (6.4):

C

L,max,clean

=0.875-1.57+0=1.374 (6.1.8)

If to the value of the parameter from (6.9) we add the flap effect, then we obtain a new value
for the lift coefficient:

C

L,max

= CL,max,c/ean + A(:1L,max,f (6 1 9)

The last parameter from the above formula shows the influence of the flaps on the lift coeffi-
cient and can be determined also according to DATCOM 1978:
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S
ACYL,max,f = AcL,max,f ’ v ‘K (6110)

Again we need firs to estimate the increase of the lift coefficient due to the flaps first for the
airfoil, in order to use it for the entire wing. In this case we need the following:

AcL,max,f = kiky by (AC, 1 )base (6.1.11)

The (Ac; 1 )pese t€rm represents the maximum increase in the lift coefficient due to the flap,

when the flap occupies 25% of the chord. The factors k;, k> and k; represent corrections
brought to the (Ac, .. ) term, when taking into account different parameters from flap an-

gle until kinematics of the flap mechanism. We can already settle the details of our flap de-
sign, due to the fact that it makes sense to choose those flap configurations that bring the cor-
rection factors as close as possible to 1.

The k; factor is different than one if the flaps occupy another value than the value of 25% of
the chord and can be read from Fig. 6.6. According to Howe’s 2000 statistics, a value be-
tween 20 and 40% gives proper effects. Howe’s 2000 supposition are based on statistics. But
we take into account that the design process is iterative; we settle the value of k; to 1, so the
flap occupies 25% of the chord; if the flap surface turns out not to be sufficient, we begin a
new iteration.

1.2 i
AF"‘"'
1.0
.—'"—,’:j
-1 |
8 \g.ﬁ.-’“
K =
&7 2O
S A o
4 ) < >
S7 o |
7"
2 ]
/A
o
0 4 g 12 16 20 24 18 32
FLAP-CHORD (% wing chord)
Fig. 6.6 Flap chord correction factor, k; (DATCOM 1978)

The k; factor is different than 1 if the flap deflection differs from the reference value. For the
2 slotted flap the reference angle is 50°. According to Howe 2000, we can choose a maximum
actual angle of 35°. Again, we make these assumptions having in mind that, if the value is not
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sufficient, a new iteration will be required. From Fig. 6.7 we choose the value of: 0.825, ac-
cordingly with the value of 35° angle.

1.0
l )f-’ -
) AH
S s
61— S A
ks : T'?q
4 A5 OREFERENCE [
& FLAP ANGLE

2

/
o4-

V] 10 20 30 40 50 60
FLAP ANGLE (deg)

Fig. 6.7 Flap angle correction factor; the reference values are marked by dots (DATCOM
1978)

actual flap angle

The ks factor takes care of the flap kinematics. The parameter can have

reference flap angle
0
the value 2? =0.7 (the 50° value comes from Fig. 6.7 and the 35° value we already settled

according to Howe). The value we read from Fig. 6.8 is 0.8.

1.0 T
<<
L 13-‘1"/
.8 o
4&
o
2=
<
‘ /S
k3 SALS
4 s/ /S
S
w - Note:
&n %T I_i .
1l Q 4 Fol: split or
2 .\?;v O&"' i Plﬂlﬂ ﬂap: 7]
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o e | ] |
0 .2 4 .6 -] 10

ACTUAL FLAP ANGLE
REFERENCE FLAP ANGLE

Fig. 6.8 Flap motion correction factor (DATCOM 1978)

The value of (Ac, .\ ). €an also be read from a diagram (see Fig. 6.9). In our design the

case A is suitable, as we chose a double slotted flap, with a NACA 5 digit profile.
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The value is: (Ac; 4 )peee =1.65 for a thickness of 14%, which is the average thickness.

2.0 - P T T T ¥
CURVE FLAPTYPE | AIRFOIL
L8 A BEST 2-SLOT | NACA
5 |{ AVERAGE 2-SLOT_ NACA T
FOWLER ANY j.r" /;,f"' ™
1.6 ¢ H NACA 2:SLOT —NACA 6-SERIES;<1 %
A NACA 1-SLOT ANY _| A A/ -
(Acgmax) base 5 : ANY & VA
p| SpuTaraln | ANy A L/ )4
1.4 % /f 4 /
ALl
1.2 % —
) IS o = e = D/ ]
: =]
‘.."h -“h
3 "ﬂ__ |

0 2 4 & 8 10 12 14 16 18 20
AIRFOIL THICKNESS (% wing chord)
Fig. 6.9 Maximum lift increments for 25% flaps at a reference flap angle (DATCOM 1978)

We can now apply the formula (6.1.11) for calculating the final value for the lift increment
due to flaps:

ACy s = kikky (AC, 1 puse =1-0.825-0.8-1.65 = 1.089 (6.1.12)

After obtaining the term Ac, . . for the airfoil, we have to do the same for the wing. In order

S
to achieve this, we need an approximation for K, and for .1, according to (6.1.10). For
w

the K, parameter, which takes care of the influence of the sweep angle we can either use Fig.

6.10 or the formula (6.1.13):

K, =(1-0.08cos’ py;)-cos’ g, (6.1.13)

.90 ———

Kp - \.

L0

AN

Ka = (1-0.08 cos? Agyq) cos¥A g '\
N

.50

] 10 20 30 40 50 60
“\c'.M (deg)

Fig. 6.10 Correction factor that takes the sweep into account (DATCOM 1978)
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In our design we considered a very small sweep angle, due to the fact that our regional aircraft
flies at lower speeds. The sweep angle is 3% for this reason we can make the assumption

thatcos3’ ~1. In this case, when using the formula, the value of K 0 becomes:

K,=1-0.08=0.92.

Sy

For estimating —~ we need first to define S,, , . For that see Fig. 6.8:
w
1/2 8,
(e Inboard Cutboard
Flap Flap
Fig. 6.8 Definition of S, , (Scholz 2008)

The approximate formula for 1/2S,, , should have this form:

Sy =Sy —Sy.—d, ¢ (6.1.14)

,a r

where §), , is the surface of the wing which corresponds to the ailerons length, the dyis the di-

ameter of the fuselage and the ¢, is the root chord.

We assume that the ailerons occupy a length of 25% of the semispan; an approximate area
would be given by:

Sya= 2-(0.25%)(1.2-@) = 2.[0.25~¥'1.2-1.556] =2-6.376=12.752m>(6.1.15)

We have now a final value for S, -

Sy, =Sy —Sy.—d, ¢, =62.187-2-6376-2.77-2.626=42.178m>  (6.1.16)

J

We can now apply formula (6.1.10) for estimating the maximum increase of the lift coeffi-
cient of the wing, which takes into account the influence of the flaps:



90

S 42.178
AC, =Ac, DM g Z1.089.
L,max, f L,max, f S @ 62 187

w

:0.92 =0.679 (6.1.17)

The maximum lift coefficient of the wing is obtained when we add to the lift coefficient of the
clean wing the increase of the lift due to the flaps, according to (6.1.9):

C

L,max

=C

L,max,clean

+AC

L,max, f

(6.1.18)

The value we obtain is:

C

Lomax = 1.374+0.679=2.053 (6.1.19)
At the beginning of the chapter we assumed that the required lift coefficient, which has to be
insured by the wing and flap geometry, should be 10% greater than the value from the pre-
liminary sizing of the aircraft (see relation (6.1.1)). The increase of 10% is due to the fact that
in landing and take-off conditions, the pitching moment induced by the flaps influences the
empennage; the reaction of the tail has to be counteracted with a sufficient amount of lift.

From the total increase of lift due to the flap, only 95% is used, because the use of the flaps
brings the necessity of trimming the aircraft, and therefore negative lift is created.
The parameters of the high lift system have to satisfy the next relation:

095 ' ACjL,max,f 2 CL,max - CL,maX,clean (6 1 20)

0.645=0.95-0.679>2.684—-1.374=1.31 (6.1.21)

6.2 Conclusions and Corrections

As we can see, the relation (6.1.21) is not valid; the lift provided by the lift system is not suf-
ficient to fulfill the lift requirements, necessary to insure the coherency of the parameters from
the preliminary sizing. However the process of designing is an iterative one.

To provide sufficient lift, an alternative is to introduce leading edge flaps or leading edge slot-
ted flaps (or slats).

The slots are fixed slats placed in front of the wing’s leading edge. By increasing the curva-
ture of the top of the airfoil, the increase of the lift coefficient should be sufficient for the lift
requirements in our design case. It is also possible to increase the wing area, by using slats or
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slotted leading edge flaps. This increases lift even more and also a higher stall angle is possi-
ble.

The increase in the maximum lift coefficient due to the slats or flaps on the leading edge is
given by:

cv
AcL,max,s = cl,&,maxnmaxnﬁé‘f ; (62 1)

The first term from the formula is the theoretically maximum flap efficiency, given in Fig.
6.9. The 7, is an empirical factor that accounts for the parameter leading edge radius over

relative thickness,

. The n,is also an empirical factor that takes into account the actual
t/c

angle of deflection compared to the reference angle of deflection. &, is the angle of deflection

of the slat or leading edge flap and € is the ratio of the chord with deflection and the chord
c

without deflection.

According to Howe 2000 a plain leading edge slat gives an increment of (.5 in lift coefficient;
this value is not sufficient. Raymer 2006 shares the opinion that slotted leading edge flaps
(slats) are more suitable for both low and high speed aircrafts; the AC, . for slats has a value

max

of 0.4¢ /c.They prevent premature airflow separation due to the flaps and delay the stall. We
choose accordingly a leading edge slotted flap.

2.8

NOSE FLAP-CHORD RATIO, ¢/fc

Fig. 6.9 Theoretical maximum flap effectiveness (DATCOM 1978)

For this type of leading edge high lift devices Howe appreciates a statistical value of 16% to
20% for the nose flap chord ratio ¢, /c . For a value of 20% we can read the value of 1.6 for

the Cl 5 max -
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The next term, 77, , can be read from Fig. 6.10:

2.0

%
/ N

Mmex

\
ﬁ/

! AN

04 08 A2 B -} .20

LEADING-EDGE RADIUS /THICKNESS RATIO, e

R
(Scholz 2008)

Fig. 6.10 Empirical factor accounting for

The leading edge radius has an approximate value of: LER =0.07 (from Fig.5.2); this gives:

LER _0.07

e " o1a 0.5 that allows us to read the value of: 7,, =1.2 for the empiric factor.
t/c .

An usual deflection angle for the slats is 30° (Howe 2000); a smaller value of 25° is suitable
for our design.. We can now read the value of the factor 7, from Fig. 6.11: 1, =0.78.

For estimating ¢ /¢ a simple geometric problem must be solved by applying Pitagora theo-
rem in a triangle with one angle of 90° and one angle of 30°. This gives:

.
” =1+4/cf2 —(c,/2)* = 1+\/0.22 —(0.2/2)* =1.173 (6.2.2)

LN
N

My

/)
>l

O REFERENCE
ANGLE
<
0
10 20 30 40 50
DEFLECTION ANGLE, 3¢ (deg)
Fig. 6.11 Empirical factor accounting for the real deflection factor in contrast to the reference

angle (DATCOM 1978)
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We can now obtain the increase of the lift coefficient of the airfoil due to the slats:

AC, oy =1.6-1.2:0.78-25° - 7/180°-1.173 = 0.766 (6.2.3)

For the entire wing we need to make other assumptions. According to Raymer 2006 the slats
give the following lift increment for the wing:

AC

L,max,s

Sy
=AC; s SW’° -COS Py, (6.2.4)

w

W.,s

In this formula, the represents the area ratio for the slats; if we assume the slats occupy-

w
ing the same length from the wing span as the flaps, then this ratio is equal to the one obtained
in (6.1.15) and (6.1.16). If this proves not to be necessary, we make a new iteration and in-
crease the surface, so that the lift increases.

Sy, 42.178
S,  62.187

=0.678 (6.2.5)

The subscript H,L comes from hinge line; we can assume the sweep angle ¢, , is small so

that we can approximate cos¢, , [J 1.

Finally we obtain:

AC

L,max,s

=0.766-0.678-1=0.519 (6.2.6)

This lift increment is again not sufficient to satisfy the relation (6.1.20), which means we have
to increase the available area for the slats, also in front of the ailerons. We can assume that the
slats should occupy 80% of the semispan; this gives an increase in the lift coefficient due to
the slats:

AC

L,max,s

=0.766-0.8-1=0.613 (6.2.7)

We are now ready to test our design, by using (6.1.20). the maximum lift coefficient of the
wing has now the value:

C

L,max

=C

L,max,clean

+AC

L,max, [

+AC

L,max,s

=1.374+0.679+0.613 =2.666 (6.2.8)
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>C

max, / — ~L,max

95-A -
O 95 CL, CL,max,clean (629)

0.95-0.679+0.613=1.258>1.31=2.684—-1.374

The relation is still not valid, but it is very close to being fulfilled. This means that our design
of the high lift system can face the requirements; an explanation for which the relation has a
small error is related to the method applied, which uses rough safety margins.
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7 Empennage general design

This chapter provides a general view over the empennage configuration; a more detailed ap-
proach will be provided in chapter 9.

The main function of the empennage is that both vertical and horizontal tailplane create forces
which create moments around the vertical axis (yaw) and, respectively, around the lateral axis
(pitch). As a consequence the empennages ensure the stability and control of the aircraft and
also the trimming.

The certification regulations (CS 25.171 to CS 25.181) refer at the stability as the ability of
the aircraft to return to its original flying position when a disturbance interferes.

The controllability of the aircraft also has to satisfy the requirements (according to CS 25.143
to CS 25.149) in all critical flight states.

For the shape of the aircraft we choose a conventional tail as it gives several advantages like
the downwash of the wing is relatively large in the area of the horizontal tailplane and also it
allows a larger height of the vertical tailplane.

There are design rules which should be respected in order for the design to be accordingly to
the requirements (see next table).

Table 7.1 Design rules (Scholz 2008)
Item Design rule Effect if the rule is not applied
a) | Position of the horizon- | Not to lie in slipstream | structure fatigue due to tail buffeting
tal tailplane the tail buffeting gives noise in the
cabin
when changing engine performance
the trimming changes considerable
b) | Lever arm As large as possible the area increases, so the weight and
drag increases
c) | Aspect ratio of the hori- | About half the aspect
zontal tail plane ratio of the wing
d) | Critical Mach number 0.05 higher than y; of | the efficiency of the tail assembly will
the wing be not guaranteed at high speed
e) | Sweep of the horizontal | 5° larger than the | the tail would stall early (in the same
tailplane sweep of the wing, as a | time with the wing)
consequence of d)
f) | Sweep of the vertical | 35° to 55° for high | a larger sweep increases stall angle,
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tailplane speeds and less than | but decreases the max lift coefficient
20° for low speeds
g) | Airfoils Symmetrical for verti- | If an asymmetrical is chosen it would
cal tailplanes not be able to give negative lift, as re-

Symmetrical with 9% | quired for control and stability
to 12% relative thick-
ness for horizontal tail-
plane

h) | Left and right elevators | Have to be connected The tendency to flutter increases
The advantage of joint actuation is lost

1) | Dihedral angle So that the empennage
is positioned outside
the engine slipstream

j) | Incidence angle 2°-3°downwards to cre-
ate negative lift, when
the horizontal tail is
fixed

According to this table we can now mention some design parameters, as follows:

The aspect ratio of the horizontal tailplane: 4, =0.54,=0.5-12=6
The aspect ratio of the vertical tailplane: 4, =1.3—2; we choose the value of 4, =1.6

The taper ratio of the horizontal and vertical tailplane: 4 =0.3—0.6; we choose the fol-
loweing values:

e 7.1
A, =06 (7.1

The sweep angle of the horizontal tailplane: ¢, =5° +3° =8’

The sweep angle of the vertical tailplane: ¢, =25’

The dihedral angle for the horizontal tailplane is, according to Roskam 11 1997, between -15°
and 0° and for the vertical tailplane between 75° and 90°. we choose the following values:

v, =80
VH o (7.2)
" =

The incidence angle for both horizontal and vertical tailplane can have a sufficient value of 0°
(Roskam 11 1997).

The airfoil for the horizontal tailplane should be symmetrical, with a lower thickness ratio as
the wing; the same hypothesis is valid for the vertical tailplane; we choose accordingly, from
Abbot 1959 the next airfoils:
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Table 7.2 Airfoils of the horizontal and vertical tailplane (Abbot 1959)
Horizontal tailplane: NACA 0009 Vertical tailplane: NACA 0012
E 1 o } 8 I M B I L.___ BT 1m
\\ ’,f SR e R P e o phyzo
o 7 e a—T

Another important parameter for our design is the tail volume. This parameter is defined by
means of the horizontal or vertical tailplane area multiplied by the lever arm of the horizontal,
respectively vertical tailplane. The tail volume coefficient is defined as follows:

C, :M (7.3)
Sy Cuuac
c, =Sl (7.4)
S, b

The lever arms are defined as the distance between the aerodynamic centers of the wing and
horizontal, respectively vertical taiplane. Instead of the coordinates of the aerodynamic cen-
ters, the 25% point on the mean aerodynamic chord can be used in aircraft design. However,
the lever arms can be only approximated when the position of the wing is fixed; this will be
established in the next chapter.

At the moment, we can estimate the lever arms positions, according to Raymer 2006, so that
we can obtain the tailplanes areas and, correspondingly, the wing spans.

Raymer 2006 estimates from his statistics, that an average position for /,, and [, is situated,

for an aircraft configuration with the engines on the wing, at about 50% to 55% of fuselage
length. This gives the following values:

I, =1, =50%-27.13=13.565m (7.5)
The values for the tail volume coefficients are given by Raymer 2006 from statistics only for
jets. For the regional turboprops we have to make out own statistic. When including the origi-

nal ATR 72 and other turboprops like Fairchild Dornier 328, we find a little higher values:

C, =1.05 (7.6)
C, =0.119 (7.7)

We can now estimate the areas of both horizontal and vertical tailplanes:
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Cy-SyCune  1.05-62.187-2.2345

S = =10.756m" 7.8
4 » 13.565 " 7.8)
5, = CySy-b_0.119-62.187:27.32 o0\ (7.9)
I, 13.565
The wing spans are accordingly:
b, =4, S, =+6:10.756 =8.033m (7.10)
b, =\/4,-S, =1.6:14.904 = 4.883m (7.11)

The elevator and rudder can be considered as plain flaps. Elevators are usually deflected
downwards between 15° and 25° and upwards between 25° and 35° (Scholz 2008). For the
rudder a maximum deflection of 25° to 35° is a usually value.

The chord occupies approximately 25% to 40% of the chord of the tail (either horizontal or
vertical).
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8 Prediction of Mass and CG-Location

The purpose of the aircraft is to carry payload. Therefore the other design weights have to be
correspondingly sized so that the mission of the aircraft can be fulfilled. In a preliminary
phase of a design it is recommended to use empirical or semi empirical methods to calculate
the weight breakdown; a next step would be to perform a check by confronting with statistics
and afterwards get into details and use a design based method, which considers loads, geome-
try and sizing in a optimal manner.

The methods less precise are the Class I Methods, and the ones which account for more de-
tails are the Class II Methods.

8.1 Class I Method for Weight Estimation and Weight Break-
down (Raymer 2006)

A typical weight breakdown is shown in the next figure, which was presented at the Aircraft
Design Short Course Mai 2008, by Trahmer 2008:

maximum take off weight

MTOW

design weights
maximum landing weight = fixed for certification

MZFW

O ERT TG B o 3 ximum zero fuel weight - _
operating weight empty

- OWE
operator items MWE
equipment | Turishing Josanufacturers weight empty
systems
empty propulsion fuel system empty weight
weight engines = depending on
pylons design and
landing gear selected options
structure empenage
fuselage
wing
Fig. 8.1 Weight Break Down (Trahmer 2008)

Raymer 2006 divides in a similar way the main components of the weight break down. His
method accounts for wetted and exposed areas multiplied by a factor in order to predict the

mass for each component.

We first need to estimate the exposed area of the wing, empennage and wetted area of the fu-
selage. According to Raymer 2006 the next formulas are valid:
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¢ —c d
Sexposed,W :2'(SW _SW,F) = Z(SW —|:Cr —’—k._F:|.dF]

4
Vi (8.1.1)
S osed i =2+ 62.187—|2.626 - 2.626-2.626 2.7 -2.77 |=109.83m"
e 4.73 4
Seposed.aait =2 (S +8,)=2-(8.195+8.767) = 33.924m’ (8.1.2)
2 2/3 1
Swel’F:ﬂ..dF.lF.[l_Zj [1+ﬂ_F2J
A-=1./d, =9.794 (8.1.3)
SwetF=ﬂ2772713(l_L)(l+ ! 2j=204858m2
’ 9.794 9.794
For the engine weight estimation Raymer 2006 proves to be not accurate enough:
1.1
. = 0.1448 ( T ) ey
g \2 (8.1.4)
P-n
Lo ==~
m 0.1448 (2051-0.6454) ouss _ 395.293kg 8.15)
8 9.8 2-54.12
Roskam V 1997 makes a different estimation:
My gos = 0.4535hp*”"" =0.453-2051"" = 457.142kg (8.1.6)

According to the data in Jane’s for the PW 127F the weight is 481 kg; we can use this infor-
mation to perform a check of our estimation. Accordingly, the Roskam V 1997 method is
more suitable.

We can now insert our data into Raymer 2006’s mass prognoses, as it is showed in Table 8.1.

Table 8.1 Weight estimations on Raymer 2006’s Class | method

Factor Reference parameter[mz] Mass [kg]
Wing 49 S posedw =109.83 5381.472
Fuselage 24 S e r = 204.858 4916.581
Empennage 27 S eposed ait = 33-924 915.948
Nose gear 0.006 Myro = 23296.272 139.778
Main gear 0.037 Mo = 23296.272 861.962
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Structure -

Power plant 1.3 m, =457.142 594.282
Systems&items | 0.17 My =23296.272 3960.366

Mog - - > =16770.389

With the result from Table 8.1 a new maximum take-off mass can be estimated by using the
values for maximum payload and maximum fuel from Preliminary Sizing chapter:

mp, =6650kg
m, =3414.398kg

My = My + M, +m,, =16770+3414.398+ 6650 = 26844.941kg (8.1.8)

(8.1.7)

Because the maximum operating empty weight came out larger than in the Preliminary Sizing
chapter, correspondingly, the maximum take-off weight is larger.

8.2 Class Il Method for Weight Estimation and Weight Break-
down (Torenbeek 1986)

The Class II method proposed by Torenbeek 1986 has a higher degree of accuracy and uses
equations for estimating each component mass; the data are extracted from a large number of
publications, especially from the International Society of Allied Weight Engineers. The proc-
ess 1s an iterative one, so the calculations will be produced with the help of EXCEL.

Wing mass, m,,

The equation for estimating the wing mass has the following form, for the category of air-
crafts with a m,,, >5700kg :

b b / 0.30
v —6.67-107 57| 1+ /—f -nu,,°<55-(—5 L j (8.2.1)
mMZF bs mMZF /SW

The parameters used in the equation have the following meaning:
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Table 8.2 Necessary parameters for estimating wing mass
Parameter Value Observations
b, 1.905m It is an input pa-
rameter necessary
for calculations
?s, 4150=25 1=-1 Necessary for esti-
tan @s, = tan g, "4l 100 142 mating the struc-
_ tural span
tan oy, = tan(3" - ﬂo)_i 25 1-0.5927 0,033
180 121100 1+0.5927
Psp = 2°
bs’ structural | p — b 27.32 ~ 27.32 27 39m

* T cos gy, B cos(2”-7/180") 1

span

My, ny, =2.5 For aircrafts with
My = 22680

M yltimate | M ® 1.5-n, =15-25=3.75 According to JAR

load factor

25.337

L airfoil

thickness, root

t =0.18

From wing design

m .
MZF - maxi-

mum zero fuel
mass

m,,,. =19881.874kg

From Preliminary
Sizing chapter

Sy o
, wing area

S, =62.187m’

My maxi- | Mro = 23296.272kg From Preliminary
mum take-off Sizing chapter
mass

When applying the data from Table 8.2, the following results are obtained:

my,

=0.166

My

This gives a wing mass of:

(8.2.2)

(8.2.3)

m,, =0.16536-m,,,, =0.166-19881.9 = 3309.432kg

To this value some corrections are made:

+2% taking into account the spoilers;
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-5% if 2 engines are fixed on the wing and
-5% if the landing gear is not fixed on the wing.

This gives a final value of:

my, = my, +2%m,, —5%m,, —5%m,, =m, (1—0.08) = 3045kg (8.2.4)

Fuselage mass, m,

In order to proceed with the calculations we have to evaluate the dive speed of the aircraft.
According to JAR 25.335 V) can be estimated from M) which has a value with 0.05 to 0.09
greater than M. All the design speeds are equivalent airspeeds (JAR 23.335). This gives the
following:

Vias =Vias \/;
oc=p/p, (8.2.5)
V,=M,-a

The Mp has a value of: M, =M _+0.09=0.53. The speed of sound at the cruise altitude of

17000 ft is: a=319.789m/s and the sigma for the same altitude is: o =0.589. This gives a
value for the dive speed of V,, =130.076m /s .

The formula for estimating the fuselage weight, according to Torenbeek 1986, for aircrafts
with a dive speed greater than 250kts or 128.6m/s is:

m, =0.23- /VD .L-SF e (8.2.6)
W + h,. ’

The Iy is the lever arm of the horizontal tailplane which was estimated in chapter 7:
[, =13.565m . The wr and hr are the fuselage width and height; they can be approximated

with the fuselage diameter, estimated in chapter 4: d,. =2.77m .

We now need to estimate the wetted area of the fuselage; the data required for this operation
are calculated in the fuselage design chapter:

d. -«

S b +(dp 12 SE v d o Lo +(d,. 12)? -dFT'” = 184.593m> (8.2.7)

wet, F

The final value for the fuselage mass is: m, =2323.432kg .
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Horizontal tailplane, m,, and Vertical tailplane, m,

For an aircraft with a diving speed greater than 250kts the next formulas are valid:

mo—ko -S| 62— Su Vo 55
o 1000,/cos ¢, 5, .
SVO'z‘VD

=25
1000,/cos @, s, ]

mV—kV-SV-{62-

(8.2.8)

The necessary values for applying the formula have been estimated in the previous chapter.

More details are included in the next table:

Table 8.3 Parameters necessary to evaluate the empennage mass
Parameter Value Observations
k,, factor accounting | k, =1.1 This value is applicable

for the elevator

for trimmed elevator

k, ,factor

for the rudder

accounting

K, =140.15. 202 )

v Yy

b, , span of the vertical

tail

b, =3.745

P 50 and (DV,50, sweep

angle at 50% of the
chord

¢H,25 = 80; ¢V,25 = 250
Prso = 6.917" = 7°; Dys0 = 24.088° =~ 24°

Values are obtained
when applying the same
formula from previous

table

Sis SV, areas of the

tailplane

S, =10.756m’
S, =14.904m’

As in the

general design of the

estimated

cmocnnage

The results are:

Landing gear mass, m,

m,, =124.445kg
m, =178.607kg

The equation for this approximation is indicated in (8.2.10).

(8.2.9)

. 3/4 3/2
Mgy OTL MGy = ki (Ao + B My +Crg My + Dy =My (8.2.10)
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Torenbeek 1986 gives the values for the 4, B, C, D coefficients for the nose and main gear,
as it is shown in the next table.

The landing gear mass is composed out of the nose gear mass and main gear mass:

Mg =mgy+mg, (8.2.11)
Table 8.4 Coefficients used for landing gear mass calculation
Gear type Gear component | Arg Big Cig Dig
Retractable gear | Main gear 18.1 0.131 |[0.019 2.23.107
Nose gear 9.1 0.082 |- 2.97-10°

The value of the k; constant is /. The results are:

m,; v =174.285kg

(8.2.12)
myg,, =7187.044kg
The total mass of the landing gear is given by (8.2.11):
m,; =174.285+787.044 =961.329kg (8.2.13)

Nacelle mass, m,

Torenbeek 1986 gives an estimative formula only for the turbofans. The nacelle of a turbofan
is yet heavier than for a turboprop, due to the required geometry for sustaining the double
flow; the cowl of a turboprop only covers the engine and does not require additional surfaces.
Therefore we minimize the factor from the formula accordingly:

m, =0.0485-T,, / g = 0.0485 -5—:(’; (8.2.14)

For the take-off configuration, using the propeller efficiency and the power correspondingly,
the result is:

m, =0.0485- 4102000-0.64545 _, 1) 65ke (8.2.15)

54.12-9.81

Installed Engine mass, m,,,,

The formula is:
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mE,inst = kE .kthr .nE 'mE (8216)

The m, mass is the mass of the engine, without auxiliary components, necessary for the inte-

gration of the engine. For our case, the weight of the engine is 481kg.
The values of the constants are:

k, =1.35 for propeller driven aircrafts, with more than one engine and
k,, =1.18 which accounts for the reverse thrust of the turboprop

n, is the number of engines, which is 2

The results are:

my ., =1.35-1.18-2-481=1532.46kg (8.2.17)

Mass of the systems, mg,,

The estimative equation, according to Torenbeek 1986, is:

Mgyg = kEQUIP My +0.768 -k 'mMTOZ/3 (8.2.18)

The values of the constants are:

kpoup =0.11 for a twin engine propeller driven aircraft

k., =0.88 for the transport aircraft form the ATR class, taking into account the actuation

way of the surface controls.
This gives a value of:

mg, =3113.842kg (8.2.19)

Another mass should be added to our chart which takes into account the weight of the seats
and also other extra weights which were not included in our break down. An average value for
each seat weight is 15 kg. This gives:

m, =n,_-m =70-15=1050kg (8.2.20)

sup pax seat ,extra

In order to check the assumptions a new total operating mass is calculated:
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Mop =My, + My + My +my, +my g +my +my o +mge+mg, =12833.62kg  (8.2.21)

The maximum take-off weight becomes:

Myro = mMPjL\;_—MOE (8.2.21)
v/

The maximum payload comes from the number of passengers and we have the value of

m,,, =6650kg from the Preliminary Sizing chapter. The fuel fraction was also calculated in
this chapter and has the value of: M, =0.853. The resulting maximum take-off weight

is:m, ;, = 22841.29%g .

These values are very close to the value from Chapter 5, so no other iteration is required.

8.3  Center of Gravity Calculation

For the landing gear, nose gear and main gear the center of gravity is given by their position
on the aircraft. Until now the position was not fixed in our design, but a first estimation can be
made while having in mind other aircrafts as an example.

For the systems and equipments we can use the approximation of 40% to 50% of the length of
the fuselage for the position of the CG. For propeller driven aircrafts with the engines on the
wing, the percentage is a little lower, according to Fig. 8.2: between 38% and 40%.

The position of the CG, while taking into account all the components and their weight, can be
approximated with the next formula:

Xee = ZZm;MXI (8.3.1)

In order to check how the weight increase of one of the components m; influences the position
of the center of gravity we have to apply the next formula:

(8.3.2)
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A similar situation, when a component moves its position, has to be verified, in order to un-
derstand how the center of gravity moves:

Axeg = Ax; T (8.3.2)
Am,

Another aspect which has to be taken into account is the position of the wing towards the fu-
selage, so that the center of gravity has the right position. By now we designed the wing, but
did not make any assumptions about its exact location. In order to achieve this, Scholz 2008
proposes the next method: first we divide the weights into two major components: the fuse-
lage group (containing the fuselage, the empennage and the systems) and the wing group
(which considers the wing, the landing gear and the engines). Next a calculation of the mo-
ment towards the leading edge of the mean aerodynamic chord is required:

(myg +mpg)- Xca,Lemac = Mye " Xwo remac T Meg “(Xpe = X1epac) (8.3.3)

For the distance between the LE from the mean aerodynamic chord position until the CG of
the airplane can be assumed to be: x5 = 0.25-¢,,, - This gives the following:
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FG

(8.3.4)

For the calculations we use a scaled drawing of the aircraft for which we use Fig. 8.2. The re-

sults are included in the next table, separately for each group:

Table 8.5 Estimation of the CG for the mass of the wing group
Massgroup-Wing | Mass [kg] CG [m] Mass-CG [kg'm]
Wing 3309.432 0.4-2.2345+dcpn=12.24 40507.4477
Main Gear 787.044 12.429 9782.1698
Engines 1532.466 10.12 15508.5559
Nacelle 241.865 10.12 1665.4282
My > =5870.807 - D =68245.85
Z m; - X,

Estimation of CG | "¢ =—Z’" 11.625
Table 8.6 Estimation of the CG for the mass of the fuselage group
Massgroup-Fuselage | Mass [kg] CG [m] Mass-CGlkg'm]
Fuselage 3373.612° 0.39-:27.13=10.58 35692.815
Vertical Tail 178.607 0.42.839+dy.pn=23.99 | 4393.7322
Horizntal Tail 124.445 0.4:1.389+dp.p"=25.95 | 3229.3477
Nose Gear 172.285 1.75 301.4987
Systems 3113.865 11.5 35809.447
Mg > =6962.814 |- D =79317.89

z m - x, 11.392
Estimation of CG | ¢ = Sm,

For estimating the position of the CG for the horizontal and vertical tail (according to Fig.
8.2) we needed first to estimate the mean aerodynamic chord. If we approximate the tails as

being simple tapered wings, then we can use the same formulas as we used in chapter 5. The

results are:

This distance is the distance between the leading edge of the mean aerodynamic chord and the fuselage

nose, where we settled the origin of the reference system and has the value of dc ;n=10.9m

value dv_FN:22.86m

value dH,Fszs .394m

The fuselage mass contains the supplementary mass from eq. (8.2.20)
This distance is the same distance as specified in the first footnote, but for the vertical tail and has the

This distance is the same distance as specified in the first footnote, but for the horizontal tail and has the
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2 1+0.6+0.6
c =2.3476—" """ —2.839m 8.3.5
MACY 3 1+0.6 ( )

2
2 | 707, 1406406

c =2.1.70 ~1.389m 8.3.6
MACH = 3 1+0.6 ( )

As we underlined earlier, we need to determinate the position of the wing by finding the value

Of ‘xLEMAC :

Xwe = Xremac T Xwa, LEmac (8.3.7)

Until now we have estimated the position of the CG of the fuselage and wing group relative to
the origin of the reference system, positioned at the nose of the aircraft.

The process is iterative. The first estimation is an assumption of x,,,,,. =10.9m of the dis-

tance between the leading edge of the mean aerodynamic chord and nose of the fuselage. This
assumption comes from statistics (see Fig. 8.2) and was used to already estimate the position
of the CG of the wing, with the approximation of 0.4cmac. Having this value we can deter-
mine the X6, pyc

Xy 1omic = Xne = Xipme =12.24-10.9 = 1.34m (8.3.8)

We can now apply the formula (8.3.4), considering the value of 25%cmac for the xc¢ ;pc
which becomes: x. ;0 =0.25-2.2345=0.5586m . This gives the new value for the distance

between the fuselage nose and the leading edge of the wing:

X, i = 10.9—0.5586+m(1.34—0.5586) =10.99=11m (8.3.9)

6962.814
The center of gravity of the whole aircraft is given by:

Xeo = Xeg romme + Xupuse = 0.5586+11=11.5586m (8.3.10)

According to Roskam 11 1997, the range of the CG location for a regional turboprop is be-
tween 0.14 and 0.27 cyac. We can calculate this range according to Roskam 11 1997:

X6 most.fiwd = XcG -0.5-0.27-¢,,,c =11.25m (8.3.11)
XcGmostan = Xcg T0.5-0.27-¢,,- =11.86m (8.3.12)
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9  Empennage Sizing

In the first approach (chapter 7) a general view over the main parameters of the empennage
was required in order to have rough estimations for the surfaces so to estimate the center of
gravity. A more detailed dimensioning, taking into account control and stability requirements,
is now needed.

9.1 Horizontal Tailplane Sizing

9.1.1 Sizing According to Control Requirement

By writing the moment equation around the lateral axis, in the center of gravity, we obtain the

following equation:

Meog=My +Ly Xegye+Mp+Mp+My =Ly -(ly =X 40)+ My 9.1.1)
A
L, 1,
xcg—ac-_ }__
CG
z M,
73 1 MW >
AC  x T «f -
= AC
AC: Aerodynamic Center
. . CG: Center of Gravity
In general L, is negative. vm-g

The aircraft above has a negative z..
In the case of a Canard, /,, becomes negative.
If the CG is in front of the AC, x,... becomes negative

Fig. 9.1 Forces, moments and lever arms to calculate pitching moment (Scholz 2008)

The significance of the parameters is shown in the above Figure, where AC is the aerody-
namic center of the wing.

The term My is the pitching moment of the fuselage, neglectable for the control requirement.
The term Mg is the pitching moment through the engines which is caused due to the fact that
the thrust does not go directly through the center of gravity or the flow makes an angle with
the propeller shaft; other reasons are changes caused in the lift of the wing or in the dynamic
pressure or the change in the angle of attack of the horizontal taiplane. My, the moment due to
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the nacelles, will not be taken into account. Also the My is not considered, because the hori-
zontal tailplane gives a relatively small moment around the lateral axis.

When simplifying, the equation becomes:
Moo =My + Ly - Xcg_ye +T2p =Ly -(ly = Xeo_ac) 9.1.2)
For the lift of the horizontal tailplane and wing, the known formulas are valid:

L, = q-S
vooTEm (9.1.3)
Ly=Cy-q-Sy
From the stability and control requirements, we know that the empennage has to generate
negative lift. It makes sense to define the dynamic pressure ratio, which is smaller than one:

n, =2 (9.1.4)
q

The expression of the pitching moment of the wing and around the CG is:

My, =Cy - q-Sy - Cruc (9.1.5)
MG =Cy 69 Sce * Couc
For the engine, when writing the moment, we have to take into account that the wing is high,
the engines are integrated into the wing, and therefore the zx distance is positive:

‘P,
ME:CM,E'C]'SW'CMACZ_T'ZE:_mTS'ZE (9.1.6)

We have to have in mind that the turboprop engines have power as output, instead as thrust.
The flight phase we have to consider when we proceed with the calculations has to be a criti-
cal one for our configuration. The case we consider critical, accounting for the fact that the
engines are situated above the center of gravity (zz>0), is: missed approach, maximum flap

position, foremost center of gravity position, for which the propeller efficiency, speed and

power settings are known.

If writing the expression of the total lift of the aircraft, as a sum between the lift generated by
the wing and the lift generated by the empennage, and extracting correspondingly the moment
coefficients, when inserting in equation (9.1.1) we obtain the following:
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SH

CM,CG “Coyuc = CM,W “Cruc T CL,W “Xegoac T CM,E “Coapac ~ M 'S_'CL,H Ly = Xcg_4c)(9-1.7)
w

If dividing by cuuc and changing the notation with: x., ,. =—<“4< we obtain a simpler
MAC
equation, which can be further transformed by inserting the expression of the C;, y from the

total lift and by writing the equilibrium equation: Mcs=0. This gives:

S /
0=C, +CL.xCG*AC+CM,E_CL,H'?7H'S_H' H
w Cumac

(9.1.8)

We can now notice that the area of the horizontal tailplane depends on the CG position of the

wing linearly:

Sy 1Sy, =a-x.5_ 40 +b (9.1.9)
c, ,+C
where the a and b constants are: g = G and b= LMIE
CL,H My CL,H My
Cymac Chrac

Calculating parameters for control requirement

All the parameters from equation (9.1.9) have to be determined in order to plot the control
line, which represents a border for the empennage sizing.

Cyr will have a negative value:

-1.97 '0.73-4102-103

C,, = : =-02529  (9.1.10)
£ 1/2.1.225-64.95%62.187-2.2345 64.95

In this calculation we considered the efficiency and power in cruise flight.

ny has a value between 0.85 and 0.9; the typical value is 0.9.
C,u for calculating this parameter unknown data is required, such as the incidence

angle of the horizontal tailplane. We establish the value of -0.5, accounting also
for stall, due to simplicity reasons.

AC the aerodynamic center for wings with A>5 and ¢,5<35° is equal with the aerody-
namic center of the airfoil, which is roughly 0.25%cwmac.

C,u the lift coefficients can be calculated from relation (9.1.11):
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C,=C,  nlati,—a,)
LW LaWw 'W [N/ (9111)
Cou=Cran (a+iy—¢e— aO,H)
In these formulas the & represents the downwash angle caused by the wing and the ¢, is the

zero lift angle of attack.

A
Qg =0ty + % ‘g, (9.1.12)
g[

The lift coefficient for the wing, however, was already estimated in the Preliminary Sizing
Chapter, under the conditions of missed approach, and has the value of: C, , =1.44.

XeG_ac we have to consider the foremost position of the center of gravity, which is

situated at 14% of the mean aerodynamic chord. In the same time the aerodyna-

mic center is situated at 25% of the chord, which gives a value of 11% for x.;_,.,

representing 0.2457 meters.

Cuw is the last value we need to estimate and for achieving this we make use of

DATCOM methods; the value will be negative and increases if the flaps are
extended.

The pitching moment of the wing according to DATCOM 1978 has the following expression:

. COS> A
CM’W = |:CM»O,ﬂaped ) A-cos” @, +( Cn0 },gt:l.m (9.1.13)

A+cos g, & (€00

The terms are explained below:

Ac . o . . .
( 0 j is the change to the pitching moment coefficient with respect to the aerodynamic

¢

center per degree of linear wing twist; we can read the value of -0.001 from
Fig. 9.2 for the aspect ratio of 12 and the taper ratio of 0.5; the value is very small,
due to the very small sweep angle of the wing.
c
% is the Mach number influence; due to the fact that, in the case of missed approach,
Con0) M=o
the Mach number is below 0.2, this term is equal to 1.
Ciroapea 18 the pitching moment of the airfoil at the aerodynamic center when the flaps are
extended; for calculating this coefficient, we need the DATCOM 1978 assump-
tions:

CM,O,ﬂaped = CM,O +ACM (9.114)
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Fig. 9.2 Influence of linear wing twist on pitching moment coefficient with respect to the wing

aerodynamic center (DATCOM 1978)

The c,, ,can be taken from airfoil catalogues, like Abbot 1959:; if the data is unavailable, such

it is our case, a value of -0.1 is a good assumption.

The Ac,, value for slotted flaps is given by:

Acy =AC, pmed .(_xAc _Fer (C_D (9.1.15)

Cvuc Cymuc \ €

X .
The —<£- parameter has the value of 0.44 and represents the position of the center of pressure
Crmac

CP in relation to the length of the aerodynamic center.

For the Ac; ;... Which represents the increase in the maximum lift coefficient of the airfoil,

due to flap extension, we have already estimated a value in the High Lift Devices chapter:

. o c .
AC; puppea =1.089 5 in the same chapter we also have an estimation for —, which has the value
. B

of 1.173. This information allows us to obtain the Ac,, value and the value of the pitching

moment coefficient:

Ac,, =1.089(0.25-0.44-1.173) = -0.2898 (9.1.16)
Cor o saped = —0.1-0.2898 = —0.3898 (9.1.17)

The pitching moment of the entire wing, as it is described by the formula (9.1.13) becomes:

12-cos*(3° - 7 /180%)

12 3 /1800)—0.001-(—30-7r/180°) =-0.359 (9.1.18)
+ COS T

Cyy = [—0.3898-
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We have to have in mind that after positioning the center of gravity of the aircraft and accord-
ingly adjusting the wing position, the lever arm of the horizontal and vertical tailplane
changes. By making a simple calculation having the distance from the nose until the leading
edge of the mean aerodynamic chord, the length of the fuselage and the position of 25% for
the aerodynamic centers for the wing and empennage, we obtain the following values:

L=l =, —1.5m=27.13-11-1.5=14.63m

(9.1.19)
L, =1, —x, e —1.3m=2713-11-1.7=14.43m
This allows us to calculate the a and b coefficients, and illustrate the linear variation:
a= C, = 1'4414 a3 - —0.4887 (9.1.20)
C, 1y —2 -0509—
’ Crrac 2.2345
C,»+C — _
poSww*Cur 20359702529 500 (9.1.21)
l, 14.63
C,yny- -0.5-0.9-
’ Cruic 2.2345

9.1.2 Sizing According to Stability Requirement
An aircraft is stable around the lateral axis if the gradient of the pitching moment over the an-

aCwM CcG . . ..
gle of attack, a—’, is negative and C,, ..(a = 0)is positive.
o ,

For sizing the empennage we choose the limit C), .; =0, indifferent stability, and rewrite the

equation:

S oe ) _—
0=C, . *Xc6-ac =Crom My '—H'(l ——j( i —XCG_AC] (9.1.22)
Sy oa ) \ ¢y

The condition for sizing the horizontal tailplane according to stability requirements becomes:

S_H — CL,(Z,W 'xCG,AC (9 1 23)
S o¢ [ o
" CL,a,H Ny '[l_aaj'(H_XCGACJ
Cymuc
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/
Because —~

>> X, 4c » WE Can assume that the variation is very close to a linear variation.
c
MAC

In order to obtain this equation, we need to estimate the parameters within. The lift-curve-
slope was also approached in the Wing Design chapter, having the value of C, ,,, =5.89.

In order to illustrate the straight variation of the non-dimensional area of the horizontal tail-

. . os
plane, we first need to estimate the downwash gradient, Fy
a

0 19 (Cra
5:4.44-[/@,-/«1-1@,- coscozs}m-% 9.1.24)

The factors from the formula have the following signification:

k ,, accounting for wing aspect ratio
ky=————5=—7—-——77=0.0981 (9.1.25)

k, , accounting for wing taper ratio

_10-32 _10-3-0.5927

k, - =1.1745 (9.1.26)
k,, , accounting for the position of the horizontal tailplane
- Zf 1_‘2?3‘2
- = =21 = 0.856 (9.1.27)

" \/21H \/2-14.63 -
3 3
b 27.32

The last term from the equation (9.1.24) represents the lift curve slopes for M=0 and M#0. In
the Wing Design chapter we have already calculated the lift curve slope, in cruise conditions,
using the formula:

c - 271 A
Le ™ 2 2 2
2+ A (1+tan’ gy, — M>) +4

(9.1.28)

For M=0, the lift curve slope becomes:
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C,,= 2712 =5.323 (9.1.29)
2+4/12°(1+0-0)+ 4
2712

C, . =
S e 1220+0-0.1917) +4

=5.406 (9.1.30)

(Cra), 5406
(Ca),,, 5323

tion, we obtain the downwash gradient:

This gives the value of: =1.015. When inserting the results into the equa-

1.19
2—5 = 4.44-[0.09811.1745-0.856~\/cos(30 -7z/180°)] -1.015=0.286  (9.1.31)
a
The C, , ,, can be approximated with the same formula (9.1.28):

c - 2r A, B 2r-6
La ™ 2 2 g2 h 2 _ 2
244, I+ tan’ @y, —M?)+4 2467 (1+0-1.191%) +4

= 4.586 (9.1.32)

The linear variation of the area, summed by the equation: S}, /S,, =a-x.;_,. , has the follow-

ing slope, which should be positive:

C
a= Lall = >89 Tea ~ 0305 (0.1.33)
C,.m,- 198 4.586-0.9-(1—0.286)-[ ' j
vatt T\ P50 ) e 2.2345

9.1.3 Conclusions - Horizontal Tailplane

The two equations we determined represent the boundaries for the horizontal tailplane area:
equation (9.1.9) is the control boundary and equation (9.1.23), with the respective simplifica-
tion, is the stability boundary. However, for obtaining these equations, we assumed a case
situated on the limit of stability, which means we have to consider a safety margin when de-
termining the minimum area for the horizontal tail.

In chapter 10 we established the location of the CG between the range of 14%-27% of the
mean aerodynamic chord. According to the diagram from Fig. 9.3, this range requires a
minimum area for the tail.
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The static margin is a percentage from the mean aerodynamic chord; for regional turbopropel-
lers the value is 5% of mean aerodynamic chord.

The pitching moment coefficient is given by:
0 CM,CG

C. =
Mo o

=-C, , - (static margin) =-C, , -5%-c,,, =—5.89-0.05-2.2345 = 0.658

As we calculated in the CG chapter, the position of the center of gravity, relative to the mean

aerodynamic chord is: *co.uemc ~Xac _ 0.5586—-0.25=0.3086

Crpac
When we read the corresponding value on the resulting diagram, taking into account also the

safety margin of 5%, we obtain the value of g—” =0.156= 5, =0.156-62.187 =9.701m’ for

w

the horizontal tail area.

In chapter 7, we assumed a horizontal tailplane area of S, =10.756m" . If the difference be-
tween the two is greater than 10%, we should recalculate the m,, , and obtain a new position

of the CG. The difference is of 9.8%.

J\\ A
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~
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.._E 2 : ——Control

E 5 Range G

é ——static margin
%..5 in e i 5 15 ¢ 25
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£l
= ‘
s
oD

Center of Gravity

Fig. 9.3 Diagram to determine the minimum required relative horizontal tail area
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9.2  Vertical Tailplane Sizing

9.2.1 Sizing According to Control Requirement

The flight phase we should consider for dimensioning in our case is the case when one engine
fails during take-off. If one engine fails, the active engine produces the following moment:

T -P
Ny="T2.y, =T .y 9.2.1)
ng V'nE

In our case the number of engines is n, =2and y, is the distance between the failed engine

and the plane of symmetry of the aircratft.

The rudder has to produce a compensating moment, accounting also for the drag produced by
the failed engine:

N,+N, =N, (9.2.2)

The Np moment has a value of N, =0.25-N, (Scholz 2008) for propeller driven aircrafts
with variable pitch propeller.

The compensating moment is given by DATCOM 1978:

1 c .
Ny == pVye -8, | —=— (€6 )heory K Ky - Sy -1, (9.2.3)
2 (CL,5 )theory

According to JAR 25.149 (b): “Vyc is the calibrated airspeed, at which, when the critical en-
gine is suddenly made inoperative, it is possible to maintain control of the aeroplane with that
engine still inoperative, and maintain straight flight with an angle of bank of not more than

5 and JAR 25.149 (€): “Vmc may not exceed 1.2-Vs”.

When combining the equations, we obtain the required vertical tail area:

S, = Ne# Ny (9.2.4)
1 c ,
7pVMC2 “Op —=L2 '(CL,ﬁ)memy K -K, I,
2 (CL,(S )theory

The Ve , the minimum control speed with one engine inoperative, according to CS 25, is:
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Vie =1.2-Vg (9.2.5)
In the same time, the approach speed is V,,, =1.3-V; . This gives the result for the Vyc:
Vie =(1.3/1.2)-V ,,p =(1.3/1.2)-60.4 = 65.43m / s (9.2.6)

The moment produced by the engine is:

3
N, =P, 0T 205LM0W 5 e, — 412808 9.2.7)
V-n, 65.43m/s-2

This gives:

N,=0.25-N,=0.25-41280.8 =10320.2 (9.2.8)

The required rudder deflection should be no more than: &, <25°.

c . -
The term &, {%}(CL s )meory TEPTEsents the increase in lift Ac, ., because the rudder
L,5 /theory

is actually a plain flap and should be correspondingly calculated.
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Fig. 9.3 Parameters for the Vertical Tailplane Sizing (DATCOM 1978)
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The ¢ /¢ we assume to be not less than 30%, so that the rudder effectiveness would be suffi-

cient. With this value we can read a value of K =0.675 and the value of 4.52-1/rad for the
(€1.6)iheory » from Fig. 9.3.

For estimating the other coefficients we need the trailing edge angle for the airfoil, which is

NACA 0012: ¢, =13°; tan(%@E) =0.114. For a Reynolds number of 10°, we can read the

value of 0.9 for the _ Cta , which allows us to read a value of 0.85 for ‘Lo

CL,a )theory (CL 0 )theory

The K, factor accounts for the sweep; for estimating it we can use the formula (6.1.13) from

the High Lift Systems chapter. This gives the value of for a sweep angle of 25°, as we as-
sumed in chapter 8.

K, =(1-0.08cos” @y;)-cos™* p,s =[1-0.08cos’ (25" - 7/180°)]- cos®*(25° - 7/180°) = 0.862
(9.2.9)

We now have all the data for calculating the required empennage surface; we make the fol-
lowing observation: the ATR 72 is the stretched version of the ATR 42; the manufacturer
took into account for the stretched version the same type of configuration for the major com-
ponents like wing or empennage, so to keep under control the production costs; new configu-
rations would lead to a new design, so a new aircraft, and the costs would be correspondingly
much higher; if we calculate the vertical empennage area of the ATR 72 with the estimated
lever arm, this would lead to a smaller surface, which would not be sufficient to satisfy the
stability requirements; this means we have to consider for our calculations the lever arm of the
ATR 42, which is about 5 meters smaller; the 2w comes from the angular speed of the propel-
ler.

(41280.8+10320.2)-2- 7

S, =+ =14.085m (9.2.10)

5'1.225-65.432 -25°.7/180°-0.85-4.52-0.675-0.862-9.13
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9.2.2 Sizing According to Stability Requirement
We have to write the sum of the moments around the vertical axis:
Noe=N, +N.-L,-I, (9.2.11)
In the same time:
Neg=CyprB-q-Sy-b (9.2.12)
The Nris the moment reduced by the fuselage, and has a destabilizing effect:
Np=Cyyp-B-q-Sy-b (9.2.13)

The Ny is the wing moment and has a stabilizing effect if the wing has an aft sweep. The
sweep in our design case is very small, due to the fact that our aircraft flies at lower speeds:

Ny =Cy,w-B-q-Sy-b (9.2.14)

This is the reason for which the influence of the wing will be neglected.
The Ly is the transverse force caused by the vertical tailplane:

L,=Cysy-B-q-S, (9.2.15)

When introducing all the data in the equation (9.2.11) and dividing by f, ¢, S,, and b, we
can determine the non-dimensional area of the vertical tailplane, for matching the static stabil-
ity:

Sy _Cvp=Cupr b

v (9.2.16)
SW _CY,/;’,V lV

Roskam 11 1997 gives an assumption for the C, , factor that should be sufficient for the sta-

bility requirements:

Cy 4 20.001 L 0.0571 L (9.2.17)

deg rad
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The stability coefficient C,, , . can be calculated with DATCOM 1978 methods; this coeffi-

B.F
cient provides a yawing moment, N, caused by the sideslip angle f due to the aerodynamic
impact on the fuselage. The DATCOM 1978 method accounts for this interference:

360 1.2-d
CN,ﬂ,F = _E'kN 'kR,J : g -bi (9.2.18)
W

The ky factor for cylindrical fuselages has the following form:

ky = 0.01{0.27 20,168 1n (i)+ 0.416} —~0.0005 (9.2.19)

F F

The x, is the distance from the nose of the aircraft until the center of gravity, which is
xn=11.5586m. this gives the value of:

11.5586

k, =0.01-{ 0.27- 27.13
27.13

—0.168-In (WJ + 0.416} -0.0005=9.769-10" (9.2.20)

The kg has the following form:
ke, = 0.46-10g(1RT§J +1 (9.2.21)

The Reynolds number of the fuselage is calculated having as reference values the length of

the fuselage, the cruise speed and a kinematic viscosity of v =5.4603-107m’ /s :

Vew'ly _141.944-27.13

Re= ~—=7.05-10 (9.2.22)
v 5.4603-10
This gives the value of:
7

ky, =0.46-log (%j +1=1.85 (9.2.23)

The stability coefficient becomes:

2
Cypr =390 9 769.10.1.85. 2113277 _ 194 (9.2.24)
i 2z 62.187-27.32



125

The second coefficient we need to determine is C, ,, which accounts for a side force, 7,

caused by the sideslip £, due to the aerodynamic impact on the vertical fin. A simplified ver-
sion can be applied by means of DATCOM 1978:

Crpr=—(Co), (9.2.25)

B 2r A,
“ 2441+ tan’ gy, - M) +4

C, (9.2.26)

The new tan(psgy) for the vertical tailplane, calculated with the formula (5.11.3) from the
Wing Design chapter, is tan(gy,, ) =0.31.

The final result for the coefficient, when inserting all the additional values, becomes:

24 J1.62(1+0317 —0.44%) + 4
This gives: C, ,, =-2.228.

We are now able to obtain the non-dimensional area of the vertical tailplane:

S, _0.0571-(-0.124) 27.32

— =0.1539 (9.2.28)
Sy —(-2.228) 14.43
The area of the vertical tailplane becomes:
S, :(E—VJ-SW =0.1539-62.187 =9.57m’ (9.2.29)
w

For sizing the vertical empennage we have to choose between the area resulted from control
requirements and the one resulting from stability requirements; a safe sizing implies choosing

the larger area of the two, which is: S, =14.085m”.
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10 Landing Gear Conceptual Design and
Integration

The main functions of the landing gear are related to take-off, landing (by absorbing the
bumps and by breaking) and taxi (for allowing the aircraft to move on the ground); for cruise
the landing gear has to be retractable.

Our design case has a high wing; this makes the integration of the landing gear difficult. The
integration into the wing is completely inefficient; this means that large fairings are required
to integrate the landing gear into the fuselage. These fairings, however, bring an increase of
the drag, which is to be compensated by the high lift systems, for example.

10.1 Position of the Landing Gear

The position of the landing gear is strictly correlated with the CG aft position of the airplane,
in order to prevent tail tipping. Also, the side tipping has to be prevented by the wide width of
the gear, allowing the full envelope of ground maneuvers.

Because the wing is high-positioned the track of the landing gear will be limited which gives
a very low ground line and this means we have to pay a special attention to the tail clearance.
For the track the value of y, ., =4.10m corresponds to the real design.

The three parts of the landing gear form a triangle, like in Fig. 10.1. The position of the land-
ing gear relatively to the center of gravity has to insure that the airplane does not tip over the
lateral axis:

right maln gear
aircraft

center of gravity

turn over angle < 55°

left main gear

e
" nose gear
-
o
e
N

Fig. 10.1 Landing gear position, so to prevent lateral turn-over (Trahmer 2008)
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The distance between the nose gear and the nose of the fuselage is 1.75 m and the distance be-
tween the main gear and the fuselage aft part is 14.61 m. This gives the distance of:
X gn-rom =27.13=1.75-14.61=10.77m between the nose gear and the landing gear.

The tail clearance is controlled by means of two angles (Trahmer 2008):

static tail clearance angle: landing case, fully compressed damper
between 6-8°
extended tail clearance angle: take-off, fully extended damper
between 8-13°
chosen angles according to task: 8° for static clearance; 8° for extended clearance (Fig 10.2)

F]‘.’T nikch — - 2 ca HD

Fig. 10.2 Tail clearance and bank clearance angle (Trahmer 2008)

The ATR 72 has the following layout:

= . 13 degrees

-—175 1077

Fig. 10.3 Tail clearance during take-off, for the ATR 72

17 degrees

Fig. 10.4 Lateral clearance when one engine fails, for the ATR 72
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It is necessary to evaluate the CG location on the vertical axis of the aircraft. For this estima-
tion we use the same method as in chapter 8 (see Table 10.1):

Table 10.1 Estimation of the CG location over the vertical axis
Massgroup Mass [kg] CG [m] Mass-CG[kg'm]
Fuselage 3373.612 0.6 2024.1672
Nacelle 164.568 1.56 256.72608
Engines 1532.466 1.56 2390.64696
Systems 3113.865 -0.51 -1588.07115
Wing 3309.432 1.5 4964.148
Vertical Tail 178.607 0.55'h=1.265" 225.937855
Horizntal Tail 124.445 5.03 625.95835
Nose Gear 172.285 -1.38 -237.7533
Main Gear 787.044 -1.38 -1086.12072
Mog >'=12758325 |- D =7575.639
Zmi .z, 0.59378
Estimation of CG | cc ~ W

Turn over angle in x-axis direction

In order to prevent the tip over of the aircraft, the position of the main landing gear has to be
accordingly behind the CG, so that the angle between the vertical axis and the line meeting
the most aft position of the CG and the landing gear is not smaller than 15°, according to
Roskam I1. This angle is calculated with the following formula (10.1). The z, ,indicates the

length of the main gear, between the fuselage and the floor, when the aircraft is empty. In our
case z,, =0.7m.

xLG,M - xCG,most,qft

(10.77+1.75)-11.86
= arctan

=0473 <y, =27.1° (10.1
Zfu *+Zeg 0.7+0.59 Y. ( )

y, = arctan

19.25

27 1 degrees

Lf W4

e 1077

Fig. 10.5 Turn over angle in x-axis direction

According to Fig. 8.2, when / is the span of the vertical tail, with the value of 4.3m
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Turn over angle in y-axis direction

In order to prevent the airplane from rolling over when in a turn, when it is maneuvered on
ground, another angle has to be calculated. It is the angle from Fig. 10.1, which, according to
the international certification requirements, has to be less than 55°:

z, +ZzZ
fu TG “arctan— 0 1039 591 v, =33.862°(10.2)

ytrack ’ (‘xCG,mosl,aft - xNG) 4 1 ’ (1 186 - 1 75)
2-10.77

¥, = arctan

2 X6 N-LG.M

Nose landing gear load

The airplane has to be controllable also when an engine fails. The nose gear has to bear the
lateral load which is dependent on the relative position of the CG and the main landing gear.
The maximum load that the tires can generate is the vertical load multiplied by a friction coef-
ficient; so the distance between the main and nose gear has to be sufficient to provide enough
load on the nose gear, so that the airplane does not tip over when an engine fails (see Fig.
10.6).

]
0 nose gear yaw moment = NLG load x px b
* b ai NLG load = gross weight x a/b — engine pitch up moment
Fig. 10.6 Nose gear load drivers (Trahmer 2008)

Accordingly, the nose gear load is:

NLGload =23296.272kg -%— (=90825.03W -5 -i) =92901.58kg -W -s (10.3)
. m

The controllability on ground, when fast maneuvers are required, depends on the nose gear
lateral load multiplied by the wheel base, and not so much on the nose gear position.
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10.2 Choosing the Wheels

The load per wheel has to meet the airport capability of sustaining this load. In our case, it is
assumed that short range aircrafts use regional airports with weaker surfaces; an average of 20
tones per wheel, as a maximum, comes out from statistics (see Fig. 10.7).

number of main gear wheels
20

16

12

0 1 i 1 i T 1

0 100 200 300 400 500 600
MTOW [t]

Fig. 10.7 Empirical diagram of number of wheels vs MTOW (Trahmer 2008)

In our case, the maximum take-off weight is almost 23 tones, which means a number of two

wheels per each gear is suitable.

We can confront this assumption with Roskam 1V’s 1997 opinion, who gives the following
Table:

Type Wmo Main Gear Nose Gear
Dt)‘bt ZPmIWTO PSI n_. Dtxbt PnIWTO PSI Phe
1bs in.xin. in.xin.
Regional Turbo- 12,500 18x5.5 0.89 105 2 22x6,175 0.11 57 1
propeller Driven 21,000 24x7.25 0.9%0 85 2 18x5.5 0.10 65 2
Airplanes 26,000 36x11 0.92 40 1 20x7.5 0.08 40 1
44,000 30x9 0.93 107 2 23,4%6.5 0,07 717 2
Fig 10.8 Typical landing gear wheel data (Roskam 11 1997)

The weight of the ATR 72 in pounds is approximately 51000 lbs, which means at least the
values from the last row should be valid.
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10.3 Aircraft Classification Number (ACN)

The ACN is a number between 40 and 80 which is indicated in the manual of an aircraft and
in the manual of the airfield. The signification of this number is related to the impact of the
loads to the ground when an aircraft uses the runways of an airfield. This classification was
required due to the costly damage which aircrafts can produce when they frequently use the
runways or taxi routes. If the ACN of an aircraft is larger than the ACN of an airfield, the air-
craft needs a special approval to operate on the respective airfield. This number drives the
layout and sizing of the landing gear.

This parameter is calculated for two sorts of pavements: flexible surfaces (tarmac, asphalt)
and rigid surfaces like concrete; in this last case the tire pressure and size have no impact, the
damage in the case of rigid surfaces results from fatigue. The ACN is:

ACN = 2 xequivalent single wheel loading [ in tonnes] (10.3.1)

Torenbeek 1978 gives an estimation method for the ESWL (equivalent single wheel load):

“ The ESWL of a group of two or more wheels which are relatively close together, is equal to
the load of an isolated wheel, having the same inflation pressure, and causing the same
stresses in the runway material as those due to the group of wheels (...) a given loading,
spread over a number of contact areas, causes lower stresses in the runway material than
would be the case when the same load is concentrated on a single wheel”.

For dual wheel layouts, as it is our case, a typical reduction factor for a rigid type of pavement
is 4/3.

If for our design we would impose an minimum ACN number of 40, then the wheel loading

would be 20 tones, which is almost the maximum take-off weight; this means that the ATR
will be suitable for landing on even worse conditions, on not so well maintained airfields.

10.4 Breaking Capability and Free Fall Capability
The necessary breaking force is proportional with the weight of the aircraft:

breaking force = MTOW x g x0.8 =23.3tx9.8x0.8=182.672tf (10.4.1)
According to FAR regulations, when the systems fail and the power supply is interrupted, the

landing gear has to be capable to free fall, due to its weight and with the help of the dynamic
pressure; however, the dynamic pressure helps only if the gear retracts against the airflow, as
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it is the case for the nose gear of the ATR. The main gear also has to ensure a free fall in the
case of an emergency.

10.5 Integration of the landing gear

The ATR 72 is designed with a high wing, which means the landing gear has to be integrated
either into the fuselage or, as it is the case of Bombardier Dash 400, into the nacelle of the
engine. An advantage for the first variant is that a smaller track between the legs of the land-
ing gear is required, which allows the aircraft to land on narrow runways, but in the same time
this solution requires large fairings with large effects on drag increase. These effects have to
be compensated by, for example, a large area of the wing and proper high lift devices.

| 3D Aircraft View | 21 May 2008 | /

Fig. 10.9 Undercarriage fairings for the landing gear integration and wing fairings for wing inte-
gration designed with PRADO — 1 (Domingues 2008)
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Fig. 10.10 Undercarriage fairings for the landing gear integration and wing fairings for wing inte-
gration designed with PRADO — 2 (Domingues 2008)
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11 Drag Prediction

At this stage of our design a proper estimation of the drag allows us to verify if we have cor-
rectly estimated the flight performances of our aircraft. The required lift was a known parame-
ter, but once the configuration of the aircraft is designed, the drag and all its components must
be determined.

(11.1)

The equation (11.1) represents the polar of the aircraft. Practically the aerodynamic efficiency
of an aircraft can be expressed by the amount of drag which is produced by the aircraft for a
required lift at a given altitude and speed.

The drag has three sources:

e zero lift drag
e lift dependent drag
e Mach drag

We can ignore from the beginning the third form of drag, as it is not the case of our design;
our aircraft flies at lower speed, so no wave drag is produced.

11.1 Zero Lift Drag

Even if a body does not produce lift when moving through a fluid, the viscosity of the air pro-
duces drag. The zero lift drag depends on the surface and the quality of the surface moving
through the air, on the shape and on the air viscosity. Summing up, these effects give the fol-
lowing equation for the drag coefficient:

Cpo=2.C,-FF.-0.-8,., /S, (11.1.1)

The sign Z accounts for the parts of the aircraft which play an important role in estimating

the drag: wing, fuselage, empennage, nacelles and pylons, belly fairings, flap tracks, landing
gear, interference and parasitic drag.

With courtesy of Airbus, the influence of the various parts is showed in the next figure.
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The rest of the terms have the following signification:

C, friction coefficient
0. accounts for interference between the above mentioned parts
FF, form factor
S o /Sref wetted area is the area ‘touched’ by the airflow

=0

45 1
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35 1
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15 4
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V}’ v e L & ) =] d’f <]
& <l,-¢ & @YO Q‘T\QQ Q,\FQ’ J\\F’% &de' & &
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Fig. 11.1 Zero lift drag caused by various parts of a typical transport aircraft (Bottger 2008)

For estimating the zero lift drag, we have to first express the wetted areas for each component.
The reference area will be the wing area. The result would be:

Swet = Swet,F + Swet,W + Swet,V + nE : Swet,N + nE ’ Swet,pylons (1 112)

Fuselage

According to Torenbeek 1986, for a fuselage with a cylindrical middle part:

) 2/3 1 5 2/3 .
Swe,,F=7z-dF-lF-(1—/1—J (1+7J=ﬂ-2.77-27.13-(1—ﬁj (1+WJ=205.492m2(11.1.3)

F F
Wing

Torenbeek 1986:
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S =25 14025 (t/¢), A 22062187 140.25.0.18. L3 18-0-39 1159 304,
’ P 1+A4 1+0.59
(11.1.4)
where 7 =(t/c),/(t/c), =0.13/0.18=0.722 and A=c,/c, =0.59
Horizontal Tail
Torenbeek 1988:
Syernt =284y | 140.25-(¢/0), Jrr Ay = 2-10.756-(1+0.25-0.09-MJ =21.942m’
’ 1+ 4, 1+0.6
(11.1.5)
Vertical Tail
Torenbeek 1988:
1 . .7-0.
Soury =2-8S. | 1+0.25-(¢/c), Ao Ay =2-14.085- 1+O.25-0.12-w =28.92m’
’ P 1+ 4, 1+0.6
(11.1.6)
Nacelle
S, et nacatie = 18.802m” (11.1.7)
Fig. 11.2 Engine nacelle, calculated with PRADO, for estimating wetted area (Dielbandhoesing

2008)
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11.1.1 Calculating ¢, , for Each Component

According to (11.1.1) we need estimations for the friction coefficient C, , form factor FF

and interference factor Q. However, other components, like landing gear, antennas, doors, are

more difficult to calculate with exact formulas, therefore we include these influences in a new
term, as it is shown in (11.1.8).

n

C1D,O = Z Cf,c ' FFZ ’ Qc ' Swett,c / Sref + C + CD,L+P (1 1 1 8)

D,misc
c=1

For each component we have to calculate all the factors from the above formula:

Cf,laminar = 1 328/\/@

. 0.455 (11.1.9)
f ,turbulent (log Re)2.58 A (1 + 0.144'M2)0'65

The form factor has a different expression for each component and the interference factor
comes out from statistics.

Fuselage

C, r Estimation

The Reynolds number for the fuselage can be calculated having as reference values the cruise
speed, the length of the fuselage and the density of the air at cruise level. We have already
calculated this value in Empennage Sizing chapter , formula (9.2.22):

Re, =7.05-107 (11.1.10)

In a laminar flow, the friction coefficient, according to (11.1.9) is:

C, s =1:328/4/7.05-107 =1.582-10™ (11.1.11)

In a turbulent flow, the formula (11.1.9) contains the Mach number. If the Mach number is
smaller than 0.9, as it is our case, we need to calculate the cut-off Reynolds number with the
formula:

l 1.053
Re,, ., :38.21-(;J (11.1.12)
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Afterwards we have to compare the values obtained with the formulas (11.1.12) and
(11.1.10). If the resulting Re number, obtained with (11.1.12) is smaller then the initial Re

number, then we proceed with our calculations with the Re . The k factor accounts for the

cut—off
type of surface, and has a value of 0.00013 for polished metal surfaces.

This gives a smaller value, so we use the new Re value for further calculations:

27.13
0.00013

R

1.053
ecm_qﬁ»=38.21-( J =1.526-10’ (11.1.13)

we obtain the following:

c ~ 0.455
St (10g1.526-107)> - (1+0.144-0.447)°

=2.76-107 (11.1.14)

We assume for the fuselage that only 20% of the surface has a laminar flow, and the rest is
turbulent (Raymer 2006); the overall friction coefficient results to be:

C,r =20%C; Lpinarr T80%C  pyent. s = 0.2-1.582- 107%40.8:2.76-107° =2.24-10" (11.1.15)
FF, Estimation

DATCOM 1978:

60 (:/de)_,, 60 L2TA372.77) e (11.1.16)

(lo/dp) 400 (27.13/2.77) 400

Q Estimation

In the case of the fuselage this factor does not make sense; we talk about interference between
the fuselage and other components, but not the other way around. So this factor is 7.0 for the
fuselage.

Cp , Estimation
We have now all the data to make the C, , calculation, according to (11.1.1):

Cpor =Crp FFr-0p-Syur /S,y =2.24-107 1.088-1-205.492/62.187 =8.053-107 (11.1.17)

wett F
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Wing

C, ,, Estimation

The reference values for the Re number estimation are the mean aerodynamic chord of the
wing and the cruise speed. This gives:

Re, = Ver  Cuuic _ 141.944-2.2_3545 _5.809.10° (11.1.18)
v 5.4603-10
C, aminarw = 1.328/+/5.809-10° =5.51-107* (11.1.19)
1.053
Re,, ,, =382l 2.2345 =1.101-10° (11.1.20)
’ 0.00013
The Re,, ,, <Rewhich means we use the Re,,, . In our calculations.
0.455 -3
C = =4.314-10 11.1.21
Sourdlent W (1og 1,101-100)>% - (14 0.144-0.447)" ( )
C,yp =20%C juminarww +80%C  puieney = 0.2-5.51-107 +0.8-4.314-107 =3.561-107 (11.1.22)
FF,, Estimation

DATCOM 1978:

0.6 ! 018 0.28
FFW_|:1 - (cj 100(0”-[1.344\4 (cosg, )™ | (11.1.23)

t

x,1s the distance between the leading edge and the point on the chord where the maximum
thickness is achieved and ¢, is the corresponding sweep angle. The reference chord is the

mean aerodynamic chord, for which the maximum thickness is 14%. Our wing airfoil is a
modified NACA 43014 airfoil, with the maximum thickness situated at 15% of the chord.

This gives: x, =0.15.

4125-15 1-4
tang,, =tan @, ——| ———- = tan(3’

1800 100 1+0.59

)__ 10 1-0.597
Al 100 1+2

(11.1.24)
= @5 =2.509"

The form factor becomes:
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0.6 4 0.18 0 0)0-28
FF,, = l+m(0.l4)+100(0.14) -[1.34-0.44 -(0052.509 -7[/180) }:1.847(11.1.25)

QO Estimation
The value of the interference factor for a high wing with fairings is 1. (Scholz 2008)

C, , Estimation

Coow =Cry FFy Oy Sy /Sy =3.561-107 1.84-1:129.394/62.187 = 0.014 (11.1.26)

Horizontal Tail

C, , Estimation

This estimation is similar to the one for the wing, except that we use the mean aerodynamic

chord of the horizontal tail for calculating the Re number:

Re,, = e Cuc _ 141.943-2.839 40 1o (11.1.27)
. v 5.4603-107°
C i = 1:328//7.38-10° = 4.888-10” (11.1.28)
1.053
Re,, ,, =3821| =00 =1.417-10° (11.1.29)
" 0.00013

For further calculations we use Re,, . as it is smaller than the initial Re number.

c ~ 0.455
Joubdentt (160 1.417-100)%% - (140.144-0.44%)0

+80%C putent.r = 0.2-4.888-10* +0.8-4.118-107 =3.392-10°(11.1.31)

=4.118-107 (11.1.30)

f ,Jaminar,H

€,y =20%C

FF,, Estimation
DATCOM 1978:

We use the same formula as for the wing, having in mind that the horizontal empennage has a
NACA 0009 profile. The 4 digit series have, by default, the maximum thickness 30% of the
chord (0.3 chords) from the leading edge. This means that the position of the maximum thick-
ness is x, = 0.3, while the maximum thickness is 9% of the chord. Correspondingly the sweep

angle we need to calculate is ¢, .
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tan ¢y, = tan(8"- 180° 100 1+0.6

. 0
= @5 =7.531 (11.1.32)

a )_%{30—25_1—0.6}20'132

FF, :[1+%-0.O9+100-0.094}-[1.34-0.440‘18 (cos(7.531° -n/180°)°'28} ~1.368 (11.1.33)

QO Estimation
For the conventional empennages, the value is: Q,, =1.04 (Scholz 2008).

Cp , Estimation
Coont =Cr i FF Oy Souin 1S,y = 3.392:107-1.368-1.04-10.756/62.187 =8.347-107* (11.1.34)

Vertical Tail

C, , Estimation

Re, = Ver e _ 1‘5‘142:;‘;'1'()359 =3.611-10° (11.1.35)
1% . .
C ) raminary =1.328/4/3.611-10° = 6.989-10* (11.1.36)
1.053
Re,, ;= 38.21-(5(’)?)3?3} =6.675-10° (11.1.37)

Again, the cut-off Reynolds number is smaller, so we use it for further calculations.

c ~ 0.455
St (10g 6,675-10°) % - (14 0.144-0.447)6

+80%C puenty =0.2+6.989-107* +0.8-4.741-107 =3.933-107 (11.1.38)

=4.741-107 (11.1.37)

C,, =20%C

f ,laminar,V’

FF, Estimation
DATCOM 1978:

The airfoil for the vertical tail is NACA 0012. The position of the 12% maximum thickness is
also at 30% of the chord.
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tan ¢, = tan(25"- 180° 100 1+0.6

_ 0

% )_%[30—25.1—0.6}:0.458

FF, ={1+%-o.12+100-o.124}-[1.34-0.44‘“8 -(cos(24.607° -7r/180°)0'28]:1.419 (11.1.40)

Q Estimation
The value Q,, =1.04 (Scholz 2008) is also valid for the vertical tail.

Cp , Estimation
Cooy=Crpy FE, O, S, 1S, =3.933-107-1.419-1.04-14.085/62.187 =1.315-107 (11.1.41)

Engine nacelle

C, y Estimation
For calculating the Reynolds number we take into account as reference value the length of the
engine, which is approximately /, =3.3m, having in mind that the length of the engine is

2.134m. This gives:

Vee-ly 141.944.33

Re, = = 52603107 8.579-10° (11.1.42)
|4 . .
C; aminarn = 1.328/4/8.579-10° =4.534-107 (11.1.43)
3 3 1.053
Re,, s = 38.21~(0 0@3] =1.66-10° (11.1.44)
For further calculations we use Re,, -
0.455

=4.002-107 (11.1.45)

C. _
f ,turbulent,N (log 1 .66 . 106)2.58 . (1 + O. 144 . 0.442 )0465

C, v =20%C vy +80%C puieney = 0.2-4.534-107 +0.8-4.002-107 =3.292-107 (11.1.46)
FF, Estimation
Raymer 2006:

FF, =1+ 035 _1, 935 _ o9 (11.1.47)

(L,/dy)  (3.3/0.68)
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The diameter of the engine is 660mm; accordingly we have the nacelle diameter of 680mm.
QO Estimation
For engines situated directly on the wing or fuselage, as it is the case for our design, the value

of the interference factor is /.5.

C, , Estimation

CD,O,N =Cf,N'FFN'QN'S

wett N

/S, =3.292-107-1.072-1.5-18.802/62.187 =1.6-107 (11.1.48)

11.1.2 The Total Zero Lift Drag

The total zero lift drag is given by the sum of all components:

CD,O = CD,O,F + CD,O,W + CD,O,H + CD,O,V + 2C‘D,O,N

(11.1.49)
= (8.053+14+0.8347+1.315+2-1.6)-10" = 0.027403

We can graphically illustrate the zero lift drag, as it is in Fig. 11.1, but for the specific case of
the ATR 72:

0,016
0,014
0,012
0,01 M Fuselage
HWing
0,008 -
= Vertical tail
0,006 - W Horizontal Tail
m Nacelle
0,004 -
0,002 -
0 -
1

Fig. 11.3 Zero lift drag per component for the ATR 72
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11.2 Lift Dependant Drag

The lift dependent drag is the induced drag. A simple explanation of what causes the induced
drag is illustrated in Fig. 11.3:

Fig.11.4 The lift and drag on the ATR 72

In order to produce lift, the angle of attack is increased; as a consequence the air flow is di-
verted downward, and a change in the impulse of the aircraft takes place. In order for the im-
pulse to be conserved, a reaction force is created. This is the induced drag. The more the air-
flow is diverted, the higher the drag. This means it is more efficient to obtain lift by increasing

the wing span, rather than the angle of attack; the wing span plays an important role in creat-
2
ing induced drag. This is underlined in the parameter A, the aspect ratio, which is: 4 = 5

This influence can be noticed in the formula:

C,, = (11.2.1)

The Oswald factor accounts for the shape of the lift distribution; when equal to 1, the distribu-
tion is elliptic. Howe 2000 gives the following equation for subsonic and transonic flow:

- : 033 (11.2.2)
(1+0.12M°) 1+O-142+f(/1)14(10t/0)‘ +0.1(3N€+1)
| (cos ¢55)° (4+4)"
[(2)=0.005(1+1.5(2-0.6)*) (11.2.3)

N, is the number of engines situated on the wing.
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When calculating according to the formulas, we obtain the following results:

f(4)=0.005(1+1.5(0.59-0.6)" ) = 0.005 (11.2.4)

. : 033 =0.777 (11.2.5)
(14+0.12-0.44%) 41+ 0.142+0.005-12(10-0.14)~ N 0.1(3-2+1)
o O} (4+12)°F

If we consider in the calculations the C; obtained with the DATCOM method from the High
Lift Devices chapter, for a clean wing, the induced drag becomes:

2
o LI 064 (11.2.6)
T 212-077

In order to represent the polar of the aircraft, we have to keep C; as a parameter:

2

Cp=Cpy+ € 0y = 0.027403+0.034-C, (11.2.7)

w-A-e

The Polar of the ATR 72

g
6.5 L
3
L/Oma
35 /
L 2 /
0.5 i
_1 \
-15
-4
0 0s 1 15 2

DLy

Fig. 11.5 The polar of the ATR 72, representing equation (11.2.7), with calculated Oswald factor
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For cruise conditions, the lift coefficient is C, ., =0.81, as we estimated in the Preliminary

Sizing chapter. We can now calculate the corresponding value of C, from equation (11.2.7)

and obtain a new value for the lift-to-drag ratio:

(L/D)y =0.81/0.05=16.294 (11.2.8)
If we consider the statistical value of 0.85 instead of the calculated value of 0.77 for the
Oswald factor, then the coefficient of L* becomes ﬁ =0.031, and correspondingly,

the polar moves to the left, and the L/D becomes more realistic: L/ D = % =16.996~17.

The Polar of the ATR 72

7
v
DS(
\

0 0.5 1 15 2
DLy

Fig. 11.6 The polar of ATR 72 calculated with statistical Oswald factor
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12 Design Evaluation

In this chapter we will choose a method in order to carry out a cost analysis of our design.
This is an important aspect when it comes to selling an aircraft which has been not yet pro-
duced; in reality an aircraft is first sold and if a sufficient number of clients is found, the de-
velopment from the project status until the final product begins. Therefore the importance of a
correct evaluation of the costs is very high, as it brings high consequences on the profits.

Another important aspect is that the costs eventually drive the solutions the engineers choose,

and the costs are always the cross point between the project on the paper and the effective
production. Therefore an optimization of the parameters towards the costs is expected.

12.1 Different perspectives

The Aircraft Manufacturer has a different perspective over the costs than the Operator.
The first one divides the costs into fixed and variable costs, as we can notice in the next table:

Table 12.1 Fixed and variable costs from the Aircraft Manufacturer perspective (Scholz 2008)

Development and design:
engineer's services (in-house and contracted out), equip-
ping of development and design offices (computers);

Testing departments.
engineer's services, test setups (wind tunnel models, wind
tunnel operation)

Cooperation with suppliers

Analyzing reliability, maintainability, certification procedures

$1S00) PAXI]

Analyzing manufacturing methods

Construction of jigs and fixtures

Building prototypes (if necessary)

Flight testing and certification

Financing costs

Manufacturing support:
services connected with rectifying errors/faults, taking in-
to account customers' wishes, instruction manuals
Production costs:
wage costs, cost of materials, tool costs, quality assurance
costs, costs of purchased parts: auxiliary power unit
(APU), landing gear; ...
Flight testing with production planes and customer service

JIoINOBINUBA] 1JBIOITY 9} JO 9ANdddsIog

$1S0)) J[qeLIB A

Financing costs
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The costs estimation form the above mentioned point of view cannot really allow an optimiza-
tion of the parameters since even for the manufacturer, most of them derivate from assump-
tions in the simple methods; so if these parameters vary, we cannot make correct estimations
of how the costs will vary.

The perspective of the Operator has as consequence a large number of methods, brought up
by different authors, which deal with models, like shown in the next table:

Table 12.2 Models for cost analysis from the perspective of the operator

LCC | Life Cycle Costs - for military aircrafts

COO | Cost of Ownership - resulting only from ownership of the aircraft

DOC | Direct Operating Costs - only aircraft related costs

10C | Indirect Operating Costs - passenger related costs (complement of DOC)

J01e10dQ

TOC | Total Operating Costs - sum between DOC and IOC

oy} Jo aAndadsiog

COC | Cash Operating Costs - DOC without depreciation

From the perspective of the operator, the most widely accepted method is the DOC calcula-
tion. We choose the estimation of the DOC according to the Association of European Airlines
(AEA 1989 a for short and medium range aircrafts and b for long range aircrafts).

12.2 DOC Method According to AEA

The direct operating cost is a sum of other specific cots, as follows:

Croc = Cppp + Cpyp + Cpys + Cp +C +Co + Cryy (12.2.1)

The terms from the formula represent, correspondingly, the costs of:

Depreciation, C,,,

Interest, C,,,

Insurance, C,\

Fuel, C,

Maintenance (airframe C,, ,. and power plantC,, ,.)
Crew (cabin C ., and cockpitCe ., )

Fees and charges (landing fees C,;, ,,, ATC or navigation charges C,; ,,, ,» ground handling

CFEE,GND )




149

The AEA method takes into account all these costs, while other methods include only a part
of all this elemental costs.

In the calculations, we will consider the cost per one aircraft per one year, therefore the index
changes: C,,.=C

alc,a

12.3 Calculation of DOC Cost Elements

12.3.1 Depreciation

When an item is new, its value corresponds with the acquisition price, P, .. In the useful ser-

total *

vice time, n,,, , the value reduces. When the aircraft is sold, the corresponding price is the re-

sidual value, P This reduction in value is called depreciation:

residual *

Ptotal [1 - ”"Si‘h‘alj
Ptotal — Presidual — Pt”ml (1 2.3.1 )

Npep Npep

CDEP =

The total purchase price consists of:

delivery price: list price, discounts, surcharges for modifications, buyer furnished equipment
(BFE), the interest on construction progress payment

spares price.
o ) . . . B iivery US$
There are three possibilities to estimate the delivery price, accounting that: — =500 ,
Myro kg
. . Rlelivery US$ .
for short and medium aircrafts; ~ 860 for short to long range aircrafts and
Mog kg
P
ey — 265000US'$, also for short to long range aircrafts.
Rpyx
P,
Prtivery = delbvery My = SOOU—S$-23296.272kg =11648136US$ (12.3.2)
MTO kg
P
Pty = —L My ~ 500@-13231.874@ =11379411.64US$ (12.3.3)

Mo kg
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P,
= ey 5y = 265000US$ - 70 = 18550000US$ (12.3.4)
n

delivery —
PAX

The delivery price we choose is the medium value between the three:
P =13859182.55US$ = 13.85 mil US$.

delivery
The price of the spare parts is calculated as proportions from airframe and engines price:

P =kg o Py +kg pnp By (12.3.5)
The price of the engines, according to Jenkinson 1999Db is:

0.81 0.81 0.81
T : .
P, =293US$ (%) =293US$- (%) =293US$- (%j =606567.96US$(12.3.6)

The price of the airframe is:

PAF:P

delivery

—n, P, =13.85milUS$ —2-606567.96US$ =12646046.63 ~12.6milUS$ (12.3.7)

The resulting price of the spares is calculated with the values of: n,,, =14, k; ,. =0.10 and

ks » =0.30, according to the AEA 1989a method; the results are:

P, =0.10-12.6milUS$ +0.30-2-606567.96US$ =1628545.44US$ ~ 1.6milUS$ (12.3.8)

The total price of the aircraft becomes:

P

total —

P

delivery

+ P; =13.85milUS$ +1.6milUS$ =15487727.99 = 15.5milUS$ (12.3.9)

The value of Fesitar =0.10 in the AEA method. Accordingly, the depreciation cost is:

total

15.5(1-0.10
Cppp = % =995639.66US$ / year (12.3.10)

12.3.2 Interest
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We can assume that the price of a new aircraft is covered by outside sources, as it is actually
the case for larger aircrafts. The interest is calculated using an average interest rate, which in

the case of AEA method, has the value p, =0.0529.

Cpr =P, P =0.0529-15.5milUS$ = 732893.71USS$ / year (12.3.11)

total

12.3.3 Insurance

The insurance is calculated as a percentage of the aircraft price; the k,, has the value of

0.005 in the case of AEA method:

Cons = ks Prper, = 0.005-13.85milUS$ = 69295.91USS / year (12.3.12)

delivery

12.3.4 Fuel Costs

The fuel costs per year are given by:

Cp=n, Bm, (12.3.13)
n,, number of flights per year
Fr fuel price
my fuel consumed during one flight

The fuel mass consumed during one flight has to be recalculated, due to the fact that the range
is smaller than the one we used in the Preliminary Sizing Chapter. With the Breguet factor
calculated in chapter 3, B, =23021043.748m, the range between the departure and destina-

tion airport, according to the AEA method should be covered by a fuel mass that:
e assures a 5% fuel reserve
e an alternative airfield at a distance of 250NM could be reached

¢ 30 minutes flight in a holding pattern at 1500 ft with minimal drag

The range becomes:
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Scx =(0.5-R)-1.05+250NM - 1852m =1241x10°m (12.3.14)
NM
The fuel mission segment mass fraction, cruise, becomes:
Ser
My=e ™ =0948 (12.3.15)

The loiter time also changes, according to the AEA method: 7, =1800s . The new fuel friction
with the Breguet factor from Preliminary Sizing chapter of B, =162183.859s becomes:

tA'

My =€ ® =0.989 (12.3.16)
The new mission fuel fraction becomes:
M, =0.948-0.989-0.995-0.990-0.985-0.995 = 0.905 (12.3.17)

The fuel mass consumed during one flight becomes:
My =my,(1-M ;) =23296.272(1-0.905) = 2213kg (12.3.18)
The time necessary for one flight is:

_ Sex _ 1.24110°
7 V., 141.944.3.6

=2.42%hours (12.3.19)

The number of flights per year according to the AEA method is:

__ky _ 3750h 1180 (12.3.20)

n = = =
Yt 4k,  2429h+0.75

We can finally calculate the fuel costs per year, applying formula (12.3.13):

Cyp =n, ,P.m, =1180-0.91-2213 = 2376319.4US$ ~ 2.37milUS$/ year (12.3.21)
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12.3.5 Maintenance Cost

All the actions necessary for maintaining an aircraft in service reflect on two types of costs:
Cu. labor costs

Cy i material costs

The costs can be calculated per hour, and by multiplying with the flight time and number of
flights per year we obtain:

Cyy =ty Loy +Copay 1, (12.3.22)

If we differentiate between the maintenance of the airframe and the maintenance of the en-
gine, we obtain:

CM = ((tM,AF,f + tM,E,f )LM + CM,M,AF,f + CM,M,E,f )tfnt,a (12'3'23)

According to the AEA method for short range aircrafts, the equation for estimating the main-
tenance man hours per flight hour (MMH/FH), for the airframe is:

by =] 910% 6.7 - —320000ke (0.8n+0.68,)  (12.3.24)
T kg m,. +75000kg -
Copvrar.s :tl(4.2-10‘6 +2.2-10‘6%-tf)PAF (12.3.25)
,

The airframe mass is given by:

m,, =my, —mg, =13231.874-1532.46 =11699.414kg (12.3.26)
The value of m, ,,, comes from the CG estimation chapter.

The price of the airframe is:

P

AF

=P

delivery

—n,P, =~12.6milUS$ (12.3.27)

This gives the following results:

v ar.g :L 9'1075i'11700kg+6.7— 350000kg
T 2.4209h kg 11700+ 75000kg

(12.3.28)

j(O.Sh +0.68- 2.429h) =416 MMH /| FH
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b

] o1 .
Cotarars =5 43 (421107 +2.2:10°2.429)-12.6milUS$ = 49.688US$/ h (12.3.29)

For the engine AEA gives a method for propfans. The engine labor is divided in time depend-
ant labor and cycle dependant labor; the same dividing is valid for the engine material.

time dependent labor
L =0.172-R-k,-(1+ N)** (12.3.30)
k,=0.032n,+ K (12.3.31)

The L, is the time labor spent for the core. The n, is the number of compressor stages, which

for the PW 127F is 2, as it has two centrifugal impellers in series, each driven by its own tur-
bine and the K factor is (.64 for an engine with 3 shafts, like the PW 127 F; correspondingly
the k;, =0.032-2+0.64=0.704 .

L,=0.072R-B(1+N)** (12.3.32)
B= KD,P + Kn,B
K,,=04D/A+0.6

N (12.3.33)
A=8.5,] +0.9
3P+28

K,,=0.05P+0.6

The N represents the take-off power in 1000 SHP. Our PW engine has a 2750 SHP for take-
off with one engine, which means that N=2.75.

The R factor is the labor rate which has the value of 63US$/h.

The D is the propeller diameter, and the P is the number of propellers. The factor A has the
value of 4=2.978.

This gives he values
of:K,,=04-393/2978+0.6=1.128;K, , =0.05-6+0.6=0.9;B=1.128+0.9=2.028.

Te results for the labor time are:

L =0.172-63-0.704-(1+2.75)"* =13.34h (12.3.36)
L, =0.072-63USS$/hh-2.028(1+2.75)"* =16.08 (12.3.35)

cycle dependant labor
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L, =05-L =0.5-16.08=8.04h (12.2.36)
time dependant material
M, =2.16(1+ N)"*(k, + k) (12.2.37)
M, =0.56(1+N)"*-B (12.3.38)
k, = 0.4-(%}13 +0.4 (12.3.39)

The overall pressure ratio for our engine is, according to Jane’s 14.7., so the k, has the value

1.3
of k, = 04(13—07] +0.4=0.668 . The values obtained are:

M, =2.16(1+2.75)"%(0.668 +0.704) = 8.532/ (12.3.40)
M, =0.56(1+2.75)"-2.028 = 3.269% (12.3.41)

cycle dependent material

M, =05M,=05-3.269=157h (12.3.42)
M, =13-M,=13-8.532=11.09% (12.3.43)

The final direct engine maintenance cost is given by:

tf+1.3 tf+0.5
CM,E:nE (Lx+Mx)t—+(Lp+Mp)— 'kinf

;1025 t,+0.25 (12.3.44)
—2| (1334 +8.532) 22013 | 16.0843.260) 222005 | 65 190.9170US$/
2.429+0.25 2.429+0.25
The final value of the maintenance costs is:
C, = (tM’AF’fLM +CM,M’AFJ +CM,E)tfnt,a =(4.16-63+49.688+190.91)-2.429-1180 (12.3.45)

=1440785.74 ~1.44milUSS$ / year
The inflation rate was calculated with the formula:

ke = (14 ppe )™ = (1+0.033)"” =1.85 (12.3.46)
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where the p,,. has a value of 0.033, according to Al 1989 and n,, , is the year 1989, which
is the year of the AEA publication.

12.3.6 Staff Costs

The cockpit crew, n,,, is paid at a mean hourly rate, L, , and the cabin crew, n.,, at the rate

L

CA :
Ce = (neoLleo +ne Letyn, , (12.3.47)
The AEA method, for short and medium range aircrafts gives the following values:

L., =246.5USS/h
for each crew person
L., =81USS$/h

Nep =2 .
5 one cabin crew for each 35 passengers
n =
CA

The results are:

C. =(2-246.5+2-81)-(2.429+0.25)-1180 = 2070599.1 ~ 2.07milUS$ / year (12.3.48)

In the formula we used the block time, #, =¢, +0.254 ; according to AEA method the 15 min-

utes from the formula include 10 minutes of start-up and taxi-out and 5 minutes for taxi-in.

12.3.7 Fees and Charges

There are three types of charges:

landing fees
CFEE,LD = LDmMTOnt,akINF (12.3.49)

navigation fees

CFEE,NAV = kNAVR mMTOnt,akINF (12.3.50)
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ground handling fees
CFEE,GND = kGNDmPLnt,ak[NF (12.3.51)

The three factors are, according to the AEA method:

Table 12.3 Parameters for calculating Fees and Charges (AEA 1989a)

k,, [US$/kg] L {US$} koo [USS/ kg

P

0.0078 0.00414 0.10

The results are as follows:

Crpr 1p = 0.0078USS$ / kg -23296.272kg -1180-1.85 = 397346.28US$ / year

Cep yay = 0.00414 mlf/i_g -6TONM -[23296.272kg -1180-1.85 =925777.19USS$ / year (12.3.52)

Crpp.gvp = 0.10US$/ kg -6650kg -1180-1.85 =1454151.85US$/ year ~1.45milUSS$/ year
The total fees comprise of the sum:

Crir = Crer 1o+ Crpp way + Crpp.onp = 2777275.32USS / year = 2.77milUS$ / year (12.3.53)

12.4 Summing up DOC Contributions

The sum of the elements calculated above give the final DOC value:

Cproc =995639.66 +732893.71+69295.91+2376319.4+1440785.74+2070599.1+2777275.32
=10462808.84US$/ year ~10.5milUS$/ year

(12.3.54)

The graphic representation of the elemental costs is shown in the next figure:
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13.9% 9.52%
%
8.85% _ .. 0.66%
3.80%
22 71%
19.79%

13.77%

Fig. 12.1 DOC graphic representation

ODepreciation cost
Einterest cost
Olnsurance cost
OFuel cost
mMaintenance cost
O Staff cost
mLandingfee
OMavigationfee
mHandling fee
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13  Summary

The redesign process of the ATR 72 covered the envelope of all important parameters for de-
fining the aircraft in the preliminary phase.

These parameters are now compared with the data of the real aircraft (see Table 13.1).

Aircraft Components Redesign Original
Fuselage

Length 27.13m 27.166m
Diameter 2.77m 2.57m
Cabin length 19.25m 19.21m
Wing

Span 27.32m 27.05m
Surface 62.187m’ 61m’

Wing loading 374.317kg/m’ 373.77kg/m*
High lift devices Double slotted flap with slats | Double slotted flap
Horizontal Tail

Span 4.747m"

Surface 14.085m’ 11.73m’
Vertical Tail

Span 7.629m"

Surface 9.701m* 12.48m*
Other Parameters

Maximum take-off weight 23296.272kg 22800kg
Maximum operating empty weight | 13231.874kg 12950kg
Take-off power 4189.59kW 4102kW
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